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INTRODUCTION

This volume contains a functional description of the 1971 VOYAGER Flight Spacecraft concept

selected as the preferred design. The functional descriptions are divided into the following
sections:

I Mission Objectives and Design Criteria

II Design Characteristics and Restraints

III System Functional Descriptions

IV Subsystem Functional Descriptions

V Implementation Plan

In many areas, the Spacecraft design is essentially the same as that described in the Task A

final report. Where changes were made because of the change to Saturn V or for other

reasons, the rationale supporting the choice of the preferred approach is included in the

appropriate functional description.

We have used the same approach to systems engineering and configuration documentation

methods in Phase IA Task B as were used in the Task A work in order to make this report

compatible with the earlier work. As discussed in the Configuration Management Plan, we

have planned a program for an orderly transition to documentation specified for VOYAGER

beginning with Phase lB. As a part of that plan, we are suggesting that agreement be reached

with JPL, during Phase lB, as to the extent and type of documentation (e.g., functional flow

diagrams, requirements allocations, etc. ) that would best meet JPL's intent and needs.

Inputs from several subcontractors are included in this volume. The companies and areas

to which they contributed are:

Motorola Incorporated

Texas Instruments Inc.

Honeywell Incorporated

Ryan Aeronautic ai C omp_uiy

Aerojet General Corporation

Thiokol Chemical Corporation

The Marquardt Corporation

Bell Aerosystems

Rocket Research Corporation

Thomson Ramo Woolridge

Rocketdyne

m

m

m

m

Radio, Command

Telemetry, Data Storage

Guidance and Control

Solar Array Structure

Midcourse and Retropropulsion

Midcourse and Retropropulsion

Midcourse Propulsion

Midcourse Propulsion

Midcourse Propulsion

Midcourse Propulsion

Midcourse and Retropropulsion
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MISSION OBJECTIVES AND DESIGN CRITERIA

1.0 INTRODUCTION. The purpose of this document is briefly to restate the broad scope and

intent of the VOYAGER Program as understood by General Electric from study of the

'_OYAGER 1971 Preliminary Mission Description", dated 15 October 1965, with particular

emphasis on the 1971 Mars Spacecraft System portion of the Program. This document will

also indicate in general terms how this understanding of Program objectives influenced the

preferred spacecraft system selection described later in this report.

2.0 MISSION OBJECTIVES. The broad objective of the VOYAGER Program is to provide a

basic capability for scientific exploration of nearby planets of the solar system with instru-

mented, unmanned spacecraft able to fly-by, orbit, and/or land on these planets. The pri-

mary emphasis of this endeavor will be the discovery and characterization of extraterrestrial

life, with the goal of applying this knowledge to a better understanding of terrestrial life. A

further objective will be the extension of man's knowledge in other disciplines, including

physics, chemistry, geology and meteorology, and others; again with the goal of application

of such new knowledge.

The VOYAGER Program is currently planned to begin with the flight of an unmanned scientific

probe to orbit and land on the planet Mars, selected as the currently most promising harbor

of extraterrestrial life within this solar system. The first Mars flight will undertake a study

of the preconditions for life as we know it and provide the first opportunity for direct surface

measurements; both of which achievements will provide the basis for more sophisticated and

definitive life detection experiments in later opportunities.

The more specific objectives of the initial VOYAGER Mars mission are considered, in order

of priority, to be as follows:

Successful insertion of a Planetary Vehicle, composed of a Mars orbiter and an at-

mospheric entry capsule, into a useful orbit about Mars, with sufficient data return

to verify this achievement.

Successful separation, entry, and data return from a Flight Capsule to provide the

basis for development for later flights of capsules with more sophisticated capability.

Return of a large quantity of scientific data about Mars environment and surface,

including television pictures, from the Mars orbiter.

Development of a basic capability and experience with both flight and ground systems

to conduct further scientific planetary missions.

Return of scientific and engineering observations in interplanetary space during the
transit to Mars.

3.0 MISSION CONSTRAINTS.

3.1 Planetary Quarantine. The probability that Mars will be contaminated prior to the
calender year 2021 as a result of any single launch shall be less than 10 -4. Consideration

shall be given to the implications of this constraint upon the upper stage of the Launch Vehicle
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and adapters, Flight Capsulesterility, Planetary Vehicle orbits and aiming point, and all
emissions and ejecta from the Flight Spacecraft. An apportionment of this 10-4 probability
amongthe flight systems shall be madeto assure compliance of the SpaceVehicle with this
overall constraint.

3.2. Schedule. Because of the constraint placed upon the schedule by the immovable Mars

launch opportunities, the program schedule shall be devised to provide a minimum risk

within available funding of being able to launch during each selected Mars opportunity. The

implications of this restraint upon the state-of-the art employed in the Planetary Vehicle

design, as well as the uncertainties in development, fabrication, test and launching the Space

Vehicle shall all be considered.

3.3 Reliability. Because of the high cost of each Space Vehicle and the long time duration

required to complete a Mars mission, great emphasis must be placed upon the attainment of

the highest long-life reliability possible within the state of the art. Particular emphasis

shall be placed on simple and conservative design and a complete and integrated program of

component, subsystem, and system testing to increase reliability and assure mission

success.

Wherever possible, the VOYAGER design shall take advantage of flight equipment and tech-

niques developed on similar programs. Parts, materials, and processes which cannot

demonstrate a history of reliability shall not be used unless they are clearly necessary to

meet minimum system performance criteria.

Within the weight restraint, functional redundancy shall be used to provide full capability of

critical spacecraft functions to the greatest extent possible; useful, but possibly degraded,

performance shall be provided for all critical spacecraft functions. It shall be the clear

goal of the Flight Spacecraft design to assure that no single failure of an electronic piece

part or critical component will cause destruction of the Flight Spacecraft or complete loss of

mission capability.

All scientific instruments shall be designed to be as functionally independent of one another

as is practical so as to increase the assurance that a failure in one instrument or in equip-
ment common to several instruments shall have a minimum effect on the total amount of data

received. Failure isolation shall be provided for each science instrument to eliminate the

adverse effect of instrument failure on the remainder of the Spacecraft System.

3.4 Flexibility. After the initial Mars mission, it is anticipated that the VOYAGER Program

may include not only additional flights to Mars, but also the other planets, specifically in-

cluding Venus. This was kept in mind as the preferred-system-selection tradeoffs were

made. As a specific example, the selection of a deployed high-gain antenna for the 1971

Spacecraft System in lieu of a steered but non-deployed alternate not only provides certain

advantages for the Mars mission, but also entails less spacecraft design change in this area

when adapting the Spacecraft System to Venus missions, if this should later be desired.

3.5 Launch Constraints. One Space Vehicle will be launched from launch complex 39 at the

Kennedy Space Center during each selected Mars opportunity. This Space Vehicle is

2
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composed of a Saturn-5 Launch Vehicle and two identical Planetary Vehicles, each containing

a Flight Spacecraft and a Flight Capsule. The launch period for the 1971 VOYAGER Mars

mission will not be less than 45 days1 each of which will have a minimum firing window of
not less than two hours with launch azimuths between 60 ° E of North and 115 ° E of North.

After separation from the launch Vehicle, the Planetary Vehicles shall execute inflight

maneuvers to separate the Mars encounter dates by not less than ten days. The total weight

of each Planetary Vehicle and its adapter shall not be more than 22,000 pounds, to be ap-

portioned between the Capsule System and the Spacecraft System by JPL.

3.6 Communications. The design of the Planetary Vehicle shall be compatible with the DSN,

using DSIF receiving antennas operating at S-band; 210-foot transmitting and receiving an-

tennas will be available for the late transit period and for Mars orbitai operations.

4.0 DESIGN CRITERIA. The Flight Spacecraft for the 1971 VOYAGER Mars opportunity is

designed to the criteria described below.

4.1 Design Approach. The Flight Spacecraft is a fully attitude-stabilized device using the

Sun and Canopus as celestial references. The Flight Spacecraft operation is fully automatic

on a nominal mission sequence (i. e., in the absence of in-flight equipment failure) except

for the insertion by ground command of the information needed to perform thrusting maneu-

vers to correct the interplanetary trajectory to the desired aim point and/or improve the

Mars orbit achieved to the design nominals, and any instrument calibrations requiring

ground command. Performance of all trajectory corrections is automatic, with ground in-

hibit, after reception of the needed maneuver commands. The orbit-insertion maneuver does

not require ground command if the aim point and time of arrival are within design nominals.

The capsule separation maneuver is automatic, after ground enable, and does not require

transmission of quantitative commands for its execution if the Planetary Vehicle is in a

design-nominal Mars orbit.

4.2 Functional Requirements. The major functions performed by the Flight Spacecraft are:

a. Maintenance of a two-way communications link with earth, using fixed and steerable

antennas for transmission of telemetry data, command reception, and angle, dop-

pler and range tracking.

b. Support to the Flight Capsule by providing transportation to Mars orbit, and sup-

plying power, telemetry, and command handling until separation; and a high-data-

rate telemetry relay link between separation and impact, including provision of a

VHF receiving antenna.

c. Execution of propulsive maneuvers to correct the interplanetary trajectory to con-
form to a preselected aim point and arrival time.

d. Insertion of the Planetary Vehicle into a specified Mars orbit.

e. Execution of propulsive maneuvers to adjust the Mars orbital parameters to within

preselected design nominal values.

f. Orientation of the Flight Capsule to the specified celestial separation coordinates,

and initiation of the separation sequence.

3
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g° Support to the Flight Spacecraft science payload by supplying physical support and

fixed orientation, power, commands, data storage and a telemetry link to earth.

h. Measurement and transmission to earth of Flight Spacecraft engineering data.

5.0 COMPETING CHARACTERISTICS. For the VOYAGER Flight Spacecraft the relative

priorities of mission characteristics, in order of decreasing importance, are as follows:

a. The overall reliability of the Planetary Vehicle, as measured by the probability of

successfully performing, in at least a degraded mode, all of the functions listed in

Section 4.2 of this document.

b. The performance of all Spacecraft-System minimum requirements defined for the

VOYAGER Mars Mission.

c. Minimization of the cost of the Flight Spacecraft, both for the initial Mars opportu-

nity and the cost of subsequent modifications required for later VOYAGER missions.

The first of these objectives shall take reasonable priority over the second.

d. Maximization of the contribution of the initial VOYAGER Mars Flight Spacecraft to

subsequent VOYAGER Missions. This contribution is of two forms: first, return

of spacecraft engineering data which will permit needed design refinements or fault

correction to be incorporated into future vehicles ; and, second, a basic design that

is easily modified for later opportunities, including such altered requirements as

increased Flight Capsule weight and/or missions to targets other than Mars.

e. Increased spacecraft performance (e. g., telemetry data rate) for the initial

VOYAGER Mars opportunity.
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DESIGN CHARACTERISTICS AND CONSTRAINTS

1.0 GENERA L DESCRIPTION

1.1 Planetary Vehicle. The Planetary Vehicle comprises one Flight Capsule mounted to one

Flight Spacecraft. Two identical Planetary Vehicles are launched together on a single

Saturn-V Launch Vehicle. The Planetary Vehicles interface with the Launch Vehicle through

identical Planetary-Vehicle adapters which attach to points on the nose fairing. A general

arrangement of the major elements of the Space Vehicle is shown in Figure 1-1.

i. 2 Flight Spacecraft. The Flight Spacecraft comprises a spacecraft bus, a spacecraft

science payload and a spacecraft propulsion sybsystem. The spacecraft bus combines an

electronic equipment compartment, a cylindrical midsection and a fixed solar array. The

primary structure houses the retro-propulsion unit and supports a variety of functional e!e-

ments. The Flight-Spacecraft configuration is shown in Figure 1-2.

Sixteen equipment bays make up the electronic packaging section in which standardized mod-

ular assemblies are housed. Environmental control is provided by radiator plates and

thermally-controlled louvers. A portion of the spacecraft science payload will be located in
this section.

The selected solid-propellant orbit-insertion motor, tanks and ancillary equipment and the

midcourse/orbit-adjust units occupy the interior of the spacecraft bus. The midcourse/

orbit-adjust assemblies are located around the orbit insertion motor.

Two major articulated elements, the High-Gain Antenna (HGA) and the Planetary Scan Package

(PSP), are mounted to the solar-array structure. The HGA has a 7 1/2-foot diameter para-

bolic reflector which is deployed after transfer-orbit injection. The antenna is provided with

two degrees of freedom which provide full Earth coverage during the mission. The PSP is

designed to provide required fields of view for the science payload with the largest anticipated

(20-foot diameter) Flight Capsule attached. Once deployed, the PSP will track the planet,

utilizing two periodically-stepped gimbals and a servo-driven third gimbal.

A fixed medium-gain antenna is mounted on a blank panel of the solar-array structure. This

backup to the HGA can provide approximately half of the primary data rate for as long as

three weeks after encounter. The 400-mc relay antenna is a fixed turnstile-over-ground-

plane located in the vicinity of the +X-axis. Communication with the Flight Capsule will be

maintained by having the Spacecraft hold the separation attitude until capsule impact.

The Planetary Vehicle Adapter is attached at the periphery of the solar-array structure.

Separation is attained through gas-operated, piston-latch mechanisms which provide minimum

tip-off rates and reliable operation.

The preferred Spacecraft System design is fully automatic on a nominal mission, in accord-

ance with the JPL spacecraft specification. That is, if the Spacecraft were to be injected by

the Saturn V on a perfect Mars approach trajectory, it could, in the absence of component

failures, complete its scientific mission without intervention by ground command, except for
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the ground-enable specified before Flight-Capsule separation. For a mission in which tra-
jectory corrections are required, the neededdata about orientation andmagnitude of velocity
changesrequired are stored in the spacecraft by ground commandseveral hours before the
maneuver is to be performed. Thereafter, the maneuver, including return to celestial ref-
erences, is performed automatically by the Spacecraft, which is monitored on the ground so

that the maneuver sequence may be interrupted at any point by ground command. The Space-

craft is also automatic to a large degree in the sense of protecting itselffrom catastrophic

failure due to the malfunction of components. For example, failure of a midcourse engine to

fire, results in automatic shutdown of the opposing mate, avoiding uncontrollable tumbling of

the Spacecr_t.

In the design of the system, a deliberate effort has been made to favor control-and-sequencing

techniques that permit automatic operation over as wide a range of nominal orbits as reason-

ably possible without command updating of the stored sequence of events. For example,

while it would be possible to store all planet limb crossing times in the Computer and Se-

quencer for the selected orbit, in the preferred design this information is computed from the

PSP motions. Not only does this save many words of core storage, but it accommodates a

larger variation in orbital parameters without any need for ground-command updating of the

stored program. Similarly, Earth occultation is sensed by a Mars detector, bore-sighted

with the high-gain antenna, with similar benefit to stored program size and automatic oper-

ation over a range of orbits. These various techniques (storage, computing and sensing) are

combined in the preferred design to provide a high degree of automatic control with very

modest complexity of the flight hardware.

1.3 Flight Capsule. The Flight Capsule is designed to carry out the primary function of

conducting atmospheric and planetological experiments after release from the orbiting space-

craft. Upon entry, the capsule will gather vitalatmospheric information so that an analysis

of constituents and a state parameter profile may be obtained. Television pictures during

descent are planned. The capsule will be sufficientlyinstrumented so that a reconstruction

of its entry trajectory and vehicle motion is possible.

The Flight-Spacecraft/Flight-Capsule physical interface is a bolted field joint of mating

flanges located at the forward end of each Spacecraft. On the capsule side, the flange is the

terminus of an adapter section which is connected to the lower half of a two-piece biological

canister. The capsule is attached to the canister at the vehicle base; this joint serving as

the normal separation plane. Separation of the upper portion of the biological canister takes

place before Mars orbit insertion.

The tenuous Martian atmosphere dictates the use of high-drag aerodynamic shapes, as char-

aeterized by the blunted 60-degree, half-angle cone configuration. Capsule base diameter has
been taken to be 12 feet.

The one overriding constraint on the Planetqry Vehicle is the necessity of ensuring that Mars

is not contaminated by earth-borne microorganisms before the calendar year 2021 with a
probability of 10 -4 per single launch.
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The Flight Capsule constrains the selection of the Mars orbit and release point by limiting

the choice to those which concurrently satisfy tolerable entry conditions, landing near the

terminator, and acceptable communication distances. The selected 1 x 10,000 km orbit and

release point (true anomaly of 230 degrees) ensures entry angle-of-attack below 36 degrees

and required de-orbit velocities below 240 m/see. Landing at the evening terminator is

planned, with a maximum communication distance of approximately 1800 km.

2.0 SELECTION OF PREFERRED DESIGN. This section discusses the factors considered

in selecting the preferred system configuration, which includes the following features:

• Capsule located on shaded side

• Single PSP, mounted at the edge of the solar array, with two Canopus trackers pro-

viding full planet-viewing capability over the Mission life

• Propulsion system along longitudinal axis, nozzle sun-pointing

• Modular assembly concept

• Toroidal electronic equipment compartment, with 16 bays

• Fixed solar array, with 16 structural panels and a 32-side electrical arrangement

• 8olar-aspeet sensor for attitude verification

• Deployable and steerable high-gain antenna

These configuration guidelines were used in developing the spacecraft configuration best

suited to the various propulsion subsystems under consideration. After suitable spacecraft

configurations had been conceived for each propulsion candidate, they were evaluated against
the Mission Restraints and Competing Characteristics, the preferred system selection being

a solid-propellant orbit-injection engine and four monopropellant engines for midcourse and

orbit adjust. Figure 2-1 shows the preferred design selected. Since the propulsion decision
is covered in detail in Volume C of this report, it is not discussed here.

2.1 Capsule Placement. The first configuration question that had to be decided was whether

to put the Flight Capsule on the sunlit side, or the shaded side, of the Spacecraft. Two fac-

tors favor keeping the capsule on the shaded side of the Spacecraft, as in the Task A pre-

ferred design. First, from the spacecraft viewpoint it is desirable to keep the capsule on the
shaded side to avoid having to deploy the solar array out beyond the shadow east by the Flight-

Capsule dynamic envelope, specified as 20 feet in diameter. Such a deployment not only adds

complexity and risk of failure to the Spacecraft, but also increases the already large space-

craft inertias, with corresponding penalty in control-gas weight. Second, from the capsule

thermal-control standpoint, placement on the shaded side assures a simple and reliable de-

sign. All that is required is to minimize heat leaks from the capsule and to supply the losses

with heater power from the Spacecraft. Then, during maneuvers the insulation employed will

prevent excessive heat rise in the capsule when it is exposed to the sun.

A sunlit-side capsule position requires capsule thermal-control coatings that are stable in the

space environment, and careful balance of absorbing and radiating surfaces to assure a stable

capsule temper'lture. During maneuvers, thermal control of the capsule might require either
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thermal-control louvers to minimize heat loss from a shaded capsule, or else the drawing of

large amounts of heater power from the spacecraft batteries. Neither alternative is attrac-

tive. However, before placement on the shaded side could be selected for the preferred de-

sign it was necessary to meet the requirement that the 1)SP be able to view Mars over the

orbiter lifetime with the Flight Capsule in place.

2.2 PSP Location and Viewing. To achieve a flexible spacecraft to accommodate future

mission variations, it was decided to consider only those configurations which would permit

a full view of Mars, day or night, even though the spacecraft specification called for only

daylight-plus-near-terminator viewing. It was further decided that the preferred design con-

cept selected must be compatible with an orbit of any inclination or any eccentricity. It was

considered, however, that physical relocation of the PSP to different positions around the

spacecraft periphery for different opportunities, involving different orbit geometries, would

be acceptable. Several methods of achieving this system goal were considered:

Long PSP arm with capsule on shaded side

Capsule on sunlit side, short PSP boom

Sun-Mars Spacecraft reference coordinates in orbit

Dual PSP's or dual Canopus trackers

2.2.1 Long Booms. The preferred design in the Task A study took advantage of the nec-

essary absence of the capsule during the orbiting phase of the mission to mount the PSP on

a relatively short boom attached to the spacecraft body and looking through the space where

the lander had been carried. Application of this approach to the Task B system was precluded

by the requirement that the Spacecraft complete its mission successfully with the lander at-

tached. It was immediately evident that a single PSP mounted to a Sun-Canopus-oriented

Spacecraft would require a very long boom in order to view the planet over the entire 180-

day orbiter mission. Seasonal progression and orbit precession move the PSP scanning

plane, which is parallel to the orbit plane, until it intersects the capsule profile, unless the

PSP boom is very long. This is shown in Figure 2-2(B). Such a long boom was rejected at

once because of the problems of boom stowage, structural dynamics and unfavorable mass

properties. A first effort to solve this problem was to consider putting the capsule on the

sunlit side of the Spacecraft to avoid long booms for seeing the daylight side of Mars. This

did alleviate the situation, as shown in Figure 2-2(A). However, the necessity to deploy the

solar array completely, together with the still unfavorable mass properties, suggested a

search for better solutions to the PSP-viewing problem.

2.2.2 Sun-Mars Orientation. One concept considered in solving the PSP-viewing problem
was the use of a Sun-Mars orientation for the orbit phase of the mission. In this concept,

the Spacecraft would roll around the Sun-line to keep the PSP always on the Mars side of the

Spacecraft, the PSP requiring only a single motion to track the Mars local vertical. However,

the high-gain antenna would have to rotate at orbital rate to track the Earth; and the Canopus

tracker would have to be located outboard of the tracking gimbal to provide a fixed celestial

reference in order that the antenna angle be stepped as in the Task A design. This concept

has many attractive features, including:

* Fewest possible number of gimbals to achieve Sun-Mars-Earth pointing: four, as op-

posed to five in the Task A design. (Two of these can be servo-controlled, and two

periodically-stepped. )

8
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• Short PSP boom.

• Ability to handle any arbitrary orbit without spacecraft modification.

• Ability to maintain positive attitude stability during Sun or Canopus occulation with-

out using gyros.

• Possibility for simple and positive on-board attitude verification before maneuvers,

using the antenna-Canopus gimbal and the PSP gimbal to provide turn measurements.

This concept was considered briefly and dropped for three reasons. First, it is a radical

departure from the JPL spacecraft specification requirement for Sun-Canopus orientation,

which is a flight-proven interplanetary control concept. Second, in this concept the PSP ro-

tates about the local vertical - a nuisance for image-forming science instruments and a

major defect if line-scan instruments are contemplated. This problem is solvable, but not

without detailed integration with JPL on science requirements. Third, since no simple back-

up mode for the constantly rotating antenna gimbal was identified, a failure of this gimbal

would be a near-catastrophic mission failure, high-rate telemetry return being possible for

only a small fraction of each orbit.

2o 2.3 Two Canopus Trackers. It was also seen that two PSP's could be mounted on the top

(+Y) and bottom (-Y) edges of the solar array. Then, as the changing geometry required one

PSP to look through the capsule location, the other PSP would be in a position to view Mars

and continue the observations. This concept had the obvious disadvantage of excessive

weight and complexity. However, it was shortly recognized that this concept was equivalent
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to having one PSP andtwo Canopustrackers, and rolling the Spacecraft as required to avoid
any needfor the PSP to view through the capsuleposition. It canbe shownthat only one 180-
degree rotation of the Spacecraft is required to maintain PSPviewing capability for a six-
month mission. For the preferred orbit (1000Kx 10,000km and 60degrees inclination) a
location near the +Y axis at the edgeof the fixed solar array would provide the required
field-of-view for the PSPwith a short boom, even with the largest lander still in place.
View A of Figure 2-3 shows in perspective the surface generated during a 180-daymission
by the PSP boom which is erected normal to the orbit plane. Views B and C show the situa-
tion at 92days where further rotation of the boom would move the line-of-sight of the planet-
scanning science into the capsule, andhow a 180-degree rotation of the spacecraft would
permit the PSP to continue to maintain a clear view of the planet. A second Canopustracker
is provided on the Spacecraft to look along the +Y axis in order to provide roll reference
during this phaseof the orbiting mission.

In conclusion, the PSPlocation near the +Y axis with a short boom and with three degrees of
freedom (gimbals C, D and E, as in the Task A study), with a second Canopustracker on the
+Y axis, was selected as the preferred arrangement for this Task B study. After this solu-
tion to the PSP viewing problem was found, the decision to adopt a preferred configuration
with the capsuleon the shadedside was immediate.

2.3 Propulsion System Placement. After the capsule and PSP locations had been selected,

the next major element to place was the Propulsion system. This logically fits along the

vehicle longitudinal axis, with the exhaust nozzle pointing away from the Capsule. The lo-

cation has the advantages of being able easily to accommodate the axial center-of-gravity

movements associated with use of propellant and separation of the capsule, plus the feature

that the thrust loading associated with the orbit-insertion maneuver is in the same direction

as the major launch loads, permitting the same structure to fulfill both requirements. After

some brief consideration had been given to transverse engine locations, only disadvantages

were found for such an arrangement. Therefore, location of propulsion engines on the longi-

tudinal axis of the Planetary Vehicle was promptly adopted.

A related configuration guideline adopted was that the structural arrangement should permit

functional modularity. This means, for example, that it should be possible to assemble, test,

sterilize (if necessary), and install the Attitude Control cold-gas-jet subsystems as a unit.

In a similar manner, it was a configuration objective to provide a capability for handling the

electronic bays and Midcourse Propulsion system (as applicable) as separate modules in

assembly and test.

2.4 Electronic Compartment. The next major element of the Spacecraft considered for

placement was the electronic equipment. A very obvious arrangement is the use of a torus

around the propulsion system, as in the Task A design.

This arrangement has the advantages of minimizing Spacecraft length, of providing ready ac-

cess to all electronic compartments and including a large thermal radiating area close to

the equipment to be cooled. The use of a compact box arrangement might save some weight

in harnessing, but the balance of advantages lies with the torus arrangement. Therefore,

this was adopted for the preferred design.
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A study was made of the relative merits of having the electronic equipment compartments

structurally integrated as opposed to their being carried on the outside of a self-sufficient

structure. The advantage of the latter approach is that removal of compartments and/or

components is easier for the non-integrated approach. However, this approach was dropped

because it involves both a significant weight penalty and a thermal-control problem. The

next step was to move the electronics inside the spacecraft skin line, using the radiating

coverplate of the equipment bay as a shear panel to carry spacecraft loads. The individual

bay chassis were supported from the radiator-plate/shear-panel in this concept, preserving

most of the ease of access of the first approach. Ilowever, after the dynamics of this ar-

rangement had been studied, it appeared that the natural frequency of the equipment support

could not easily be made high enough to assure a good environment for the electronics.

Hence, it was considered necessary to bolt each bay chassis to the longerons to achieve the

desired dynamic stiffness. The resulting packaging concept is virtually identical to that of

the preferred design of Task A.

2.5 Number Of Sides. A related problem is selection of the number of sides for the space-
craft. The nominal diameter at which the electronic torus would be located is about ten feet

for all propulsion system alternatives; further, a structure of this diameter is needed to

meet the 120-inch Flight-Capsule interface diameter specified. To carry over the 12-sided

configuration of Task A to this greater diameter would make each electronic chassis too long

to provide adequate dynamic stiffness. Hence, it was deemed necessary to split each chassis

and provide a support point to a longeron in the middle of the span. This effectively makes

24 equipment bays, which can be treated as a circle (i. e., with uniform loading) better if

considered as a 24-sided figure than as a center-supported 12-sided figure. On the other

hand, the use of bays of the same size as in the Task A study yields a 16-sided spacecraft.

The choice of number of sides was essentially a choice between these two alternatives. Since

each of these had certain advantages, the study was carried to the point of preliminary pack-

aging layouts and harnessing studies, which led to the conclusion that a reasonable packaging

arrangement could be developed for either alternative. While excessive mixing of subsystems

with 24 sides was not found to be a problem, several subsystems were divided among many

bays, making subsystems testing more complex. Other main disadvantages of the 24-sided

configuration are: about a 50% increase in the number of system connectors (from 112 to

171); an increase in the number of thermal-control shutter assemblies; and a need to inte-

grate thermally two bays with a common radiator plate to provide adequate dissipation of

the heat from the 50-watt power amplifiers. The advantages of the 24-sided configuration

include: lighter, more easily handled, bay assemblies; shorter and stiffer electronic chassis;

and better structural load paths. The 24-bay arrangement required more fastners to hold

the electronics in place, but permitted easier replacement of any single bay. Because of the

larger number of system connectors and thermal control assemblies required by the 24-bay

arrangement, and considering the importance of reliability to the VOYAGER Program, the

system preference came out in favor of the 16 electronic bays.

Another aspect of the number of sides to the spacecraft that had to be considered was the

optimum number of panels for the solar array. Layouts of array panels were made for 16- ,

24- , and 32-panel configurations. The objective in these layouts was to obtain balanced

string lengths, uniform solar-cell submodule size, and maximum cell area within the avail-

able envelope. The 16-panel configuration evinced a serious loss of area in comparison with

12
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the 24- and 32-panel arrangements becausethe area loss for the fewer-sided figure made
impossible the inclusion of as many submodulesas neededwhile maintaining uniform string
length. The 24- and32-panel arrangements were similar in number of cells available, the
main difference being that the 32-panel arrangement put more cells in each series string,
yielding a higher array output voltage. Figure 2-4 illustrates the advantageof a 32-side ar-
rangementover oneof 16sides. Since this 32-sided module arrangement could be struc-
turally designedas a 16-panel configuration, the module arrangement of view A, Figure 2-4
was dropped from consideration, the choice then lying between the arrangement of View B,
Figure 2-4 and that of a 24-sided design.

Another major point considered was that the inclusion of a fixed mid-gain (Mariner-C) an-
tenna would eliminate 8.3% of the area (2panels) in the 24-panel arrangement, but only 6.2%
(2panels) of the 32-sided configuration. Hencemore array power would be available with
the panel design of View B. This point, together with the electronic-bay packagingconsider-
ations, led to the adoption of 16panels, with cells laid out to provide 32 electrical elements
as shownin view B, Figure 2-4.

2.6 Attitude Verification. The performance requirements of the Spacecraft System from the

VOYAGER 1971 Preliminary Mission Description include the capability of enabling the Mis-

sion Operation System to verify the attitude of the Planetary Vehicle when ready to launch

the Flight Capsule. Although it is not specifically required by this document for other man-

euvers, the receipt of attitude-verification telemetry from the Planetary Vehicle at the Mis-

sion Operations System would enchance confidence in proceeding with propulsive maneuvers.

A ,B,C, ETC CONNECTION OF MODULES

INTO STRINGS.

= SPACE WASTED BECAUSE

AN EVEN NUMBER OF

STANDARD MODULES

IS NEEDED

VIEW A VIEW B

--RADIUS FIXED BY

BUS DIAMETER
J

E--rjMODULEW,DT.FORS,X
PARALLEL 2-CM CELLS

D E

E F

E F

D E

C D

B C

A B

A

_ I PERIMETER i
- 16 -I

SD FIXED BY

ENVELOPE

PERIMETER

Figure 2-4. Arrangement for 32-Side Spacecraft
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Therefore, the ability readily to provide this information for every maneuverwithout com-
plex operational or hardware penalties was a strong criterion in evaluating methods of at-
titude verification. Several methods of attitude verification were studied. They include:

• Useof the steerable High GainAntenna
• Useof attitude-verification gyros
• Pre-maneuver systems confidence check
• Gimbaled Sunand/or Canopustrackers
• Solar-aspect sensor

2.6.1 Use of HGA. In the Task A study attitude-verification was obtained by prepositioning
the HGA so that in the maneuver attitude the beam would be received at Earth. If the beam

were not received, the vehicle was not at the right attitude, including roll angle, and the

maneuver had to be aborted and re-commanded. There are several disadvantages in this

approach:

a. There is a risk that the HGA might fail to deploy or point, thus precluding attitude

verification even though the trip and at least part of the orbiting mission could be

accomplished with the fixed back-up dish.

b. If it fails in maneuver attitude so as to be unable to illuminate Earth in cruise or

orbiting attitude, the return of major portions of scientific telemetry expected from

the mission would be jeopardized.

c. It offers only a coarse confirmation at best, with no monitoring of the progress of

the Planetary Vehicle through the turn sequence.

d. It adds to the command-data load when instructing the Planetary Vehicle to execute
a maneuver.

e. It lengthens and complicates the maneuver sequence, since a final roll turn must be

added to the two-turn maneuver sequence in order to point the HGA beam to Earth.

As the roll turn is being executed, the Planetary Vehicle must maintain thrust-axis

orientation by gyro reference, with no way of detecting the error accumulated.

Thus, it was deemed worthwhile to seek a better way to obtain attitude telemetry

from the Flight Spacecraft.

2.6.2 Additional Gyros. One of the first concepts considered was the use of a second set of

gyroscopes in addition to the three integrating rate gyros in the Attitude Control subsystem.

Angular displacement information from these gyros, operating independently of the Attitude

Control subsystem, would be obtained and telemetered to Earth, thus monitoring the progress

and final attitude of a turn sequence. This concept is not particularly attractive, because of

the weight and power penalty involved, unless a redundant gyro set has been provided for re-

liability reasons. In the preferred design recommended, redundant gyros are provided. Use

of these gyros for attitude verification was not adopted for several reasons. The most seri-

ous defect with this approach is that it provides ambiguous information. That is, if the

attitude-verification gyro set does not confirm that the maneuver was properly executed, it

may not be easy to determine whether the attitude-control gyros or the verification set are

giving erroneous results. The best move would be to abort the maneuver, return to cruise

14
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attitude, and accumulate telemetry data in order to decide which gyro set is reading incor-
rectly. Although this is acceptablefor most maneuvers, it is not possible for one vital
maneuver--orbit insertion--because there is only one time interval in the mission whenthis
maneuver can beperformed.

In addition to this very serious objection, there are several other disadvantages. If either
set of gyros should fail, attitude verification would not bepossible, becausethe redundant
gyros would be neededfor control purposes. Also, the attitude-verification means is subject
to the same systematic errors as is the control system; for example, uncertainty of starting
position in the control deadband. Finally, this technique is apt to be less reliable than an
alternate method, becausebothprimary and verification sensors are subject to the same
design-error failure modes.

2.6.3 Systems Confidence Check. Some enhancement of the confidence is correct maneuver-

ing can be made by executing a systems check prior to each maneuver. The Spacecraft

could be commanded to turn away from its celestial references and then turn back to them

under gyro control. The error read by the celestial reference at the end of the checkout

maneuver would be some measure of the operability of the Planetary Vehicle control system.

This concept was not adopted for the preferred design for several reasons:

a. It does not detect any control malfunctions during the actual maneuver.

b. It does not locate systematic but compensating errors in the controls.

c. It requires the addition of significant control-gas weight.

d. It reduces overall mission reliability by adding additional maneuvering events to the

flight sequence.

2.6.4 Gimbaled Celestial References. Turns about the Sun-line could be monitored by read-

ing the gimbal angle of a Canopus tracker pivoted to follow that star during roll turns. Sim-

ilarly, a turn away from the Sun could be monitored by reading the gimbal angle of a pivoted

Sun sensor. A combination of these two would permit complete and independent verification

of turn accuracy for a spacecraft maneuver. In the Sun/Mars-oriented concept described

._.'_1_.._, h_th............_f th_ gimbals reauired_ for this technique are available on the Spacecraft: the

Canopus sensor is outboard of the HGA pivot; and a Sun sensor could be installed on the PSF,

so that the deployed PSP could track a turn away from the Sun. Hence, this technique was

attractive for the Sun/Mars-oriented Spacecraft. However, after that concept was dropped,

as previously noted, this idea no longer seemed attractive because it requires extra gimbals
and controls.

2.6.5 Solar Aspect Sensor. Since an independent celestial reference and method of deter-

mining maneuver attitude was clearly desirable, passive solar sensors were considered. The

cruise Sun-sensor system was too specific in purpose and would not readily yield a uniformly

accurate signal for any angle. Therefore, a universal, digital Sun-angle sensor was sought.

The Adcole "Solar Aspect Sensor" admirably meets this requirement. It is developed, and

is being used by GE-MSD for the Gravity Gradient Test Satellite (GGTS) being built at Valley

Forge under Air Force contract; and in the NASA Advanced Technology Satellite, for which the

attitude-control and monitoring system is under development by GE at Valley Forge.
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In the basic sensor, shownin Figure 2-5, sunlight passes through a narrow entrance slit to
the interior of a quartz reticle block, and falls on a Gray-coded digital mask on the bottom
of the block. Below the mask designedto preclude ambiguoussignals is mounted a bank of
sevenphotocells. Individual photocells receive sunlight in accordancewith the angular as-
pect of the sun to theplane of the reticle. The Gray Codeis utilized becauseone andonly
one bit (i. e., photocell ON or OFF) is changedbetweenany two adjacent numbers. This
precludes catastrophic errors in angle determination, possible with conventional binary
coding, where several bits must changesign simultaneously, requiring almost perfect syn-
chronization. The binary signal (cells OFF or ON) is available to the spacecraft telemetry
system.

Two orthogonal slits are mountedon each sensor to define the solar angle along two axes.
The existing sensors have a view-angle of 128degrees. A seven-bit Gray-code mask pro-
vides a discrete digital signal for eachincrement of one degree;eight bits would double the
resolution.

Figure 2-5. Solar Aspect Sensor
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The proposed sensor will weighabout five poundsand will consumeonly one watt. For con-
venience in packagingand thermal control, and for looking around a large Flight Capsule,
eight sensors are mountedin four packageswith the cruise Sun-sensors on the outer perim-
eter of the solar array. Eachpackagecontainstwo sensors mountedback-to-back and look-
ing along the +Z and -Z directions.

This passive sensor, with its easily handleddigital output, light weight, low-power require-
ment, and its ability continuously to monitor the progress of the vehicle in yaw or pitch turns,
is selected for the attitude-verification task. Its output will be periodically sampled and
transmitted in the maneuver telemetry mode. It could also be used as a back-up for the
normal cruise sensor and, with additional circuitry, could provide a solar reference angle to
be used to bias the vehicle away from the Sunto point a high-gain antennawith seized gimbals
to Earth.

2.7 Deployed Antenna Versus Non-Deployed Antenna. The next major problem considered

was whether the HGA should be deployed on a boom, as in the Task A study, or kept non-

deployed. A HGA that remains rigidly oriented to the primary Flight Spacecraft structure

until after orbit-insertion burn, but is provided with two degrees of freedom to accommodate

changes in Earth cone and clock angles throughout the orbiting mission, is termed a non-

deployed antenna. If the HGA is to be made capable of continuously pointing toward Earth

throughout transit and in maneuver attitudes by the addition of a final roll turn to the man-

euver sequence, it must be deployed beyond the shroud envelope and must also have the same

two degrees of freedom to accommodate variations in Earth cone and clock angles throughout
the mission.

2.7.1 Advantages of Non-Deployed High-Gain Antenna. The non-deployed HGA has several
advantages, including:

a.

b.

The structure and gimbal mechanism may be lighter than that required for the de-

ployed HGA because the antenna can be rigidly attached at several points on the

Flight Spacecraft until after orbit insertion burn, thus distributing acceleration

loads to the maximum advantage. An additional weight advantage is realized be-

cause there is no deployment mechanism and boom to provide the view angles re-

quired by the deployed approach.

No additional back-up capability in the form of a fixed Mariner-C antenna is re-

quired. The non-deployed HGA would be fixed in encounter position before launch.

Unlatching of the structural attachment points and the two-degree-of-freedom gim-

bal would be accomplished only after orbit insertion. This can be delayed for 10
days after encounter, by which time seasonal progression would have moved the

Earth out of the HGA beam. If this release of the non-deployed HGA fails to occur,
the mission is unaffected until this time. Furthermore, the failed HGA can be

pointed toward Earth by biasing the orientation of the entire orbiting Spacecraft

about the Sun-line under gyro control. As the Earth-Sun cone angle changes, the

output of the solar array would begin to fall off, but full communication ability

could be maintained for two months after seizing of the gimbals.
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c. The non-deployedantennarequires less gimbal motion if=44 degrees) which may
eliminate the requirement for a rotating joint in the coaxial antennafeed. If so, this
would increase reliability.

d. Overall reliability of a non-deployedHGAis higher than that of onewhich must be
deployedbefore use, especially if the non-deployedone is launchedin encounter
position.

2.7.2. Disadvantagesof Non-Deployed High-Gain Antenna. The advantages of the non-

deployed concept are offset by these factors:

a. This HGA cannot be turned toward Earth for a large part of the trip in cruise atti-

tude; therefore, this convenient way of ensuring high data rates for recorder play-

back during the entire trip is unavailable, and another means of recorder playback
must be found. This would have to be done either by increasing normal cruise data

rates through the primary low-gain antenna, or else by not transmitting spacecraft

real-time data when it is necessary to play back a recorder containing either ma-

neuver or solar-flare data.

b. It is impossible to support the selected cruise data rate of 116 bps from launch to

encounter with 50 watts radiated from the primary low-gain antenna. During late

cruise an auxiliary antenna of about 10-db gain, oriented generally toward the earth,

would be required. Although this may be a simple fixed antenna, it is almost equiv-

alent to the fixed Mariner-C antenna in terms of weight, orientation, and switching

requirements. Hence, we have traded one fixed antenna for another, and the extra

antenna is not a very useful backup to the HGA in orbit.

c. The non-deployed HGA cannot be pointed to Earth at most maneuver attitudes even

if it were released before orbit insertion. Therefore, the ability to transmit high

data rates and to ensure two-way doppler tracking during mid-course engine burn is

non-existent.

d. The packaging requirements (i. e., encounter position within shroud envelope) of the

non-deployed HGA invariably placed the edge of the parabolic reflector near the lip

of the orbit-injection motor so that plume impingement appeared likely. It was not

possible to predict with any high degree of precision the thermal effect upon the

antenna. Hence, the effect of plume impingement becomes an intangible, but signif-

icant, disadvantage of this concept. The packaging requirements also caused a

shroud-length and launch-weight penalty. There is no straightforward, structurally

and thermally sound configuration that can accommodate both the orbit-injection

engine and the non-deployed HGA in encounter position without an increase in space-

craft bus length. This proved to be a significant and almost dominant factor in

making the decision.

e. The non-deployed HGA cannot be used to confirm the initial acquisition of the celes-

tial roll reference, Canopus, because it is not released. Even if it were, it could not

be pointed far enough to place Earth within the beam for launches that occur during

the early portion of the launch window. Moreover, if it were used this way, the

advantage in reliability over the deployed HGA would hardly be realized.
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f. The packaging requirements for the non-deployed HGA could not be satisfied without

shading a portion of the solar-cell array disposed in a disc about the orbit-injection

engine nozzle. Since the total available fixed-cell area is just enough for the mis-

sion requirements, shading by the HGA means that about 20 to 25% of the array area

would have to be provided in deployable solar paddles. This must, necessarily,

reduce the attainable reliability of the Planetary Vehicle power supply. This effect

offsets the reliability gained from not having to deploy the HGA. This penalty is

especially serious if array panels should shade a set of thermal radiation louvers

in the launch position. Although the reliability of pointing the HGA beam to Earth is

higher for the non-deployed installation than for the deployed one, system consider-

ations indicate that the deployed system has a higher overall probability of mission

success. The non-deployed HGA could not be included in the preferred configuration

unless it displaced or shaded about 25% of the solar array. Hence, deployable solar

paddles must be added in order to satisfy mission power requirements. If just

enough area is added, the reliability of attaining the design level of power is now less

than for an all-fixed array. To provide the same overall mission reliability in both

systems, the probability of deploying several hinged paddles must be equal to the

probability of deploying and actuating one (deployable) HGA. This requires the re-

lease and actuation system for each hinged paddle to be more reliable than the

mechanisms for the deployable HGA. This is, at best, unlikely. Alternately, the

equivalent reliability goal could be met by adding paddle area in excess of _ at lost

by shading by the non-deployed HGA. This is an unprofitable way to spend weight.

Overall, the Spacecraft with a deployed HGA was regarded as being at least as re-

liable as one with the non-deployed antenna.

2.7.3 Discussion Of Deployed HGA. The use of a deployed high-gain antenna offers a num-
ber of benefits:

a. An easy and reliable means of verifying Canopus acquisition at the start of the mis-
sion and after each maneuver.

b. Greatly reduced probability of rocket-exhaust-plume impingement damage.

c. A neat, compact Flight Spacecraft configuration that offsets some of the weight

penalty incurred by the depioymen_ tuncLlun...... t._y...... eav_"8'_ _°_. ...._._ ............ loncvfho ....

d. No solar-panel shading, thus allowing the use of a minimum-risk all-fixed array.

e. Maneuver-attitude verification as a back-up to the passive solar aspect sensor.

f. Increased back-up function in that the fixed Mariner-C antenna, not included with

the non-deployed HGA concept, can be used for any HGA failure.

The direct weight penalty for selecting the deployed over the non-deployed HGA is estimated

to be 26.5 pounds, of which approximately 22 pounds is for the deployment mechanism, and

about 4.5 pounds is for the fixed Mariner-C back-up antenna added to the Flight Spacecraft

System. However, this penalty is offset, for most of the spacecraft configurations studied,

by permitting a shorter structural arrangement. In addition, any direct weight penalty for
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the deployed HGA is further reduced by virtue of the shorter shroud permitted by the compact
Spacecraft configuration. This saving in escapeweight is as much as 700pounds in the lower
structural shroud.

2.7.4 Compromise Configuration. When consideration was given to the functional capabili-

ties of a deployed HGA that are not realizable with the non-deployed HGA, it was seen that

another alternative to deploying versus non-deploying of the 7-1/2-foot HGA is available. A

small, deployable, steerable, parabolic antenna of approxiamtely the gain and pattern of the

Mariner-C antenna, mounted on the edge of the solar array on a two-degree gimbal, would

provide all the transit functions, such as Canopus confirmation and recorder playback, and the

other advantages just described, that could be provided by the deployed HGA. The non-

deployed, limited-steering, HGA would be mounted in encounter position and could remain in

that position from the pad to post-orbit injection. Unfortunately, this compromise concept

did not resolve all the disadvantages of non-deployed systems such as solar-panel shading and

packaging problems. Since these two problem areas have such a significant effect on overall

system effectiveness and mission reliability, and because of the limited time, this concept

was rejected.

The conclusion reached was that the use of the deployed high-gain antenna would result in a

lighter and more reliable Spacecraft, and in greater operational flexibility. It was, there-

fore, selected for our preferred system.

2.7.5 Size Of High-Gain Antenna. The diameter of the parabolic reflector is a major con-

figuration factor. A 7-1/2-foot parabolic reflector was selected as the preferred design in

the Task A study on the basis of optimization of net gain after pointing losses when using

state-of-the-art attitude control. This diameter just clears the bottom of the full lander

envelope when deployed from its launch position in the preferred design without increasing

the overall length of either the Flight Spacecraft or the I__unch Vehicle shroud. Therefore,

it was carried over into the Task B design.
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3.0 TRAJECTORIES

3.1 Earth-Mars Trajectories. The selection of the Earth-Mars trajectories meets the
following requirements:

a. Launch azimuths of between 60 degrees and 115 degrees East of North.

b. Minimum launch period of 45 days.

c. Minimum daily launch window of two hours.

d. Type-I trajectories having a maximum vis-viva energy (C3) of 25 m2/sec 2.

e. Hyperbolic excess velocities at Mars less than 4.5 m/sec.

f. Declination of the Earth departure geocentric asymptote greater hhan 151 degrees.

g. Inclination of the heliocentric transfer plane to the ecliptic plane greater than
10.11 degree.

h. Insertion of the Flight Spacecraft into an areocentric orbit within view of Goldstone.

i. An Earth-orbit coast time of between 2 and 90 minutes.

j. A time-of-arrival separation of the two Planetary Vehicles of at least 10 days.

Further criteria used in the selection of the design trajectories are:

a. A launch period as long as possible consistent with other requirements and criteria.

b. The required Mars arrival separation of 10 days between the two Spacecraft to be

obtained by a velocity correction of 100 m/sec for each Spacecraft, applied at the

time of the first midcourse trajectory correction.

c. The propagation of injection and maneuver errors to be minimized.

d. The variation in Mars arrival geometry and arrival velocity to minimized.

e. The characteristic of the heliocentric trajectory and the satellite orbit to permit

insertion into the _t_ll.L_........ uL _"*,_""_',v._.._.... .......lr_,_ity in_r_ment of 1.9 km/sec, the Sun

and Canopus occultations during satellite orbit phase to be minimized, and the

science-viewing conditions during the satellite orbit phase to be such as to max-
imize th2 scientific data value.

The requirements are met and a good compromise is obtained among the various criteria

by trajectories having launch dates between 28 April and 28 June, and having an approach

velocity for the first Planetary Vehicle to arrive at Mars of 3.5 km/sec. These trajectories

result in an arrival date for the first vehicle of between 1 and 17 November 197 1, and of
between 11 and 27 November for the second vehicle.

3.2 Trajectory Corrections. Each Planetary Vehicle will nominally perform one trajectory
correction maneuver within 10 days after launch to correct for injection errors. Combined

with this maneuver, each Planetary Vehicle will be given a velocity change sufficient to

change its time of arrival at Mars by five days in order to obtain the required 10-days
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separation betweenarrival of the two Planetary Vehicles. The velocity changewill vary
betweenapproximately 50 m/sec for a 3 May 1971launch, and 100 m/sec for a 28 June
launch; the time-of-arrival adjustment is the predominant componentof velocity imparted
to the vehicle at the time of the first correction.

The propagation of maneuvererrors in both the impact parameter plane and in time of ar-
rival is greatest, andthe total maneuvervelocity changeis highest, for launches during the
latter part of the launchperiod. For this reason, the 28-June-launch/27-November-1971-
arrival trajectory is used for determining the maneuvererror. For this trajectory, three
trajectory corrections including a time-of-flight correction, 2.6-degree (3¢y)pointing error,
trajectory biasing andone percent (3a) velocity error, the three sigma value of the semi-
major and semi-minor axesof the dispersion ellipse in the impact parameter plane are 83km
and 49 km, respectively; the time of flight error is 25 seconds. This maneuver accuracy is
well within the required accuracy of the semi-major axis for the dispersion ellipse of 100km
(3a) and ± 1.0 minutes (3¢y).

3.3 Satellite Orbit. Except for those relating to the Flight Capsule de-orbit, the constraints

and criteria for the selection of the satellite orbit are the same as those defined in the Task A

Study Report (VB220FD101). To meet the capsule de-orbit requirements, it is necessary to

rotate the natural line of apsides at the time of orbit insertion, utilizing a maximum insertion

velocity change of 2.2 per second. A good compromise among all constraints and criteria

is an orbit having a periapsis altitude of 1000 km, an apoapsis altitude of 10,000 kin, an in-

clination to the Mars equator of 60 degrees, and a period of seven hours. This 60-degree

orbit is the one recommended for the 1971 mission from Planetary Vehicle considerations.

However, it was recognized that the Spacecraft design should be flexible enough to accom-

modate more demanding orbit conditions. Hence, the Spacecraft was designed to accommo-

date this same orbit at 40 degrees inclination. This lower inclination involves more Sun

and Canopus occultations, thus sizing the power system, setting life requirements for gyros,

and making the flight sequence more complex.

For the selected capsule de-orbit trajectory, and a capsule impact point 20 degrees from the

terminator and separation on the same day as the orbit insertion, the rotation of the line of

apsides varies between 11.5 and 34.1 degrees. These conditions will provide a capsule

impact within the required 30 degrees from the terminator if the capsule separation is de-

layed up to 10 days after orbit insertion. The minimum orbit insertion velocity varies be-

tween 1.66 and 1.90 km/sec. The selected orbit can be achieved for zero use of midcourse

trajectory correction fuel by a fixed impulse propulsion system sized to give 2.2 km/sec

if all of the midcourse correction fuel is used. Variations in impulse requirements due to

variation in arrival velocity and midcourse trajectory correction fuel use, are eliminated

by varying the impact parameter and hence the true anomaly of insertion into the satellite

orbit.

The selected orbit provides viewing of Mars between 10 and 50 degrees from the evening

terminator at a low altitude (as low as 1000 km) during the early part of the orbit phase, and

viewing of the morning terminator at a minimum altitude during the latter part of the six-

month orbit phase. Good viewing (Sun-orbiter-Mars angle greater than 150 degrees) for

color TV is provided for several months during the middle of the orbit phase. Also,
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occultation of Earth is obtainedduring the first month of the orbit phase, with occultation of
the Sunoccurring for less than a month of the six-month orbit phase, and occultation of
Canopusnot occurring until the last month or two of the orbit phase.

For a semi-major axis of the dispersion ellipse of 300kilometers measured in the impact
parameter plane, and a time of arrival uncertainty of ± 1.0 minute du2to orbit determination,
a semi-major axis of the dispersion ellipse of 100km andtime-of-arrival error of ± 1.0
minute due to trajectory correction maneuvererrors, a worst-case heliocentric trajectory,
and inclusion of orbit-insertion errors, the 3g-orbit parameter deviations are as follows:

Periapsis, ± 260 km or 26%from the nominal
Orbit inclination, ± 2 degrees
Line of apsides, 4.3 degrees
Orbital period, ± 1.3 hours

These orbit parameter deviations are well within the required ± 30%,± 2 degrees, and 10
degrees for periapsis altitude, orbit inclination, and line of apsides, respectively.

3.4 Orbit Trim. The allowed 100-m/sec orbit trim capability is not sufficient to correct

an orbit which has a maximum error in each orbit parameter as specified in the Preliminary

Mission Description: ± 30% periapsis altitude, ± 5 degrees inclination, and 10 degrees line

of apsides. However, it is to be expected that the actual orbit-trim capability will be be-

tween 200 and 250 m/sec because the expected velocity requirements for trajectory correc-

tion are less than the specified 200 m/sec.

As an example, a 1300 by 12,000-km altitude orbit can be corrected to the nominal orbit in

two maneuvers requiring a total velocity increment of 90 m/see. For the nominal orbit, a

line-of-apsides rotation of 10 degrees can be obtained with a velocity increment of 65 m/sec

if two maneuvers are made, while the inclination of the orbit plane can be changed by less

than four degrees when utilizing the full 100-m/sec specified capability. Combined ma-

neuvers to change th2 periapsis or apoapsis with changes in line-of-apsides or inclination

can be made. Provided that sufficient fuel is available to make the required orbit trim, the

deviation of the final orbit from the nominal orbit is within the accuracy of the DSIF orbit

determination capability. However, unless the propulsion system i_ sterilized, orbit trim

corrections should be made with the velocity change approximately opposite to the orbit

velocity so as to decrease the probability of propulsion products entering the Mars atmos-

phere and impacting the surface.

3.5 Capsule De-Orbit. The capsule is to be released 20 minutes before firing of the capsule

propulsion system, the magnitude of the capsule velocity increment for de-orbit is to be less

than 550 m/see, the minimum time between engine firing and capsule entry is to be greater

than 50 minutes, but less than 12 hours, the angle of attack at entry is to be less than 60

degrees, the entry angle is to be between vacuum graze and 20 degrees, separation and de-
orbit maneuvers are to be in view of Goldstone, and impact is to be between 15 and 30 degrees

of the terminator for a capsule release occurring between 3 and 10 days after orbit injection.

For the nominal de-orbit trajectory selected, the engine firing occurs at a true anomaly of

230 degrees, and entry at 330 degrees true anomaly of the satellite orbit. The direction of
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the velocity vector for a nominal satellite orbit and a 16-degree entry angle. For these
separation conditions the maximum changeof the Spacecraft from the Sun-line is 40 degrees;
therefore, the Spacecraft can maintain the separation attitude until after capsule impact
without requiring anexcessive battery capability. Entry will occur at 1.2 hours after engine
fiL-ingat a velocity of 4.3 kin/see and an angle of attack of less than 50degrees. The range
at entry is 1800kin, and at impact is dependenton the Mars atmospheric profile. The maxi-
mum line-of-sight variation betweenthe capsule and orbiter is also dependentuponthe atmos-
phere profile, varying between37 and 107degrees for a surface pressure of 4 to 10 rob.
Even if the surface pressu,'e were as high as 25 mb, the capsule would remain in view of the
orbiter through impact.

Evenwith a deviation of 19degrees of the line of apsides from nominal, and orbits ranging
from 700 by 8000to 1300by 13,000km altitude, the location of the capsule entry with respect
to the terminator canbe maintained constantwith a constantde-orbit velocity increment.
Assuming an orbit determination capability of 5 km (3g), a pointing error of two degrees, and
a velocity error of 3%(3g), the impact dispersion is only 245 km (3¢y)foL-an atmospheric
variation betweenthe VM3 and VM8 atmospheres.

For a separation velocity betweenthe capsule and orbiter of one m/sec and a 20-minute
wait betweenseparation and capsule engine firing, the line of sight betweencapsule and or-
biter is only 0. 576 degreeat the time of enginefiring. For the design dimensions of the
capsule and orbiter, this results in a 2.2-% probability that large capsule engine pieces, if
released, will strike the orbiter. By increasing the period betweenseparation and engine
firing to 30 minutes, the line of sight increases to 1.15 degrees andthe probability of par-
ticle impact becomesonly one-ninth of that for a 20-minute wait period.
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4.0 SPACECRAFT CONFIGURATION AND STRUCTURE

4.1 Location of Major Spacecraft Elements. Major elements of the Spacecraft influencing
the configuration are:

a. The spacecraft science and electronic equipment which is mounted in the 16-bay

upper equipment module as shown in Figure 4-1. Total packaging volume is 20.8

cubic feet.

b. A planet-scan platform, mounted on the solar-array support structure and deployed
after Mars orbit insertion.

c. A 7.5-foot diameter high-gain communications antenna mounted on the solar-array

support structure and deployed after orbit injection with its nodding axis parallel to

the X axis, and with a second axis parallel to the Y axis when in the zero-nod

position.

d. A medium-gain Mariner C-type fixed antenna mounted on the solar-array support

structure so that it can see Earth during the early part of the orbit phase.

e. A fixed primary low-gain antenna mounted off the fixed solar array on the -X axis

so that it can radiate a hemispherical pattern with its centerline 25 degrees off the

-Z axis. (Note: this antenna is also used for launch signals.)

f. A secondary low-gain antenna on a boom deployed from the solar array along the

+X axis.

g. A fixed relay turnstile antenna mounted on the solar-array structure along the

+X axis so that it can radiate a pattern with a centerline 40 degrees off the +Z axis.

h. Dual cold-gas reaction jets mounted on the edge of the solar-array structure for

pitch, roll and yaw control.

i. A magnetometer mounted at the end of the 3-inch diameter, 5-foot boom deployed

off the solar array between the +Y and -X axes.

; A f;varl _nllrl-nT'nn_llnnt_n_ine_ with thrust-vector control, mounted in the bus

structure with its thrust axis along the Z axis.

k. Four fixed monopropellant engines with thrust-vector control and tanks mounted in

the bus structure with their thrust axes parallel to the Z axis.

1. Attitude Control Sun sensors consisting of one primary assembly and four secondary

individual sensors, mounted on the solar-array structure.

m. Two Canopus sensors mounted on the bus structure aligned along the Y axis.

n. Eight solar-aspect sensors mounted on the edge of the solar-arr,-.y structure.

4.2 Spacecraft and Structure Configuration. The spacecraft structure and the basic arrange-

ment of equipment is shown in Figure 4-2. The Spacecraft Bus structure provides for the

overall mounting of equipment, and serves as the load-carrying medium between the capsule

and the Launch Vehicle shroud. The bus structural arrangement has been designed as two

separate module sections: (a) an upper bus module, Stations 49.25 to 101.25; and (b) a lower

25



CONTROL LOGIC

MODULE 4,_,,&6 _

PLAY BACKSEOUENCER _ TAPE RECORDERNO
STIFFENER

_AMUTATORNO i POWER SUPPLY

CO0,_TAT0_Se,JTAT0mc,..je,aTR,C:X_NONo23 _ TAPERECORDERNO 6

ELECTRONICSNO I
CONTROL /ELECT_N_ NO 2
STIFFENER

TApE RECORDER NOi

I
CONTROL LOGIC

PLAY

IFFENER-

POWER RECORDER NO 2 mm
TAPE RECORDER NO_.

PSP CONTROL
TLM REGISTERS

MA_N pUCK_JO_TO_ NO z

J
- 2 4KC rNVERTt_ NO I _.

v:

I
I

]



VC220SR101

Bay No.

I0

11

12

13

14

15

16

Assembly Function

1/3 POWER SUBSYSTEM - Battery No. 1;

Charge Regulator No. 1; Main Buck

Regulator No. 1; 2.4 Ke Inverter
No. 2, 3 ¢ No. 1

1/3 POWER SUBSYSTEM - Battery No. 2,

Charge Regulator No. 2; Main Buck

Regulator No. 2; 2.4 Kc Inverter No. 1;

3 _ Inverter No. 2

SCIENCE ELECTRONICS

SPARE

SCIENCE ELECTRONICS

SCIENCE DAE

1/2 DATA STORAGE SUBSYSTEM 3 ca.
Tape Recorders, 3 ca. CLM, 1 ea. PBS

1/2 DATA STORAGE SUBSYSTEM 3 ea.

Tape Recorders, 3 ea. CLM, 1 ea. PBS;
1 ca. Power Supply

RADIO SUBSYSTEM

COMMAND SUBSYSTEM Command Detectors,

Command Decoders, Command Access

Switch, Power Supply

1/2 RADIO SUBSYSTEM Transponders
No. 2 and 3

1/2 RADIO SUBSYSTEM 2 ea. TWT's, 1 ca.
Solid State Exciter, 1 ea. Diplexer

Assembly, 1 ea. Transponder

RELAY RADIO SUBSYSTEM

w_iv1_"u Ir_n _a_ SEQUENCER SUBS-fSTEi_

GUIDANCE AND CONTROL SUBSYSTEM

Integrating Gyro & Accelerometer Package,

A/C Electric, Auto Pilot Electr.

1/3 POWER SUBSYSTEM - BATTERY No. 3

Charge Regulator, PS&L, Pyro Controller,

Synchronizer, Charge Control

Total

*Weight estimate based on PIR 5200-JHC-008

Weight does not include harness trays, cabl[
**Power estimates based on PIR 5200-JHC-00_

represents worst case.

Figure 4-1. Equipment Arrangement Packages

within the Equipment Module
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(lb)

74

Power**

(Est)*

(Watts)

78.5

No. of System
Connections

8-10

Volumetric Efficiency

%

6O

74 17.3 8-10 60

45 33

45 33

55 30 8

55.5 18

60.5 12.2

18 8.2

30 20.2

26.6 15

43.3
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65.8

27.3
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35

28.4
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12 48
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4 79

4 44

l,J

13

10

112
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Figure 4-2. Spacecraft Structural Breakdown
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bus module extending from Station 0.00 to 49.25. The modules are joined by the production

break (at station 49.25), consisting of 32 tension bolts (two per longeron) designed to carry

axial and shear loads across the joint.

The upper bus module primarily contains the equipment bays, divided into 16 modular pack-

ages. In addition, the module serves as the primary mounting support for the forward

thrust-cone adapter to the modified Minuteman motor. The structure is designed as a 16-

sided polygon in the equipment support bays. It consists of longerons and shear-carrying

skin sections, the longerons serving to transmit axial loads through the section and also to

provide mounting support for the equipment modules. The equipment modules are designed

integrally with the structure to carry primary shear loads through thermal radiating cover

plates which provide heat dissipation and thermal control of the components. Thirty-two

structural load-carrying doors are provided adjacent to the equipment bays for ready access

to the main system harness and connectors.

The lower bus module serves as the mounting _ructure for the 190-square-foot fixed solar

array, the medium-gain and high-gain antennas, the relay antenna and the Planet Scan Plat-

form. The module also shrouds and houses the midcourse propulsion system, and the At-

titude Control subsystem together with the associated equipment.

The lower module structure (Stations 0.00 to 49.25) is designed as two separate submodule

sections for ease of assembly and installation of equipment. The lower portion, containing

the solar array and the antenna supports, provides an integral mounting structure for the

Attitude Control subsystem. This arrangement permits modular removal of this subsystem

without disassembly of interconnecting plumbing joints and fittings. The upper portion of

the module (MC/OA sub-module) provides for mounting and modular installation of the mid-

course propulsion system, which may be bench-assembled as a separate unit. The sub-

modular sections are joined by the production joint at Station 19.25.

The lower bus module is constructed as a cylindrical sheet-stringer-stiffened arrangement.

Primary shear is transferred through beaded shear panels, and then through the solar array

honeycomb panels to the bus-adapter section. Sixteen diagonal truss members provide axial

load continuity for the lower bus module between the production break, at station 49.25, and
the adapter interface connection, at station 0.00.

The modular arrangement of equipment and structural sections described above offers a

high degree of space utilization,placement flexibilityand equipment accessibility. Also, it

provides parallel flow paths within the production and system-test cycles.

5.0 SPACECRAFT FUNCTIONAL RELATIONSHIPS

5.1 Functional Relationships. The System Functional Diagram (Figure 5-1) portrays the rela-

tionships among the various subsystems. Insofar as practical, all system signals which exercise

the various subsystems for nominal operation of the Spacecraft are shown. For a more detailed

description of the spacecraft events refer to the section on Flight Sequence (VC220FDl13).

Primary command source lines are shown. C&S commands which are backed up by the com-

mand decoder are indicated by asteriskes.
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5.2 Mass Properties. Table 5-1 presents a weight summary of the Planetary Vehicle.

TABLE 5-1. WEIGHT SUMMARY OF

THE PLANETARY VEHICLE

Description Weight (l_

Power

Computer and Sequencer

Guidance and Control

Radio (Includes Relay)

Telemetry

Command

Data Storage

Pyrotechnics

Temperature Control

Harnesses

Diagnostic

Structure

Science

Spacecraft Bus

Spacecraft Bus Margin

Total Spacecraft Bus

Space craft propulsion

Spacecraft propulsion M argln

Total Spacecraft propulsion

Total Flight Spacecraft

Flight Capsule (Includes Bio-Barrler)

Separated Overall Planetary Vehicle

Planetary Vehicle Adapter

planetary Vehicie Adapter Margin

Total Planetary Vehicle Adapter

Total pl_metary Vehicle Weight

Total MargIn %

473.2

35.0

313.3

188.3

16.6

29.9

116.6

11.9

144.8

117.4

9.0

45 7. O

400. O

2312.2

187.2

2500.0

11863.4

3136.6

15000.0

17500.0

3000.0

20500.0

113.3

1386.7

1500.0

22000. O

21K

The mass properties of the Planetary Vehicle

for the nominal capsule center-of-gravity
locations are shown in Table 5-2. A further

definitionof the mass properties can be found

in VC220FDl13, Layout and Configuration.

5-3. Electrical Interfaces

5.3.1 Power. The raw power from the

photovoltaic solar cells and batteries is con-

verted and distributed as square-wave, 2400-

cps, single-phase, 50Vrms; and 400-cps,

3-phase, 26V rms power.

Each subsystem using the primary power

distribution provides its own transformer-

rectifier for converting the a-c power to the

required voltages. The Radio Subsystem

converts the array/battery raw-bus power to

the appropriate voltages for operating the

power amplifiers. The array/battery raw-bus
power is available also for miscellaneous

loads such as solenoid valves and heaters.

TABLE 5-2o PLANETARY VEHICLE MASS PROPERTIES

Description

Prior to Orbit

Insertion

Prior to Cap-

sule Release

After Capsule

Release

Weight

0b)

15780

7322

4572

cgLocnilon Momen_ of lneMia"

_lug ft 2)

Z* [ X [ V %z _x %y
E

76.17 0.25 0.06 7577 17064 1719_

102.47 0.54 0.12 6997 14499 14093

I

42.47 1.83 2.61 3970 [ 3634 l 2781

*CG location with respect to Station 0

Produe_ of Inertia*

¢ghig f131

Wzx Wzy

3.2 59..5

-17. l 54.3

-30.6 - 90. O.

Wxy

80.3

80.2

299.1

5.3.2 Interface Signal Characteristics. These are shown in the VOYAGER Functional Block

Diagram, Figure 5-1.

5.3.3 Grounding Nets. Electrically conductive paths among equipment elements such as

chassis, housing, structure, earth-ground and circuit-common meet the requirements of the

"General Specification for the Performance and Design Requirements for the VOYAGER 1971

Spacecraft System" dated September 17, 1965. The locations of the common tie-points are
shown on the following page.

29



/E COMM_NDS >

VECOMMATWDS

E ONIOFF * _

_4ETE_ QN.'OPF

_JEZER ON/OfF *

IDATR ONJOFF

_II_L_A7L O

E d O_I"ROL O!V/INHIBI_T _ -

2MI/VATTO£> C_05SIAIG __ __

i
Y

S C IE_/CE

g
0._ T.&

&U T O lq_ TI OM

EOUI'PYiE iV T

. SC/E_CE COVE_'Qp_._V#L _

M_GIVETOMETE_ o DEPLOY" < _ PYQO
PSP OLP/OY" <j

F/EZD __'AT_F/c/E- ..,

TV I O_T_

TO

D#T_

]P 5c_,VNE_ )_ II_T°B/_GE

5PEC T_OME TE_

PI TCH, YAW ]

1.10C/¢_NNEL5|

__o_T IHSE_°TION k

I M_°c°u'qsE I.

i _urq_/LOrl

EA/A6LE 4UTOP/LOT..... <c_s

TQ Pt_OI%IL510_I 51#_TEM _ _0_.
YAW _ _/TCI4 ATETLJ,_I"0R5

_4 KE < _OwE_

JET VP,VE A_CT_A_TOR

vpl¢£

_ _ _ pOI4/ER

--- I "4_ I

CELEST/AL

__---_

ov/ c-_ZTK__UNC TIO_

oss o_ RE_)

LOC,/C

CONTROL

L/N� 7"

I _ELECTIOAI I
L u_/r t

I AT7"ITLIDE _OAIT_OL I

COLD G_5 JET

5U_ 5 Y5 TEll

I I

> LOW R'mTE _ECo_PE_ ON�OFF

cls L_LEp_ _

TL_ " S_'NC

_o_us l

_ EXPLOSIVE

_WIT_N TO IGP _I 0._2 _0_' S7G./NPIZT < ED

T{- M _ .... - -

i

DEPLOY 5E__--61t'41 ATN TENN/I "_
......... -- I

>__..DEPLOy H_AT_N_TO/4ETE*t _ -- i

__URA7 T/ON _u;8_ _ .... j !__ //JlTI_TE P_P DE_OYNEkT_ _ . - I
>_ ,e¢#._lE Oe4_IZ" SCIENCE c_v_ j

SWITCH TO _ECON_A_RY" J,_T,5 < PY_O

TO_'_/.IE TO 5P.4CEC:_RA'T .._

2.4 KC

_eC.ELF_O_4ETE_ PULSE_ :> _ _s

q

2. _ KC <I POWER

J/_/AI_EC_. D.'.

-_ CAP.SiJLE

.) _NTEHNA5

-- > S_:IEAICE

DATA

PRE_LIE/ZE M(_/CIA P_O/_ 2

b- #,P-;ssue/z£ /4cI04 __ P

• EN_-E #C/o_ Pk'OP_LZ_ ALOe/ l

.> I_ITI_TE 2 /_051TI(?/V V_LV_ ('P_OP)

>

,'NI T/A7TE ZM_i_]E4 c Y EA/_3MZ E 5EPAT_ "z;TlOW PY_

TO D._.

I PYRO TECWNIC 1

I ,_ECO_DE_O 5

I I_rJ__Y _io I

PECODER



VC220SR101

LC_ _>_ _#OMND PObJ_

EAI._BLE _ TT£#IE5

CH_GE k_

_EGUL_FO_5_

ZENE_

I_/O_ONZOCK5

b----_

F_OM R/_OlO

i
) d P_'OORA

/ 5_3/5Z

i

I 30 5_/5_

-P#OOUL_r_ CONTB(

1 ,e,"vR 5_.ECT i 5_/s£c

Figure 5-1. VOYAGER Functional

Block Diagram (Sheet 1 of 2)
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Frame Ground Net & SGP

Low Level Signal CGN
Radio CGN & SGP

Raw Power CGN & SGP

Distributed Power CGN & SGP

Pyrotechnic CGN & SGP

Science Subsystem CGN & SGP

Bay No.

12

9

12

1

I

16

6

5.3.4 Relays Versus Solid-State Switching. Solid-state circuitry is preferred for all power

and signal switching unless there is not sufficient life and reliability history for the designer

to have confidence in solid-state switching for a particular application.

Other examples of circuit applications which may require relays are:

a. Itigh-current switching.

b. Complex switching which requires multiple simultaneous contacts.

c. Where extreme circuit-isolation requirements exist.

d. W_ere it is easier to use a relay to meet the non-volatile toggle function require-

ments in case of a momentary loss of power during an inverter switchover.

5.3.5 Conventional Versus Flat Harness. It is planned to use the standard-wire conventional

system harness instead of a flat-ribbon-type cable, ttowever, the latter will be further in-

vestigated during Phase IB and will be given consideration for a system harness, at least in

areas where it can be implemented easily, if there appears to be enough weight-saving and if

the state-of-the-art for flat cables and connectors has advanced sufficiently.

5.3.(i Electromagnetic hlterference. The design of all spacecraft electronic equipments

shall be compatible with the electrical transients and the electromagnetic environment esti-

mated it, the VOYAGER Environmental Predictions Document. The electromagnetic radiation

generated by any of the spacecraft equipments shall be such that it does not interfere with any

other spacecraft equipment. All subsystem and system interface designs shall permit normal

operation of interface circuits in the presence of the specified electromagnetic environment

with a 6-db minimum performance margin.

6.0 TELECOMMUNICATIONS. The Telecommunications subsystem shall provide telemetry,

command and tracking functions compatible with the DSIF stations. Telemetry shall be pro-

vided for engineering data to support the operation of the vehicle, to provide diagnostic in-

formation and to transmit interplanetary science data throughout the entire mission. Capsule

data (about 1 bps) must be transmitted during cruise (100 bps during capsule checkout) and

the data stored during capsule orbital descent to impact must be relayed after capsule im-

pact. A data rate cat)ability of 116-1/3 bps is provided during launch and acquisition by a

3-watt transmitter on a fixed primary low-gain antenna coupled to a parasitic antenna on the

Launch Vehicle shroud. Real-time interplanetary science data must be transmitted after

acquisition at an average rate of at least 29 bps (the design goal of 58 bps is provided) and are

time-division-multiplexed with the engineering data. During maneuvers, the data are stored

for subsequent transmission. Selected engineering data are transmitted throughout the

32



,JER

FLIGHT

f_VcE_'_ EAPSL/LE

CRu/SE ?<_

C,WEOEOUT > STOPAO£

_U_IT/TATIVE x C fl_
_COM/W_qND5

• 5EP,_RATE _MG.,_ENCy" S/_ < Py_O

fWV T£N/VA TEA/VSF£_ 5 WI rc,q N_ 2 NO_M/_'Ek'. < CD

p_IIA_RY'LO_V 11 r'_COUP_ ° _SHROUD 14
G_I41ANTEN/V_ "4 v _NTEuVNA "_

_" _3RCi<'-/JP' t4£_. G,_//V

SECON#R&_/ .__VJ'

• L_RCK-L/P _NTENNR SW/TCH No._< CD

• l_/VTENN_ 7T_IV_FER .5_//TCN/JO I AIO_'AW/_.. < CD

• Po_/E_ _MPL/FIEE NO.Z O,V/O_F < CD

Z.4 _'C < PS_,'EP_

#£_Y/_TTEBY _RW 5L]5 < _OWE_

----- < CD

-< c ¢.5

___7 ALITOP/LOT

C_5> TOGGLE H/_H DATA #_7"E -_

) TOC, GLE LOW DATD _TE

POWER ) mlASz£e T/_4ER 2&_._ KC

F_O_ 5W TO DATA IAODE 3A *

EAP3ULE )

ALL SLI_'fSTEM_ >

L_ 5w TO D_TA _40DE d5W TO D_TE /40DE 5

_NALOG C_/ISE OA_T_

_NAL.OG ENGINEE,_/N6 DATA

ALL EL/B3Y3TEM__ > EVE#7D,47"A

C_S > £OLR_ _SPECT_IE.A]50_ _D_7"_

ALL 5LIL_SYSTEM5 > DIGITAL EAIGItJEE_INCw D_T_

_->DIGIT_ I Dine DATA

OAE _> CgUiSE SClEAiCE O.i_T_

C_PSdLE ._ DI Ol TR/ CA PSL/LmE L_RT/_

>

hIAAIEuyER _AT_ F

_) FIEL_ #PA_T/CLEmATAI_ "

> 7-v I _AT_ <

> I_ SCAAIAIE_ DATA l--

L> k

TLM > ,Sy/v_



VC220SR101

,cO,QM_ T

I ,qlD

CO/JVE,_'TE_D

-- EVENT

COI_J,'_I TE_s

I TFLEMETBy I

MODULATED

SUS-C_R_IE'R

TO ,_'AD I O

TO D/2T, O 5TO#_GE

TYPE ._

TYPE _

•_PE _ _----_

_

<

<

<

PLAYBACK _ I

SEQUENCE

CONY_OL(2)

,_4.A( R_D/O DAtA j

END BECO_DER L_MNCHHODE

ADVANCE MT# .4_gDA_ES5 _'_0/_I CD

P/_A_Y_ACK _T,_RT _ < c ¢5

TO TL /4

/41GN/LOW _ECO#DE_ BEADOLIT > EELAY _D/O

Figure 5-1. VOYAGER Functional

Block Diagram (Sheet 2 of 2)



VC220SR101

maneuver at 7-7/24 bps by a 50-watt transmitter and a secondary low-gain antenna. After
acquisition, transmission is via a second50-watt transmitter and a steerable 7-1/2 foot
parabolic reflector antenna. Any of the three transmitters may drive this high-gain antenna,
which also transmits the planet-scan science data which is required to exceedanaverage
rate of 580bps at the endof the six-month orbital mission. Data rates of 14933-1/3, 7566-
2/3 and 3733-1/3 bps are provided for transmitting this science data on a subcarrier separate
from that used for engineering-data transmission. The rate of 3733-1/3 bps may be main-
tained throughout the mission. As a backupto the steerable antenna, a non-deployed, fixed
medium-gain antennayields a high data-rate capability near encounter: 7466-2/3 bps may be
maintained for 20days after encounter, for a typical 1971encounter, 933-1/3 bps for 120
days.

Data storage by four mab_metic tape recorders is provided for the planet-scan science data.

A total capacity of 5 x 107 bits is required; a capability of 6 x 108 bits is provided including

two additional recorders which are used to store maneuver data and interplanetary science

data. Each recorder has 108 bits capacity, and canplayback at all the high data rates. The

planet-scan science recorders accept data at rates up to 50,000 bps. The maneuver recorder

accepts a rate of 116-2/3 normally, and the interchangeable interplanetary science recorder

accepts up to 15,000 bps during solar flares, or 58 bps during normal orbital operations.

During orbital operations, the recorders are readout in cascade at the high rates.

Both the telemetry and the command links employ PSK subcarriers which phase-modulate the

carrier. Phase-lock techniques are used to demodulate the carrier and the subcarriers, and

the data is matched-filter detected for efficient use of power. PN synchronization is used;

each telemetry subcarrier uses the JPL single-channel system; command uses the two-
channel system.

Command must be provided through low-gain antennas from launch through end of mission.

Command rates of 1/2 and 15 information bits per second are provided. Frequency-addressable

receivers are connected to each of the two low-gain antennas; another receiver on a third

frequency is connected to the high-gain antenna. Redundant 1/2-bps detectors are connected

to the two receivers on the low-gain antennas, while the 15-bps detector may be connected

by command to any receiver. Two decoders, which are selected by two bits in the com-

mand, are normally connected in series so that a false output from either will not cause a

false command. In the event of failure of one decoder, it may be bypassed. The command

system provides up to 246 discrete and quantitative commands. The probability of no re-
sponse of the command system at threshold meets its specification of less than 10 -4 . Simi-

larly, the bit-error-rate is less than 10 -5, and the probability of a false command is less
than 10 -8 .

Both range-rate tracking and turn-around ranging are required. The three command re-

ceivers and telemetry exciters in the form of a modified Mark I transponder may all be used
for tracking.

A 400-mc antenna is required to support the capsule relay link. A turnstile-above-ground

plane with a peak gain of 5-db and a 3-db beamwidth of 90 degrees is used. This antenna is

not deployed and is fixed to the Spacecraft so that it views the capsule during de-orbit and
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entry and atmospheric descentto impact. A gain margin in excess of 4 db abovethe speci-
fied minimum gain is achievedat impact for the range-of-view angles resulting from descent
through atmosphereswith surface pressures ranging from 5 to I0 millibars.

7.0 COMPUTER AND SEQUENCER. The Computer and Sequencer (C&S) is a cycled, spe-

cial-purpose, digital computer, which generates and distributes the necessary on-board

commands to make the VOYAGER Spacecraft automatic. Except for permission to separate

the capsule, the C&S obviates the need for any ground command provided that (a) the flight

is nominal (all systems are functioning as expected), and (b) trajectory corrections, tra-

jectory bias, instrument calibration and updating of time-dependent or trajectory-dependent

sequences are not required.

7.1 Sequenced Functions. The entire nominal flight sequence is pad-loaded into the C&S by

the Launch Complex Equipment (LCE). The nominal flight sequence includes all of the events

in the initial stabilization, cruise, orbit injection, capsule separation, orbit and occulation

modes. The sequencing of these events is carried out automatically by the C&S. All ele-

ments of contingency modes which can be identified prior to launch are pad-loaded into the

C&S by the LCE. Contingency modes include trajectory-adjust, orbit-adjust and back-up

modes. In the event the flight is not nominal, the Command Subsystem is used to modify the

sequences stored in the C&S. In the event that contingency modes are required, the com-

mand subsystem is used to load the missing elements of the required sequence into the C&S.

Thereafter, the sequencing of the contingency mode is carried out automatically by the C&S.

Certain events controlled by the C&S are based on functions other than time. Some examples

are given in the following sections.

7.2 Plaamtary-Science Sequencing and Cauopus-Occultation Sequencing. The sequencing of

these events is based on the arg_ament of the Spacecraft. It is assumed here that the Plane-

tary Scan Platform (PSP) is articulated in a manner described in Task A. In that arrange-

ment, the outboard gimbal of the science package rotates the package about the normal to the

orbit plane. The gimbal angle of the outboard gimbal is equivalent to the argument of the

Spacecraft referenced to the morning terminator. A measure of this gimbal angle is provided

to the C&S by the PSP. The sequencing of the planetary science and Canopus occultation is

based on discrete values of this angle.

7.3 Limb Sensing. Limb sensing is also based on the output of the outboard PSP gimbal. It

is assumed here that this gimbal is controlled by means of a horizon sensor. This horizon

sensor can be made to provide an indication of the planet half-angle. The PSP provides this

angle to the C&S. When the outboard gimbal angle of the PSP is equal to the planet half-angle,

the Spacecraft is at the morning limb. When the complement of the outboard gimbal angle is

equal to the planet half-angle, the Spacecraft is at the evening limb. Indications of these

limb passages are generated by the C&S and provided to the PSP.

7.4 Maneuver Attitude Verification. The C&S subsystem includes a 4 rr steradian digital Sun

sensor which is used to track maneuver turns. The output of this sensor is telemetered to

the ground where it is used to confirm maneuver attitude. Certain events in the Mission are

highly rcpetitive. The control of the high-gain-antenna orientation is an example. Another

example might be the control of one or more gimbals in the Planetary Scan platform.
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7.5 Antenna Control. The antenna gimbals are corrected 0.25 degree when the accumulated

error reaches 0. 125 degree. The program for controlling these angles is stored in the C&S.

The gimbal-angle time history is approximated by means of connected straight-line segments.

The error in the approximation is less than 0.25 degree. The time between 0.25-degree

changes in gimbal angle, appropriate to each line, is stored in the C&S. The C&S increments

the gimbal angle at the rate appropriate for the current line segment. This rate is changed
when a new line segment is encountered.

7.6 Critical Event. Certain C&S controlled events are highly critical to mission success.

Among these are maneuver turns, start solid engine, start and stop monopropellant engine,

separate capsule. For these events, neither false commands (command at the wrong time)

nor false dismissals (no command at the right time) can be tolerated. The C&S control of

these events is organized so that the number of piece parts involved in controlling each indi-
vidual event is minimized and no single piece-part failure can cause either a false command
or a false dismissal.

7.7 Semi-Critical Events. The remaining events that are controlled by the C&S have a les-

ser degree of criticality. If such an event were to be falsely dismissed, there is sufficient

time in the sequence to back-up the C&S with the command subsystem. Therefore, for the

remaining events controlled by the C&S, the C&S is organized so that no single piece-part
failure shall cause false commands.

7.8 Power Interruption. The implementation of the C&S is such that a temporary interrup-

tion of power will not cause a catastrophic loss of memory. The transformer-rectifier in

the C&S is designed to maintain its output voltage for a sufficient period of time to complete

a cycle in the C&S. Between cycles the state of all critical functions is maintained in non-

volatile devices. Thus, the consequence of a temporary power outage is that spacecraft

time is interrupted for the duration of the outage.

7.9 Flexibility. The C&S is designed to incorporate approximately 20% excess capacity over

and above that required to carry out the currently defined mission. This excess capacity is

in the form of 20% excess memory as well as 20% excess capacity in output functions.

7.10. Tes____.tt.The design of the C&S is such that the entire mission sequence can be cycled

out in four hours or less. This feature is included to facilitate C&S checkout and systems
cycling.

8.0 POWER. Raw power for the Spacecraft and the capsule is provided by a solar array
during periods of full or partial solar illumination and by batteries during periods of solar

array disorientation or peak power periods in excess of array capability.

The solar array consists of 15 panels which provide an effective solar cell area of 181 square

feet capable of supplying 650 watts at the end of the mission. The panels are arranged to

form an annular ring about the Spacecraft. Each panel contains four strings of 2 cm x 2 cm

N/P silicon solar cells; each string is arranged in a matrix of six cells in parallel by 123

cells in series. Each string is diode-isolated by a zener diode monoblock which limits upper
array voltage to 62 volts.
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Three batteries provide atotal capacity of 3240watt-hours. Two of the batteries are of the
silver-cadmium type rated at 20 ampere-hours each; the third battery is a silver-zinc type
rated at 50 ampere-hours. This combination has been selected becausethe mission needs
are characterized by a few, but deepbattery discharges, for whichthe silver-zinc battery is
adequate,up to the time of capsule separation; andthereafter, by many,but shallow discharges
during Martian solar occultations. The installed capacity permits the full loss of any single
battery. Eachbattery is charged through a separate regulator with options to remove charg-
ing or to adjust the charge voltage limit by command.

Power is distributed to theusers as unregulated dc or in several forms of regulated ac. The
characteristics of the available power from sevenbus sources are as given in Table 8-1.

TABLE 8-1. CHARACTERISTICSOF AVAILABLE POWER

Bus

A

B

C

D

E

F

G

Vnltage

32_50

volts

32-62

volts

50 volts

RMS

50 volts

RMS

26 volts

RMS

26 volts

RMS

28 volts

RMS

Frequency

DC

DC

2.4 KC, I _. square

wave *

2.4 KC, I $, square

wave*

400 cps, 3 _. stepped

square wave •

400 cps, 3_, stepped

square wave •

400 cps, 1

square wave *

Regulation (%) Max peak Power

Steady-State Transient (watts)

2000

2000

• 2 :e5 450

±2 ±5 C&D

combined

±5 *10 45

• 5 ±10 45

15 ±I0 15

•Frequency regulation-

Normal: _0.01%

Backup oscillator: ±1%

Free run: -4 to -6%

Max Average Power

(watts)

I0

350

300

C&D

combined

30

30

I0

Users

Misc. low duty cycle loads

Radio, caImute

All other

Spacecraft loads

Gyros

Gyros

Science

Notes

Capsule receives 200 u_ during

solar illumination periods only.

All a-c buses are supplied from redundant sources with automatic switchover capability in the

event of element failure. For the 2.4-kc power, which is the principal source of a-c power,

redundant buses are provided, permitting the use of redundant transformer-rectifiers for

critical loads.

Power-control switches are generally contained in the power subsystem for those cases where

the switching signal is derived externally to the user subsystem. This permits switch ele-

ments to be concentrated in one location, permitting optimum design to minimize magnetic

effects. Fault protection is provided for the capsule by combining an overcurrent sensor with

the capsule power control switch. In other cases, similar protection (fuses) is used

depending on load criticality, complexity and reliability.

The power subsystem has circuitry designed to prevent the possibility of a solar-array/

battery-sharing mode of operation during times when the array is capable of supplying the

total power. This is accomplished by comparing solar-array and battery voltages and ac-

cordingly withholding power from specific loads.
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The central clock and synchronizer for the Spacecraft is contained in the power subsystem.
It provides a 268.8-kc signal to the telemetry subsystem, 2.4-kc and 400-cps signals to the
power-systeminverters, and a 32-cps signal to the C&Ssubsystem. Frequency accuracy of
one part in a million provides the time base required. An oscillator with +1% frequency

accuracy is provided as a backup. Further backup is available from the free-run capability
of the 2.4-kc inverters.
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9.0 GUIDANCE AND CONTROL

9.1 Constraints. The Guidance and Control Subsystem shall provide the capability for three-

axis control of the Spacecraft to an accuracy of 12 mrad per axis during interplanetary and

orbit cruise. The nominal angular rate while in inertial control or locked on to the celestial

references shall be 0. 007 mrad/sec. The Spacecraft must be capable of being pointed in any

arbitrary inertial orientation during capsule separation or trajectory correction maneuvers,

and held to less than 2o5 degrees accuracy. The cg offset from the vehicle axis may be 0.5

inch at the end of the orbit-injection engine burn. The velocity uncertainty of propulsion
firings shall be less than one percent.

The attitude-control gas supply shall be sufficient for the complete mission even if one sole-

noid valve should stick in the open position or any other single leakage source should occur.

The control system will cause the Spacecraft automatically to reaquire the celestial references

if they are lost during the cruise or orbit phases°

9.2 Characteristics. The Guidance and Control Subsystem provides the capability for the
following:

a.

Do

Automatically acquiring and stabilizing the Spacecraft to the celestial references,

Sun and Can.pus.

Orienting the Spacecraft to a predetermined attitude for trajectory corrections,

capsule separation, and areocentric orbit injection.

The following subsystems are provided to fulfill the above functions:

ao Attitude Control

b. Autopilot

9o 2.1 Attitude Control Subsystem. Since the attitude-control function is similar to that re-

quired for Mariner C, the VOYAGER Attitude Control subsystem is similar to that of the

Mariner C, the differences being primarily in redundancy and choice of components for im-

proved or more accurate performance° Provision is also made for maintaining inertial con-

trol of only the pitch and yaw axes daring Sun occultations, and of the roll axis only, during

Can.pus occultation.

Attitude during cruise is three-axis stabilized by the processing of signals from the fine Sun

sensors and the Can.pus sensor, and the turning of the Spacecraft by a dual cold-gas expulsion

system. The attitude is maintained to an accuracy of 0.69 degree maximum with respect to
each spacecraft axis. The Spacecraft can be stabilized to the Sun in less than 20 minutes and

to Can.pus in less than 70 minutes; stabilization to the Sun is required before Can.pus acqui-

sition can be initiated. Reaequisition of the references and normal spacecraft attitude is

automatic whenever the Spacecraft is in normal control.

For maneuvers, the orientation of the Spacecraft is obtained by placing the Attitude Control

in the inertial-control mode mid torquing the gyros at a fixed rate for a pre-determined time.
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The cold-gas expulsion system reacts to the artificial error signal, causing the Spacecraft to

turn. The turn rate provided is +3.14 mrad/sec/sec with the addition of two minutes between

each turn for settling. The pointing error, including autopilot error, is less than 2.5 de-

grees for a nominal trajectory correction for capsule separation and for orbit injection. By

using temperature-controlled gyros_ the three-sigma gyro drift is held to less than 0.25 de-
gree per hour.

For magnetometer calibration and Can.pus acquisition, the Spacecraft is made to roll at fixed

rates by providing constant artificial rate errors to the attitude-control logic. Observation of

a star of proper magnitude removes the error signal during Can.pus acquisition.

9.2.2 Autopilot Subsystem. The Autopilot maintains the attitude of the Spacecraft to ± 2.5

degrees (3 _) during propulsion operation. This error includes those accumulated during turns

made to achieve the desired direction. By utilizing veloeimeters, the error of velocity

changes during trajectory corrections is maintained to less than 1.0% (3 cr) for all velocity
increments above 0.2 mrad/sec.

During midcourse-trajeetory and orbit-adjust maneuvers, which are performed with four

monopropellant engines, the Autopilot controls the vehicle attitude by positioning jet vanes in

the engine exhaust, thus obtaining thrust vectoring. During the retro-maneuver, which is

achieved with a solid rocket engine, the Autopilot controls the spacecraft pitch and yaw axes

by controlling the flow of a seeondary injection system, again providing thrust vectoring.

Roll-control during retro-thrusting is achieved by the cold-gas jet system.

The Autopilot subsystem employs the body-mounted rate-integrating gyros for position sensing,

and processes this information by means of appropriate amplifiers and compensating net-
works.

10.0 PROPULSION SUBSYSTEM. The GE-MSD preferred Propulsion subsystem design con-

sists of a monopropellant hydrazine system to perform the Midcourse and Orbit-Adjust

(MC/OA) functions, and a solid-propellant rocket system to perform the retro (orbit-inser-

tion) function. The MC/OA system utilizes the Shell-405 spontaneous catalyst to decompose

the hydrazine. The retro-system design is based on a modification of the Minuteman b_mge-ll,

Wing-VI configuration.

The Planetary-Vehicle propulsion subsystem weight for the 1971/73 opportunities is calculated

as 11,691 pounds (9513 pounds for retro and 2178 pounds for MC/OA).

10.1 Midcourse and Orbit-Adjust Sttbsystem. The basic design specifications for the MC/OA

subsystem are:

a.

Do

Impact a total mideourse velocity change of 200 mps in several starts to the Planetary
Vehicle.

The accuracy of the midcourse changes shall be 1.0 ± 0.07 mps with a desired ac-

curacy of 0.1 + 0.007 mps.
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c. Impart a total orbit-adjust velocity changeof 100mps in several starts to the Plane-
tary Vehicle.

The system is helium-gas pressure-regulated to supply monopropellant hydrazine to the four
fixed-thrust decomposers. The pressurant is stored at 3600psia in two spherical tanks
manifolded together andisolated from the downstream section of the system by a set of squib-
actuated valves. Thesevalves provide isolation during launchand long coast periods. A
regulator reduces gas pressure from storage to tank pressure. Redundancyis provided for
this function by a parallel standbyregulator that is automatically switched into the circuit if
the primary regulator fails in the over-pressure mode.

The propellant is stored in four spherical-ended, cylindrical tanks which are manifolded to
a single feed line. Eachtank contains a butyl-rubber bladder and standpipe for positive pro-
pellant acquisition andslosh control. As with the pressurant, the propellant is isolated from
the downstream sections by a set of squib-actuated valves, which provide positive sealing
during launch and long coast periods.

Eachof the four thrust chamber assemblies mountedparallel to the roll axis, 90 degrees
apart, consists of a cavitating venturi, a quad-redundantsolenoid valve and a decomposer.
The venturi maintains propellant flow-rate constant regardless of dynamic changesdown-
stream. By this method,assurance is gained in the repeatability and uniformity of the start
transient andthe maintenanceof full-flow (constant thrust), should there be a changein the
pressure drop downstreamof the venturi. Quad-redundantsolenoid valves are used to start
and stop decomposer operation. This type of valve provides redundancy in the opening and
closing operations. The decomposer holds the Shell-405 catalyst which spontaneouslyde-
composesthe liquid hydrazine to gases at 150psia and 1800°F. In the 100:1area-ratio
nozzle, the gases are expandedto produce 100poundsof thrust under vacuum conditions. Jet
vanes, similar to thoseused on Ranger and Mariner, mountedat the nozzle-exit plane, divert
the gas flow, as required, to provide torques aboutthe pitch, yaw and roll axes.

At a significant gain in reliability, pair-out capability has been designedinto the decomposers.
Under this concept it is possible to sense a malfunction in any one of the decomposers, and
terminate its operation andthat of the opposite unit without loss of MC/OA capability.

Pressure and temperature sensors and position indicators are provided to monitor system
condition andoperation via telemetry. Fill, drain, vent andtest ports are also provided for
ground checkoutand test.

10.2 Retropropulsion Subsystem. The VOYAGER orbit-injection maneuver will be performed

by a solid-propellant Retropropulsion subsystem. The selected subsystem is a modified

Stage II, Wing-VI Minuteman motor, which meets .all the mission requirements. Major com-

ponents include a carboxy-terminated polybutadiene propellant (88% solids with 15% aluminum);

a finocyl-grain configuration; a 6V-4A1 titanium-alloy case;a silica-loaded nitrila-rubber in-

ternal insulation; a single semi-submerged contoured nozzle with a non-eroding tungsten throat

insert and ablative plastic liner; a liquid secondary injection-thrust vector-control system

using Freon-ll4B2 injectant and a gaseous nitrogen pressurant; and a propellant igniter with

a safety-and-arming device.
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The primary modifications to the existing Minutemanmotor that are required include shorten-

ing the cylindrical case section from 88.63 to 45 inches, decreasing the propellant burning

rate from 0.33 to 0.25 inch per second at 500 psi while increasing the burn time to 90 seconds,

decreasing the nozzle throat diameter from 9.63 to 6.78 inches, increasing the nozzle ex-

pansion ratio to 70:1, replacing the thrust-vector control hot-gas pressurizing system with

cold-gas pressurization, modifying the Freon tank, and providing new igniter squibs.

The Retropropulsion subsystem is 52 inches in diameter and approximately 138.4 inches long,

with a total weight of 9513 pounds. It has an effective mass fraction of 0.89, a deliverable ef-

fective specific impulse of 292.1 seconds, and imparts a velocity increment of 2.2 km/sec.

The velocity increment variability is +0.34% and the maximum acceleration imparted to the
Spacecraft is 2.73g.

11.0 THERMAL CONTROL. Temperature control of the Spacecraft Bus is attained by regu-

lating the quantity of rejected heat from an insulated structure. The regulated heat rejection

is accomplished by means of an active control-louver system. All electronic components,

propellant and gas tankage, plumbing and structure are thermally integrated within the super-

insulation blanket which encloses the structure. Thermal coupling is achieved by promoting

radiant interchange as well as conduction heat transfer among all equipments within the bus.

To this end, high-emittance surfaces are provided wherever possible for all equipments, and

an open structure is maintained between equipment bays and the propellant/gas tankage. In

addition, electronic assemblies are packaged and mounted with minimum thermal resistance to

the heat-rejection radiator plates. Louver assemblies of two different areas are provided

for 14 of the equipment bays. The two areas are required to handle the variation in dissipated

heat among the equipments. A single bay, the high-power (TWT) radio-equipment bay, is
passively controlled.

Equipments on the outside of the bus structure are thermally controlled by the use of thermal

coatings and/or by means of electrical heating. Wherever applicable, the external equip-

ments are conductively tied to the bus structure in order to maintain their operating tempera-

tures within required limits. With some components, such as the Sun Sensors and the cold-

gas nozzle/solenoid assemblies, packaging and/or mounting of the equipments takes into con-

sideration the requirement for sufficient thermal mass so that required operating tempera-

tures can be maintained during transient periods of solar shade or eclipse.

The Spacecraft is designed to maintain all component parts within acceptable temperature

limits throughout the Mission life-span. The normal operating temperature limits for all bus

equipments is 45°F to 90 ° F. The upper temperature limit may be exceeded somewhat during

maneuvers. However, in no case is the maximum operating temperature considered detri-

mental to equipment performance.

12.0 PYROTECHNICS. The Pyrotechnic subsystem performs such Planetary Vehicle func-

tions as vehicle separation, control of the Propulsion subsystem, emergency separation of the

Flight Capsule, initiation of retropropulsion, deployment of booms, antennas and science in-

strument cover removal. Power to the Pyrotechnic subsystem is blocked by the normally-

open contacts of the separation switch. Upon vehicle separation, power is applied to the pyro-

technic controller, which is ready to fire when commanded by the C&S or CD. Completely
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redundant firing channels and circuitry are provided in the controller and to each Electro-

explosive Device (EED). Each EED contains two bridgewires and will not fire if one amp/one

watt is applied to each bridge simultaneously. Each EED is also capable of withstanding a

static discharge of 26 kv from a 500-pieofarad capacitor applied between pins or between pins

and case at all atmospheric pressures. All design requirements are met by the EED firing

circuits. The EED's used to initiate retropropulsion have pigtail leads in order to integrate

them into the Minuteman safe/arm device with a minimum amotmt of redevelopment. Redun-

dant devices are used throughout the subsystem except for pin-pullers which utilize two squibs
per pin-puller.

13.0 CABLING DESIGN. The VOYAGER Spacecraft system harness consists of rings of

cables in two major groupings above and below the electronic bays. In each ring-assembly

individual cables interconnect the electronic bays on a functional/point-to-point basis, and

separate cables break out of the rings to interconnect the electronic bays to the associated

peripheral equipments, solar arrays, sensors, propulsion, guidance, pyro devices and in-

flight disconnects. A stiffened-ring harness tray supports the upper cables. The lower cables

are attached to existing spacecraft structure for support. Removable outside covers above

and below the bays allow access for mating/demating of connectors, attachment of OSE and

system test cables, and provide limited capability for rework of the harness in the assembled

equipment module.

14.0 DESIGN STANDARDS

14.1 Standard Circuits. Electronic circuit-design standards (1) will be generated by Product

Engineering early in the program for use in the design of all spacecraft electronic circuits.

These standards will establish circuit design Procedures for circuit synthesis, worst-case and

error analyses, testing specifications and documentation° The documentation provides a

method for recording the design evolution and analysis for future reference and will be the

primary item analytically audited in the technical review of the design.

The use of standard electronic circuits will receive strong consideration in the implementation

of spacecraft electronic functions. The standard circuits will be chosen and the necessary

work performed in order to specify and detail their characteristics for spacecraft use. Pre-

viously used and proven circuits and microcircuits will be given first consideration.

14.2 Packaging. The packages which house the electronic equipment form an integral part of

the spacecraft structure, in the 16 trapezoidal bays of the Equipment Module. To facilitate

thermal and cg balancing, cabling optimization and functional association of components, the

assemblies and subassemblies are of standard size and shape. Any assembly may be located

in any equipment bay, and subassemblies are interchangeable within any assembly.

The packaging standards also control parts, materials and methods of assembly. This ap-

proach minimizes the number of materials, processes and techniques used in order to elimi-

nate sources of unreliability and allow sharper focus on packaging problems.

(1) For a more complete description see the VOYAGER Reliability Program Plan, Phase IB
Proposal, Electronic Circuit Standards.
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Three standard packagingoptions will be allowed: low-power, high-_power,andmicroelectronic.
In addition, a general Design Constraints Standardwill be prepared to control packagingof
parts which do not lend themselves to oneof the other options. Included in this latter category
are r-f components,electromechanical devices andparts having other special geometry re-
quirements.

15.0 ENVIRONMENTAL CONSTRAINTS. The Planetary Vehicles shall be designed to sur-

vive and operate as appropriate in the induced and natural environments specified in the

VOYAGER Environmental Predictions Document dated 18 October and amended 12 November

1965.

15.1 Magnetic. A special environmental constraint exists as a result of the maximum per-

missible magnetic field of less than one gamma at the science magnetometer sensor under all

normal operating conditions for a demagnetized Spacecraft, and less than 10 gamma after a

Planetary Vehicle has been exposed to a magnetic field of 25 oersteds.

The apportionment of magnetic cleanliness to the Planetary Vehicle subsystems will be mon-

itored and controlled at the subassembly level by the GE Magnetic Analysis Computer Pro-

gram. This program has the capability of operating at the component level, but will probably

be used primarily at the subassembly or tray level for the approtionment. It considers the

magnetic field of each tray, its location, effects of current loops, effects of perming and de-

perming, current variations, shielding and magnetic compensations. No single assembly shall

contribute more than 20% of the total allowable field at the magnetometer sensor. The stabil-

ity of the magnetic field at the magnetometer sensor shall be such that neither mode switching

nor voltage-and-current changes over the full design range will change the field by more than

0. i gamma.

15.2 Micrometeoroids. Based upon the micrometeoroid model in the VOYAGER Environ-

mental Predictions Document and the Planetary Vehicle Configuration, Table 15-1 shows the

expected number of impacts and their masses, sizes and momentum transfers. Momentum

transfer between a hypervelocity meteoroid and a Planetary Vehicle is greater than mass

times velocity because of the secondary spray of particles. At a velocity of 42 krn/sec, the

target momentum is about four times that of the incident particle. The Planetary Vehicle
--1---11 1.. ..... 1-_1_ ^-_ _t'l'te_rvt,_rl"_l_l"r 'J'l% rJ _flJl_l_'il_"hlT'11"l "_lL_t'_ll_f_:_l q _'_i1_ _I_attitudo-controi subsy_Lom _a_L u_ u_tp_ v_ _ _o_,, ..... e, ...............

longest moment arm of the vehicle.

TABLE 15-1. EXPECTED IMPACTS AND THEIR MASSES, SIZES. AND

MOMENTUM TRANSFERS

Particle

Mass M

(gin)

10-6

10-5

10-4

i0-3

10-2

Particle

Diameter

(ram)

0.21

0.46

O. 98

2, 12

4.57

No. of impacts of Particles ol

mass M :)nd greater

Max. Projected

a rea *

5_ 1. O0

23.00

I. 04

O. 0483

O. 00 155

Crilic;d

P rojectcd u rc:l *

27. O0

1.09

0.049

O. 00221_

O. 00O071

Momentum Transfer

to

Vehicle/Impact,

(kgm-m/sec)

0. 000168

0.00168

0.0168

0. 168

1. 680

*Maximum projected area includes solar array nnd high-gain antenna. The critical .ruiectcd area includes only th(' electronics, thermal control panels

and attitude control fuel tanks
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-2
Although surveys have shown that 99 percent of brighter sporadic earth meteors (M > 10 gm)

are moving in direct orbits, at fainter magnitudes (M _ 10-5gin) the fraction of meteors having

high inclinations becomes very pronounced. Therefore, using Earth-Mars-space meteoroid

distributions, it must be recognized that the highly anisotropic meteoroid distributions are

likely to exist only for meteoroids producing visual and photographic meteors (M > 10-2gm).

For fainter or less massive particles, the distribution must be considered to be isotropic

from the design point of view.
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16.0 RE LIABILITY

16.1 Design Approach. The Spacecraft system has been designed consistent with the con-

straint that no single failure mode of an electronic or electrical part or component shall cause

catastrophic loss of the mission. Furthermore, the design attempts to maximize mission

success and partial success in the event of non-catastrophic failure.

Within the Computer and Sequencer, nine critical command registers (capsule-release,

start-retropropulsion, start-and-stop MC/OA engines, _ V register and maneuver com-

mands) and the master-sequencer logic incorporate triple-majority logic guarding against

both false command and false dismissal. Since both failure modes are considered equally

catastrophic, the design makes them equally probable, but extremely remote. Other C&S

functions, which can be rccommanded via the command subsystem without catastrophe or

severe degradation, have been protected against false commanding at the expense of false

dismissal. These functions include the master-sequence matrix and memory, and the Planet

Scan Platform and gimbal registers. Special attention has been directed towards tracing

these critical commands from the C&S through the subsystems to their functional destination

to assure that a consistent degree of protection exists everywhere along the way. All non-

time-critical C&S commands are backed up via ground command through the command sub-

system.

A feature of the four-engine MC/OA subsystem is the ability to perform without significant

degradation on a single pair of engines. The failure of any single engine automatically shuts

down the opposite one to limit disturbance torques to a value the system can handle.

The cold-gas portion of the Attitude Control subsystem is a completely redundant, cooperative

load-sharing design. Two separate assemblies with tank, regulators, solenoids and jets oper-

ate in parallel, each assembly providing one-half the thrusting couple to change spacecraft

attitude. Dual solenoids operating in series provide redundant protection against gas leakage.

Any failure mode of one assembly (except catastrophic explosion of a cold-gas tank) can be

compensated for by the other assembly without jeopardizing the ability to complete the mis-

sion due to insufficient total impulse remaining. The Attitude Control electronics is triply -
redundant, with majority voting on the output to the pneumatic drivers.

Two Canopus sensors are provided, primarily for performance considerations; however,

redundancy is thereby provided with degraded performance (relative to high-gain antenna

pattern interference) in either late Martian orbital operations or sooner, depending on which
sensor fails.

Two gyro packages are provided to assure availability of gyros for maneuver. The Gyro

Control Unit controls the switching of power from either three-phase, 400-cps inverter in

the power subsystem to either of the gyro packages according to the operational status of the

equipment.

The main regulator and the 2400-cps inverters are provided in a redundant, load-sharing

configuration. The present design requires dropping the malfunctioning unit(s) from the

line; hence, internal switching logic backed up by ground command is provided. Each of the
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2400-cps inverters supplies a separate bus to which the loads are connectedaccording to
their criticality. For example, somecritical loads will be connectedto both buses with re-
dundant, load-sharing transformer-rectifier units.

Any two of the three battery-and-associated-charger combinationscanfulfill anticipatedpower
requirements while theSpacecraft is off the Sun;the third battery and charger provides re-
dundancyand reduceddepthof discharge under normal conditions.

The pyrotechnic subsystemfeatures dual banks (transformer-rectifier + capacitor + SCR
switch) each firing oneof the redundantpair of bridgewires in each electro-explosive device.
Extra protection against false initiation andfalse dismissal will be afforded to the critical
pyro subsystemfunctions (e.g., initiating retro engine burn).

Redundancywithin the telecommunications subsystem is primarily achieved by switching in
standby units via ground command. In the Telemetry section, there are redundant power
supplies and data paths. The commutator and signal conditioners are connectedto telemetry
points in a redundant manner. The data-storage recorders are in quad-redundancyfor the
science data with the capability of time-sharing to receive all data at a reduced rate. High
rate down-link transmission is provided by switchable power amplifiers, antennasand ex-
citers. Transmission using the medium-gain antenna (933-1/3 bps) is considered a degraded
mode. For up-link commandand ranging there are three receivers which are always turned
on, each connectedto its own antenna. Command-signal detection and decodingin the com-
mand section is redundantthrough three commanddetectors, program controllers and a re-
dundantpower supply which are always on.

In case of severe capsulemalfunction, an alternate mission option is available through ex-
ercising the emergencycapsule separation joint and continuing the mission with the Space-
craft and its experiments alone. Additional details concerning alternate path and redundancy
applications have beenincluded in the individual subsystemdiscussions.

16.2 Apportionment. Numerical reliability design goals for each subsystem were appor-

tioned at the beginning of this study using the scheme described in the Task A study report

(VBll0VP010), with modification of the complexity and criticality factors according to infor-

mation gained during Task A. These goals were used by the subsystem design groups,

guiding their effort in selecting applications of redundancy and/or alternate paths where ade-

quate reliability could not be achieved through design simplification.

Three basic constraining points were selected around which was built the apportionment: the

probability of injecting two Planetary Vehicles into acceptable planetary trajectories was

fixed at 0.90; the obtaining of data from at least one spacecraft science payload for one

month in orbit was fixed at approximately 0.80; and Launch Vehicle reliability was assumed

to be 0.95. The resulting subsystem reliability goals are shown in Table 16-1 for a single

spacecraft system. Based on these numbers, the model shown in Table 16-2 corresponds

to the functional segments of the mission defined in VOYAGER 1971, "Preliminary Mission

Description, " October 15, 1965.
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TABLE 16-1. PROBABILITY OF SUCCESSALLOCATIONS

Mission Pha_c A B C D E

Subsystem Tlme D_ratlon 2 hr 185 days 15 days 3 hrs 30 days

Radio

Command

DHk8

C_8

Power

Thermal Control

G&C - Vehicle

G_C - Antenna

G&C - Autop/lot

propulsion - MC

propulsion Ratr_

Pyro Control

Vehicle Mechanisms

Planet Scan Package

Single Spacecraft Reli-

ability By Phase

Spacecraft Design Goal = 0.9737 for

powered Flight Phase. Extreme Envtr.

Gontrihe_tna Equivalent Risk of 7 days

Orbital Operations (Acceleration

Factor of Approx. 850 During Burn)

0. 9737

0.9722

0.9681

0.9674

0.9681

0. 9715

0.9802

0.9681

0. 9908

0.9857

0.9963

0.9847

0.9886

0.7894

0.9977

0.9974

0.9073

0.9074

0.9976

0. 9984

0.0965

0.9992

0.9929

0.9924

0. 9944

0. 9942

0.9992

0.9929

0. 9430

0.9906

0.9996

0.9996

0.9996

0.9996

0.9996

0.9994

0.9999

0.9986

0.0998

o. 9953

0. 9954

0.9947

0. 9946

0. 9947

0.9953

0.9967

0. 9945

0.9995

0,9962

0.9060

0.9977

0.9858

O. 9421

TABLE 16-2. CUMULATIVE PROBABILITIES OF SUCCESS

Mission Phase

A

(2 hrl

B

(185 days)

C

(15 days)

D

f3 hr)

E

(30 days)

Description

Launch and in)ectton of two Planetary

Vehicles into acceptable interplanetary

transfer trajectories.

Separation, acquisition and cruise inclination

trajectory correction maneuvers if required

to achieve specified interplanetary trans-

fer trajectory.

Placement of Planetary Vehicle Into an accept-

able Mars orbit, including performance of

orbit correction maneuvers if required.

Performance of Spacecraft/Capsule separation

maneuver at preseleeted time and location.

Obtain data from at least one Spacecraft

Science payload for a specified time of

one month.

Cumulative Probability of Success

Both Systems

0.90*

0.519

0.462

0.458

0.406

At I_ast C_e System

0.949

0.885

0.863

0.861

0,838

(approx. 80*)

Apportioned System Reliability

By Phase - Overall Model

LV

0='7®

PV2

0F,_

0V,_

E_
PVI

* Used as constraints in apportionment.

17.0 PLANETARY QUARANTINE

17.1 Approach to Planetary Quarantine. The Planetary Quarantine Mission Constraint

states that the probability that Mars is contaminated prior to the calendar year 2021 as a

result of any single launch shall be less than 10-4 .

To satisfy this imposing constraint two steps must be achieved:

a. Identification of every conceivable source of contamination to Mars.

b. Conception and implementation of a satisfactory solution to each case identified in a.
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Table 17-1 presents the results of current studies aimed at identifying possible sources of
contamination, andpotential solutions to the problems associated with each source. These
potential solutions havebeengrouped as follows:

a. 1st-Order Solution. Implementation of this category of solution would have a major

adverse influence on the entire program from the standpoints of cost, schedule and

reliability.

b. 2nd-Order Solution. Implementation of this category of solution involves significant

tradeoffs in one or more areas.

c. 3rd-Order Solution. This category of solutions can be relatively easily implemented,

the tradeoffs involved being not too significant.

If any given problem can be solved by a 2nd- or 3rd-order solution, then the use of a lst-

order solution will impose an unwarranted major program penalty. Similarly, choice of a

2nd-order solution will impose an unwarranted penalty if a 3rd-order solution is available.

Finally, choice of a 3rd-order solution will impose a penalty if in reality no solution is re-

quired. Because of the severe program penalties associated with over solving any of the

specific problems, the approach should be to: (a) assign, on the basis of preliminary analy-

sis, a portion of the total 1 x 10 -4 probability to each specific problem, as an upper limit,

and (b) evaluate each specific problem in sufficient depth so that a conservative probability

can be associated with it.

Results of this study will permit choosing the lowest order of solution necessary to assure

meeting the planetary quarantine requirement without incurring the severe penalties as-

sociated with the choice of an over solution. As indicated in Table 17-1, there is a fairly

wide range of mission and hardware solutions for many of the specific problems. Hence,

after determining the magnitude of the problem for a given area, suitable tradeoffs can be

performed to allow the selection of the optimum solution. Preliminary conclusions are:

a. Because of the large number of ways in which the capsule can become recontami-

nated, the biobarrier opening or separation should occur as late as possible in

the sequence of events.

b. All separation mechanisms, unfold mechanisms and sensor covers should be de-

signed to restrain loose ejecta.

c. The Attitude Control gas system will require at least some degree of decontamina-

tion (microbial load reduction), and quite possibly complete sterilization.

d. The OI subsystem and the MC/OA propulsion subsystems will possibly not have to
be sterilized.

Each problem listed in Table 17-1 must be considered in a model used to establish an upper-

limit goal for each specific problem area. The actual assignment of a portion of the total

probability of 1 x 10 -4 to each specific problem will be an iterative procedure which will be

updated continually as better definition of the problem and the tradeoffs involved with weight,

reliability, cost and schedule become available.
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TABLE 17-1. CLASSIFICATIONOF PLANETARY QUARANTINE
PROBLEMSAND SOLUTIONS

paemlaf Problem

Carry

Mm

Z_ta Imp_ Mnr=

Deaerll_lon

1. Due to failure aX

mldcourse

2. l_e to f_lure atorb/t

IMertloo

3. D_e to failure it orbit

4. Due to orb/t decay

5. S-IVB/planetary vehicle

sepatrstlon ejucta

6. 8-1VB aft shroud unfold

spa st|toe ejucta

7. Spacecraft/forward bto-

barrier separation ejects

8. Spac=cr'_'_/¢=psule sepa-

ration ejects

9. Capsule emergency sepa-

ration eyectt

10. Miscellaneous un_old

and deployment opera-

tion e)ecta

lit Order _olution

(Ms}or Adverse laflue_ _ prosram)

1. _rLLLzo sDtlre spacecraft

2, Sterllbf_ entire spacecrtft

3. SterltLse engire spacecraft

4. gtorLLixs entire spacecraft

II. S-IC II, " No iolafloa recpHred

C. Launch Vehicle

12, S-11 t2. No solution required
Impacts Mars

13, 8-1V B

D. Particles lmpa_t_

Mar*

14. From orbit insertion

motor

15. From orbit adjust motor

16. From attitude con|sol

system

19. From spacecraft

18. Forward blo-barrier

impacts Mars

20. Mlcrometeorites
, puncturing bio-bnr rler

21. By orbit iMertJon _r-

tlcles direct

22. By orbit insertion

sweeping dirty

spacecraft

23. By orbit adjust par-

ticles direct

24 By orbit adjust par-

ticles sweeping dirty

spacecraft

25. By sttitude control

particles direct

26. By attitude control

particles sweeping

dirty spacecraft

E. BJo-Bmrrier Impacto

Mars

F. Lander Recoa-

tamlnstsd

(After Launch)

14. Sterltlze orbit

insert|on

system

15. Sterilile orbit adjust

system

19a. Sterilize entire

spacecraft

19b. DeconismllMtto externaf

spacecraft surface with

ethylene oxide tre_tmeol

18. Sterilize spacecraft

19. Sterilize spacecraft

20. Sterilize spacecraft

21. Sterilize orbit Insertion

system

22. Sterilize orbit insertion

system and decontaminate

spacecraft surface

23. Sterlllze orbit adjust

system

24 SteriLize orbit adjust sys-

tem and decontaminate

spacecraft surface

25. Sterilize attitude control

system

26, Sterilize attitude control

system and decontaminate

spacecraft surface

Potaat/af Solution

2ad Order 8oluOon

(Can Be ImpLemented, But Involv_

S/geif leant Tr_s)

1. Approach ph_olop_

2. Trs}e_wry selection

3, Orbit insertion and adjust

pb/lmophy

4. OrbR selection

5. Deslge to constrain loose

ejeeta

6. Deal(In to constrain Loose

eJecta

9. l_es_ to constrain LOON

e}ocm

9. Desil_ to constrain loose

ejects

tO, Desiln to con_rafn loose

e)ecta

14a. Orbit insertion

phuo,o_y

14b. Decontaminate O[ system

15*. Mldcc,Jrse ad)ust phllolophy

i5b. Orbit adjust l_htloeophy

15¢. Decontamtoste OA system

15d. E|tmin_e OA

16. S_rfllze attitude control

system

17. Design all external space-

craft surfaces and parts

to minimize loose particLes

or pieces

lea. Separate before Ol

18b. Attach to spacecraft

iSc. Separate after orbit insertion

(i) Select Safe Orbit

(il) K|ck Into Good Orbit

(iii) Modify W/CDA

19. Do not use emergency

capsule separstlon unless

safe orbit Is usured

20. Micrometeorlte bumper or

self -sediin_ bio-barrier

21. Keep bio-b&rrier on until

after orbit insertion

22. Keep blo-barrier on until

after orbit insertion

23a Keep blo-barrier on until

after orbit ad)ust

23b. Decontammste orbit adjust

system

24. Keep bio-barrler on until

after orbit adjust

25a. Keep hlo-barrler on until

after orbit adjust

25b. Decontaminate attitude con-

trol system

26a, Deco_tammste attitude con-

trol system and surface. D_-

contaminate spacecraft in

grd Order Solution

(Relat_voly Elury To

Implement and Not Too

8tgntfieMt Tradeoffe Involved).

I g. Sterilize oeperatton

mechaatm

9. Do not execute separation

ff lander and barrier

could |rupert Mars

t6, Deconf_minn_ attitude

coatrol system

19. Assure non-accldentaf

release

Locate all nozzlestominimize plume impinge-

meet on any portion oft he

planetary vrbicle

27. By lander (after

separation) _olng

th¢ot_h orbit In-

sertion, orbit adjust

attitude control, or

spacec rs[t particles

sUll in orbit

28 By separation mech-

anism ejects and/or

miscellaneous unfold

and deployment mech-

anism ejects

Sterilize orbit insertion,

orbit adjust and stlitude

control systems

affected areas

26b Keep blo-barrier on until

after lander separation

2Gc. Use momentum wheels in-

stead of attitude control 8as

during period ass_iated with

lander separation

29 Keep bio-barrier on nntil some-

time after lander sel_trstlon

28a. Design all separstio_ and

unfold mechanism to con-

strain loose ejects

28b. Maintain a bic-odrri_,r over

lander as late as _osslll_ In

mission sequence
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The rest of this section describes the analytical and experimental efforts needed to determine

the magnitude of the problem in certain major categories, and some possible hardware and

mission approaches.

17.2 Launch Vehicle. The probability of impacting Mars with either the non-sterile S-IC

stage or the non-sterile S-II stage is so small that it can be neglected. However, the prob-

ability of impacting Mars with the non-sterile S-IVB is sufficiently high, for the planned Mars

insertion trajectory, to require a retro-fire by the S--IVB stage. An alternate way to reduce

the problem associated with the S-IVB stage is to employ sufficient bias in the initial aim

point to reduce the reliability requirements of the retro-rocket.

17.3 Separation Mechanisms. All biologically contaminated particles or material ejected

from a Planetary Vehicle are a potential source of biological contamination of Mars. Since

it is not presently planned to sterilize the complete Planetary Vehicle, including the adapter,

the number of non-sterile ejecta must be minimized. Therefore, all separation devices,

deployment mechanisms, and protective cover devices must be designed to minimize the

number of free particles and material generated during the operation of these devices and

mechanisms. (See VC235FD102 and VC235FD104.)

17.4 Spacecraft. To assure that the non-sterile Spacecraft does not impact Mars, the

heliocentric trajectory must be sufficiently biased away from the selected aim point to assure,

in the event of failure of subsequent corrections, that injection guidance errors do not result

in Mars contamination. This bias may or may not lie along the Mars center-final aim-point

line. In other words, it is desirable that the extension of the line connecting the new aim

point for a maneuver with the pre-maneuver indicated RT plane arrival point, should not

pass too close to Mars.

As a result of the first midcourse maneuver, orbit determination and execution errors will

remain, but will be much smaller than the errors attributable to injection guidance. There-

fore, a considerable portion of the initial bias can safely be removed by choosing an aim

point much closer to the final desired aim point. Similarly, for the second and third mid-

course corrections, additional bias can be removed since residual errors after each correc-

tion will become progressively smaller. The correction where all bias can be removed will

depend upon the convergence accuracy of the midcourse correction sequence which depends

on many factors. Conceivably, in some cases all bias could be removed before the final
correction.

If perfect navigation and guidance were available, an orbit as low as 600 km x 8000 km could

be selected to satisfy the requirement that the spacecraft does not decay out of orbit before

the year 2021. Itowever, to allow for navigation and guidance errors a minimum orbit of

1000 km x 10,000 km has been selected.

17.5 Propellants. Table 17-2 summarizes the main properties of the ejecta from the Orbit

Injection (OI), the Midcourse/Orbit-Adjust (MC/OA), and the Attitude Control subsystems.

Because of the large quantity of ejecta, each of these subsystems presents potential planetary

quarantine problems of major concern. The following three sections discuss these systems
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TABLE 17-2. ATTITUDE CONTROL AND PROPULSION SYSTEM EJECTA

CHARACTERISTICS

Temperature

Ejected EJecta Ejecta (Chamber/ Exhaust
System Weight Dwell Time

Utilization Composition Exhaust) Velocity

(lb) C F)

1. Orbit Injection

propulsion

Solid

2. M/dcourse/Orbif

Adjust propulsion

Monopropellsnt

3. Attitude Control

System

8490

1900

78

90-8ec Imruing time

resulting in Mars orbit

Event propellant
Used

MC No. 1 645 lb.

MC No. 2 105

MC No. 3 105

OA No. i 50

OA No. 2 50

955

l_mainder utilized if

required by mission.

Approximately uniform

over mission duration

Com_tion gas (Mol

Wt = 28.2 gin/tool)

AI20 3 pe rticles
Ins _lstion and

exit cone liner

char particles

TVC, Freon 114132

Decomposition

products (Mol

Wt = 14. l gm/moi)

0.05% cats-

lyst particles

Gaseous N 2

5840/3830

1900/400

95

0.01-0. I0 sec 9700fl/sec

_.95km/sec)

7750 ft/sec

(2, 36 km/sec)"

2190 ft/sec

(0. 666 km/sec)

from the standpoint of direct contamination of Mars. Capsule recontamination by contam-

inated ejecta from these systems is separately covered in Section 17.6.

17.5.1 Orbit Insertion (OI). From the standpoint of adverse effects on reliability, schedule,

and cost for the entire program, a requirement to sterilize the OI system would be second

only to a requirement to sterilize the complete spacecraft. Consequently, a sizable analy-

tical and experimental effort is justified if it shows that the OI subsystem need not be steri-
lized.

Figure 17-1 shows a probability tree for direct contamination of Mars by OI ejecta. Each of

the individual items indicated will have to be assessed in order to evaluate the potential OI

contamination probability. Comments on major blocks in Figure 17-1 are presented below.

ARE VIABLE ORGANISMS INITIALLY PRESENT IN OI SYSTEM ?

DO VIABLE ORGANISMS SURVIVE SIX-MONTH TRANSIT PHASE ?

Although some early quantative data exist on the microbial population of solid and liquid

propellants, samples of the specific propellant selected should be assayed to provide the needed

quantitative data. This would include evaluating the survibability/die-off of the natural

microbial population in both freshly-prepared samples and samples which have been stored

for various time periods. Since the predicted temperature of the propellant during the six-

month transit phase is between 40 and 80 °F, the most appropriate test would be to evaluate

the effects on samples maintained in this temperature range.
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Becauseof the difficulty normally encounteredin assessing effects on the variable levels
and types of microorganisms indigenousto suchmaterials, the employment of known test
organisms in such studies is not uncommon. It is envisioned that suchorganisms could be
incorporated into duplicate lots of propellant specimens; it is believed that data obtained with
the test organisms wouldbe corroborative of those obtained with the natural micro-flora.
The precautions normally required in theuse and interpretation of results from experiments
employing known test organisms would have to be observed.

DO VIABLE ORGANISMS SURVIVE ORBIT-INSERTION FIRING?

Figure 17-2 presents the NASA Biosciences Office currently-recommended time-temperature

treatments for sterilization and decontamination. Figure 17-3, an extrapolation of the curve

from Figure 17-2, indicates that temperatures of 300 to 400 °C could sterilize in times of only

millisecond durations. Since this is strictly an extrapolation, its validity would have to be

proved. Evidence which tends to corroborate this, taken from Decker et al (1954)(1), is pre-

sented in Table 17-3 for spores of Bacillus Subtilis var. Niger suspended in a flowing stream
of air. The results indicate that "virtual sterilization" -- in the authorVs words, 99.9999

percent reduction -- may be achieved at the cited conditions with air-flow rates of from 10 to

75 cfm, and that an even greater reduction can be obtained if the air is maintained at 625 °F
for three seconds.

i
I000

r/^

c-m

0.1 _ 3.6 - =E .06
SO 90 1(90 i iO i20 i30 i40 150 _ _-

TEMPERATURE (°C)

A.BASED ON TDT DATA O.I GM SAMPLES OF
GARDEN SOIL ASSAYED IN THIOGLYCOLLATE
BROTH

B BASED ON TDT DATA DRY SPORES OF BACILLUS
SUBTILIS RIGER ASSAYED IN TRYPTICASE
SOY BROTH

/

_- .36 - .O06F

/
.036 - .ooo6r

/
.0036 -.00006--

o

\

t
t

k
I
I
I
I
i

I

k
i

I00 200 300 400 500
TEMPERATURE (°C)

Figure 17-2. Equivalent Dry Heat Decon-
tamination and Sterilization Treatments for

Unmanned Planetary Lander

Figure 17-3. Extrapolated Dry Heat
Sterilization Treatments

(1)Decker, H.M., Citek, F.J., Harstad, J.B., Gross, W.H. and Piper, F.J.;Time-

Temperature Studies of Spore Penetrations through an Electric Air Sterilizer; Applied

Microbiology, Vol. 2, No. 1, pp. 33-36; 1954.
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TABLE 17-3. STERILIZATION TEM-
PERATUREVERSUSRETENTION TIME

Temperature

(°F) (°0

425 218

475 246

525 273

575 279

Retention Time

(sec)

16

6-7

3

1.8

Other data by Bourdillon et al (1948)(2) re-

veal that complete sterilization was achiev-

able between 210 and 240 °C with exposure

times of from 6 to 8 seconds, for an in-

ternally heated furnace, and with times of
from 0.4 to 0.6 second for an externally

heated furnace. These authors concluded

that 250 °C might be adequate to sterilize

moving air in a well-designed furnace, but

that it was desirable to aim at a possible

air-exit temperature of 300 °C (572 °F) if

complete freedom from spore-bearing or-

ganisms is essential.

Superheated steam, sometimes referred to as analogous to dry heat, used to sterilize empty

cans in an aseptic canning process (Pflug, et al 1959)(3) is as high as 525-550°F, the tem-

peratures in the cans being in the range of 420 to425°F. The exposure time employed,

between 40 seconds and one minute, is adequate for sterilization. Temperatures of from

410 to415°F for exposure times of from 1 to 1.5 minutes are employed to sterilize the can

covers.

The above indicates that a large kill factor could possibly be associated with the OI firing as

a result of the high chamber temperature. For example, in solid systems of the type being

considered, the chamber and exhaust temperatures are typically 6000 °F and 3000 °F, re-

spectively, the organisms being exposed to these temperatures for durations ranging from
0.01 to 0.1 second.

The feasibility of possible experiments to determine the validity of this hypothesis, and

whether organisms experience such temperatures and exposure times in a rocket firing, is

being evaluated. A possible experiment would consist of the firing of a small motor, inocu-

lated with known test organisms, in a biologically-clean test chamber, the residue (exhaust

products) being collected and bio-assayed. The most meaningful results would include defini-

tion of the number and size distribution of the viable organisms, if any, in the rocket exhaust.

ARE VIABLE ORGANISMS ON IMPACT TRAJECTORY?

Assuming that there are viable organisms in the OI exhaust, it then becomes necessary to

determine the velocity and size distribution of these organisms in order to assess whether

they can get to Mars. A major factor in this determination is the direction of the OI system

at the time of firing. Any failure in the Attitude Control subsystem, resulting in a wrong

(2)Bourdillon, R.B., Lidwell, O.M., and Lovelock, J.E. ; Air Disinfection by Heat; Studies

in Air Hygiene; Medical Research Annual Report #262; pp. 190-207; London, 1948.

(3)pflug, I.J., Hall, C.W., and Trout, G.M. ;Aseptic Canning of Dairy Products; Dairy

Engineering; 1959.
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orientation of the OI system, will have to be considered in the analysis. One way to

minimize misalignment is to require attitude verification before orbit insertion.

For the no-failure case, a consideration directly bearing on this problem is the method of

orbit insertion. As shown in Figure 17-4, orbit insertion can occur at either of two points on

the approach hyperbola. The second point (2) has been tentatively selected. One of the major

reasons for this choice is that it will minimize the possible contamination problem from the

orbit-insertion particles since, in theory, the larger particulate exhaust from the OI nozzle

will be confined within a cone centered along the engine axis.

Dispersion into the upper Martian atmosphere of organic material in the OI propellant can

occur if the OI exhaust acts as a carrier for this material, which can exist as large molecular

clusters or as a resident on macroscopic-sized particles. These clusters of organic mate-

rial, if carried into the regions above the Martian atmosphere by the rocket-exhaust plume,

could, depending upon the distribution in direction and space, enter the relatively thin Martian

atmosphere intact and contaminate the surface. If the contaminant concentrations and their

distribution in size and direction of motion are known, an entry analysis of the contaminations

can be performed to determine what fraction of the original material would find its way to

the surface of the planet. In order to analyze the motions of small particles and molecular

clusters, it is necessary to understand the flow in the rocket exhaust plume which will act as

the carrier for the material of interest. Expansion of the rocket plume into the vacuum in

the upper Martian atmosphere will estab-

lish a quite complex rarified flow, since
it will be collision-dominated near the

nozzle exit plane, but collision-free very
far from the nozzle.

ORBIT
/

I

APPROACH

DI RECTION CENTER LI NE

OF EXHAUST PARTICLES

Figure 17-4. Orbit Insertion Alternatives

In the absence of physical boundaries,

there is a flow which undergoes a transition

from collision-dominated isentropic ex-

pansion in the vicinity of the nozzle exit

plane, to collision-free or free molecular
flow far downstream from the nozzle. This

sequence has been established experimentally

in several laboratories; measurements

show that the Mach number along the cen-

terline of the jet increases according to a

collision-dominated i sentropic expansion

until collisions are too frequent to support

the expansion. The Mach number increase

then levels off, the expansion being said to

freeze. This is in direct contradiction to

the prediction by the continuum, isentropic

theory of a continual rise.

An aid in modeling this complex two-dimen-

siona| free jet flow is the existing work on
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the problem of one-dimensional spherical source flow. (4) This source-flow model will prob-
ably be a very goodrepresentation of events along the jet centerline, but will becomeprogres-
sively worse off-axis as the source Reynoldsnumber decreases. To date, the solution has
beenobtained for a spherical source flow with near vacuum conditions very far from the
source. This problem includes the most important feature of vacuum expansion: the transi-
tion to free molecular flow in the absenceof boundaries. It is, however, expectedthat over
a wide range of source Reynoldsnumbers the solution to this problem will represent condi-
tions along the rocket plume centerline. It is plannedto extendthis analysis to the conditions
which exist off-axis, since they will be critical for the determination of the material particle
trajectories in the carrier exhaust plume.

Conditions in the carrier exhaust plume having beenestablished, the dispersal of any con-
taminate material that may be present in the nozzle exit plane must now be investigated. To
perform this analysis, the contaminate material can be divided into two classes: those that
travel with macroscopic-sized particles and those that are part of large molecular clusters
and behaverather as molecules of very large molecular weight. The analysis on the flow of
a trace species of large molecular weight in a rocket exhaust plume(4) can be applied to the
latter class. This analysis will give the distribution, concentration anddirection of motion
of these large molecules in the exhaustplume. For the macroscopic particles, an approxi-
mate solution is the integration of the equationsof motion of typical small particles in the
ambient carrier-gas environment.

With this plume analysis available, the dispersal dynamics can now be considered. This can
again be treated in two classes: (1) for the large molecular aggregates consider a process of
molecular diffusion in the presence of a gravitational field -- a process encounteredin the
dispersal of Stronium 90 in the earthVsatmosphere, which has been considered in some
detail; and (2) for the larger macroscopic particles, the capability developedby the General
Electric Companyover the past three years in the analysis of re-entry of small particulate
matter into planetary atmospherescan be applied. This capability has beendevelopedin
connection with the safety effort of the Nuclear Rocket Program under contract with the AEC,
an effort which resulted in a highly accurate computer program for predicting the re-entry
and burn-up of small particles, taking into account the various rarified flow regimes en-
counteredduring entry, andthe continuously varying W/CDA of a particle which is disinte-
grating becauseof re-entry burn-up.

In summary, the abovedescribed plume and dispersal analysis would provide the following
information:

a. The distribution in size, direction of motion, speed, concentration and temperature
within the plume itself of both particulate material and large molecular aggregates.

(4)Personnal communication: Hamel, B.B., GE SpaceScience Laboratory, and Willis, D.R.,
University of California, Berkeley.
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Do The number flux of large molecular aggregates that would reach the planet surface,

and the number of macroscopic particles that would impact the planet, as well as

their temperatures.

DO VIABLE ORGANISMS SURVIVE ENVIRONMENT ?

DO VIABLE ORGANISMS SURVIVE RE-ENTRY?

The major environmental factors near Mars which are potentially capable of reducing the

number of viable microorganisms are- ultraviolet (UV) radiation, ionizing radiation, tem-

perature and high vacuum.

It is fairly generally agreed that UV is very effective in destroying viable organisms exposed

directly to the flux. However, the main problem is that since UV penetration is very shallow,

viable organisms can be easily shielded, even by other organisms. Estimates exist on the

UV flux at the top of the Mars atmosphere, Packer et al (1963)(5). Very little is known re-

garding the biological effects of the ionizing radiation near Mars. This area should be

studied to determine the weighting, if any, to be assigned to this environmental factor.

Another factor which should be investigated is the effect of temperature-shocking on organisms.

A sudden fall in temperature may result in death of organisms. Any freezing-thawing cycles

(e. g., for particles in orbits which experience an eclipse) could also have a possible effect

on the viability of microorganisms. With regard to the effects of high vacuum, up to 10 -9

torr, for periods as long as 35 days, at 25 °C, there is no known significant loss of viability

of microbial spores(6).

Although the possible synergistic effects of all of the above environmental factors have not

been investigated, some work has been done with two or three factors at a time. Since the

results indicate increased reduction in viability with more factors considered, the possible

combined effect on viability of organisms should be investigated.

Little or no reduction in viability of microorganisms, certainly no measurable effects can be

expected from any of the above factors with relatively short time exposures. A possible ex-

ception is the effect of UV on individual small clusters of waul_...... organisms. _,v,_v,_'_........., _'_..._

effects of previously mentioned agents or factors might be very significant for viable organ-

isms experiencing long exposures, as in a slowly decaying orbit about Mars.

17.5.2 Midcourse Orbit-Adjust (MC/OA). While evaluation of the potential problem of the

direct contamination of Mars by MC/OA exhaust products will involve many of the same

(5)Packer, E., Scher, S. and Sagan, C.; Biological Contamination of Mars. II Cold and

Aridity as Constraints on the Survival of Terrestrial Microorganisms in Simulated Martian

Environments. Icarus 2, pp 293-316, 1963.

(6)Morelli, F.A., Fehlner, F.P. and Stembridge, C.H.: Effect of Ultra-High Vacuum on

Bacillus subtilis var. niger; Natur_._._._e,196, No. 4850, pp 106-107; 1962.
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considerations discussedunder the OI case, Section 17.5.1, there are several additional
mission tradeoffs which will have to be taken into account in the evaluation.

The early midcourse corrections are not likely to present a significant problem, for three
reasons. First, the number of particles which will receive the exact velocity increment
neededto place them ona Mars impact trajectory will be small. Second, long exposure to
solar pressure will result in significant perturbations to the trajectories of the particles.
Third, long exposure to the spaceenvironment, particularly UV, will result in some reduc-
tion in the number of viable organisms reaching the vicinity of Mars. However, since the
last midcourse correction will occur close to Mars, the problem from the exhaust products
will be aggravated;hence, a tradeoff involving the actual time at which this last midcourse
correction is made is required. An additional factor tending to reduce the possible problem
from any midcourse maneuveris that these firings are essentially normal to the flight path
and in the direction awayfrom Mars.

Another mission tradeoff involves the selection of the orbit periapsis, higher values of
periapsis tending to alleviate the problem. However, this tradeoff affects many other
areas. For example, increasing the selected orbit from 1000km x 10,000to 2000km x
10,000km will require:

a. An _ 140m/sec higher AV for OI

b. An _" 76 m/sec higher _V for capsule de-orbit

c. An increase in the Spacecraft-Capsule range at capsule entry from _ 1800 km to

3600 kin.

Other mission approaches available for alleviating this problem, and requiring tradeoff

studies, are:

a. Restriction of orbit adjustments to those which result in a lower energy orbit and in

which the OI particles are placed in a higher energy (safer) orbit.

b. Restriction of line-of-apsides adjustments to those which cause the OI particles to

be sent away from Mars rather than towards it.

c. Elimination of all orbit adjustments.

17.5.3 Attitude Control (AC) Gas. The potential problem of direct contamination of Mars
by AC exhaust particles can be analyzed in a manner similar to that for the OI and MC/OA

systems. This problem is expected to be very severe for several reasons:

a. Absence of combustion eliminates the reduction of viable organisms by high tempera-

tures.

b. The exhaust from the AC nozzles is randomly oriented with respect to the velocity

vector of the spacecraft.

c. The spacecraft will be operating in a near-Mars orbit for a long period of time.
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The only mission approachavailable for minimizing this problem is the use of a higher orbit.
Someof the tradeoffs involved with a higher orbit were previously mentioned. Possible
solutions to the hardware aspects of this problem are discussed in Section 17.7.

17.6 Capsule Recontamination. The capsule is subject to recontamination at any time that

the integrity of the bio-barrier is violated, either accidentally or by micrometeorites. How-

ever, the considerations involved with these methods of recontamination are primarily the

concern of the Capsule Contractor. The Spacecraft Contractor is mainly concerned with

the problems which can arise after the barrier is intentionally opened, and with the mission

tradeoffs associated with the time of opening of the bio-barrier. Detailed analysis, similar

to that discussed for the OI system in Section 17.5.1, should be performed to determine the

magnitude of the different potential recontamination problems for vaiours bio-barrier con-

cepts and mission tradeoffs. Several hardware and mission tradeoff approaches are dis-
cussed below.

At separation, the forward portion of the canister is accelerated away from the capsule by

mechanical means, while the aft end remains between the Spacecraft and the capsule. Be-

cause of the positive gas pressure (assuming that the capsule is pressurized), any microbes

shaken loose from the separation mechanisms or the forward portion of the canister would

be forced away from the exposed capsule surface. The major disadvantage of this canister

separation procedure, whether performed before or after Planetary Vehicle orbit insertion,

is that it causes the exposed capsule to pass through the cloud of spacecraft control gases

ejected during the attitude maneuver. Once the Planetary Vehicle is placed in its Martian

orbit, the capsule will be exposed to the Attitude Control gas and the exhaust from the orbit-

adjust propulsion system, which would have been operated during preceding orbits. No

matter how the gas is dispersed, there is a finite probability that the Planetary Vehicle will

intercept some microbes. Releasing of the capsule as early as possible will minimize the

number of viable organisms intercepted.

An obvious alternative would be the use of two continguous sterilization canisters: one, a

rigid outer barrier which aids meteoroid attenuation and separates before orbit insertion and

the other, a thin film which can be opened at the time of capsule release or separated with the

capsule and ejected later. If the thin-film barrier remains with the Spacecraft, it must be
retracted and stowed so that the ....................... _ .... _ ,-.. • T_ -, • _^1 ...._pacz_zt alb uy it is

with the capsule, means must be devised to assure that it does not reach Mars. This could

conceivably be achieved as follows:

a. Separate the thin-film barrier and then cause it to be rolled or folded up to increase

its W/CDA to a larger value than that of the spacecraft, thus putting it in a safe
orbit.

b. Assure that the film barrier is a self-consumable type, either by an exothermic

reaction, or by a sublimating coating.

The first alternative, the thin-film barrier remaining with the Spacecraft, seems to be the
more feasible one.
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Still another possibility is to keep the canister with the capsule until after capsule-spacecraft
separation. The canister would then be separated. To prevent the contaminatedcanister
from eventually decayingin orbit and impacting Mars, two possibilities exist:

a. The spacecraft orbit could be selected so that the canister (havinga smaller W/CDA
than the spacecraft) will not decay out of orbit before 50 years, which would require
an orbit approximately 2000km x 10,000 km in altitude.

b. The canister could be provided with a sufficient AV (approximately 110 mps) to put

it into a safe orbit, which would require a means of orienting and stabilizing the

barrier while imparting the _V.

Entry will create incinerating heat at the forebody of a sphere-cone configuration; which quickly

decrease toward the afterbody or aft cover. The sterilizing effect is a time-temperature

function. The time is very short, approximately 45 seconds, for the estimated Mars at-

mosphere. Present information indicates that the aft temperatures and time of exposure will

be relatively ineffective as a sterilizing treatment.

Any viable organisms on the heat shield will be incinerated; any on the aft cover may survive

to contaminate Mars. If any viable organisms should be on the capsule after entry velocity

is achieved, they may separate from the capsule as the Mars atmosphere is reached. These

microbes or microbe colonies may have a W/CDA which would allow Mars entry without

sterilization by entry heating.

17.7 Possible Hardware Approaches to Certain Major Problem Areas

17.7.1 Spacecraft Surface Decontamination. Biological contamination of Mars and recon-

tamination of the capsule by particles from the spacecraft surface must be considered in both

the design and handling procedures of the Planetary Vehicle. After normal clean-room

handling, loose particles may remain with the Spacecraft. In addition, particles which were

attached prior to launch may be dislodged during flight by various agents, including:

a. Shock, vibration, and acceleration loading on the spacecraft during rocket firing,

attitude-correction and separation events.

b. The sweeping effect on the spacecraft surface of the impingement of high-velocity

exhaust gases from the propulsion and attitude-control nozzles.

c. Outgassing of materials.

d. Meteorite impact.

At present the degree of precaution which must be taken to prevent biological contamination

of Mars by these agents is uncertain. The basic requirement that the Spacecraft contain no

loose particles greater than four mils in diameter may be adequate. However, if analysis
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shows that further precautions are required, several decontamination (load-reduction) meas-

ures, short of total heat sterilization, may be utilized. These include:

a. Biological load-reduction controls during manufacturing, assembly and handling.

b. Local surface decontamination by ethylene oxide of areas which are swept by ex-

haust gases, and of areas which receive the highest shock and vibration loads.

c. A complete surface treatment with ethylene oxide. The use of ethylene oxide imposes

a serious compatibility requirement on the materials, which must be considered

during design. Therefore, a local surface treatment with minimum ethylene-oxide

exposure would be highly preferred over a complete spacecraft purge.

d. An ethylene-oxide purge of the fairing prior to launch.

e. Exposure of the Spacecraft to a decontamination heat cycle (i.e., a heat cycle less

severe than the accepted sterilization cycle, but in the range of the upper limit of

operating or storage time-temperature product to which components are normally

designed. Possible enhancement of this step occurs with higher relative humidity(7)).

17.7.2 Attitude Control/Propulsion Subsystems. As previously mentioned, ejecta from the

exhaust of the Propulsion and Attitude Control subsystems are a potential source of Mars con-

tamination, the extent of which must be evaluated. These ejecta consist of unconsumed fuel,

exhaust gas, insulation or liner and TVC fluid. Each subsystem must be analyzed individually

to determine the degree of decontamination required.

It is presently believed that analysis, and possibly a test program, will show that total heat

sterilization of the solid-propellant orbit-injection subsystem will not be necessary. The

most difficult problems encountered in total heat sterilization are those which result from sub-

jecting the propellant grain, propellant-to-insulation bonds, and insulation-to-case bonds to

the severe thermal stresses induced by the differences in thermal expansion coefficients

between the propellant and the chamber, and from the degradation of propellant and propellant

bonds during steady-state heating conditions.

It is quite possible that the exhaust gases of a solid rocket motor, resulting from combustion

of the propellant at a flame temperature of 6000 °F, will be _e,,-_L_l,ll_l,l_...................... o1,,_ _1,_'_ is

not an experimentally verified fact, an experimental program should be included if analysis

indicates this to be a critical area. If it can be proven that the exhaust gas from propellant

combustion is self-sterilizing, and if analysis shows that further decontamination of the sys-

tem is required (for the other OI ejecta such as TVC, exit-cone liner), the approach can be to

heat-sterilize the motor chamber with the insulation installed prior to heat-sterilizing the

nozzle, TVC, and ignition subsystems. After propellant casting, the interior surface of the

motor can be surface-decontaminated with ethylene oxide to assure that microorganisms are

not ejected during ignition.

(7)McDade, J.J. and Hall, L.B. ; Survival of Gram-Negative Bacteria in the Environment.

I. Effect of Relative Humidity on Surface Exposed Organisms; Amer. Jour. Hygiene

80:192-204; 1964.
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The problems to be encounteredin sterilizing or decontaminating the monopropellant Orbit
Adjust subsystem and the cold-gas Attitude Control subsystemare quite similar; the major
difference is the use of a liquid in the first case and of a gas in the second. The level of
biological control which will be placed on these systems has not beendetermined. However,
if analysis shows that total heat sterilization is required for one or both of these systems,
several system constraints may be identified:

a. All parts and componentsmust be designedto withstand ethylene-oxide decontamina-
tion andthe acceptedtime-thermal sterilization cycle.

b. The subsystemmust bedesignedin accordancewith a modular concept so that it can
be heat sterilized as a unit prior to installation in the Spacecraft; alternatively, a
sterile methodof connecting feed lines must be developed.

c. If the system is heat sterilized with the propellant or gas loaded, the pressure
causedby the high-temperature exposurecould contribute to the material degrada-
tion of the tanks. If the system is heat sterilized empty, a sterile loading proce-
dure must be developed.

d. All possible leak sources, suchas valves andnozzles betweenthe inside and outside
of the subsystem, must be sealedoff until the Spacecraft is beyondthe Earth's at-
mosphere.

Several methods of decontamination of these subsystems less severe than complete heat
sterilization may prove adequateto meet the overall planetary quarantine requirements.
These methods include:

a. Purge the subsystemwith ethylene oxide and then load with sterile or highly-filtered
propellant or gas.

b. Mix ethyleneoxide with the specific propellant or gas (the feasibility of this approach
has not beendemonstratedand would require investigation).

c. Install absolute filters in the system (theobvious effects on reliability of the system
make this approachunattractive).

Biological control of theAttitude Control subsystem is further discussed in VC234FD104,and
of the Propulsion subsystems in VC238TF (Volume C).

62



CII VC220FD101

TRAJECTORY AND GUIDANCE ANALYSIS

SECTION

1

2

3

4

5

6

7

8

GENERAL

APPLICABLE DOCUMENTS

HE LIOCENTRIC TRAJE CTORY

SATELLITE ORBIT

MIDCOURSE GUIDANCE

ORBIT INSERTION

ORBIT TRIM

CAPSULE DEORBIT



VC220FD101

TRAJECTORY AND GUIDANCE ANALYSIS

1.0 GENERAL. The design trajectories chosen for the 1971 Mars VOYAGER mission and

the criteria for their selection, and several trajectory-dependent parameters required for

design of the VOYAGER Spacecraft are presented in this section. The parameters include

communication ranges, distance from sun, occultation times, and lighting conditions.

The selection of the heliocentric trajectories, satellite orbit, and capsule de-orbit trajectory
can not be accomplished independently because of the inter-action between the characteristics

of each. Since neither the full requirements of the scientific experiments on the satellite

orbit or the capsule design and experiments on the capsule de-orbit trajectory are known, it

would not be possible to optimize the selection of the trajectories or orbit at this time. In

addition, the inter-actions between their characteristics are such that an optimization can be

made only after an extensive parametric analysis. However, the trajectories and orbit

selected fulfill all known constraints and offer a good compromise between design and scien-
tific requirements.

The heliocentric trajectory selection, mideourse guidance, satellite orbit selection, satellite

orbit insertion guidance, orbit trim maneuvers and capsule de-orbit maneuvers will be dis-

cussed independently with the characteristics of each noted as necessary in the discussion of

another. Briefly, the trajectories and orbit selected for design study are as follows:

A. Heliocentric Trajectory

Launch Period - April 28 to June 28, 1971

Arrival Date - First Planetary Vehicle, November 1 to November 17, 1971

Second Planetary Vehicle, November 11 to November 27, 1971

Asymptotic approach velocity (first planetary vehicle) - 3.5 km/sec

B. Satellite Orbit

Size - 1,000 by 10,000 kilometer altitude

Inclination - 60 degrees to Mars equator

Line of apsides - Such that the capsule impact is 20 degrees from the terminator

for a capsule de-orbit on the first day of the orbiting phase

C. Capsule De-orbit Trajectory

De-orbit point - 230 degrees true anomaly

Entry angle - 16 degrees

De-orbit velocity increment - 217 meters/sec

Thrust angle (measured from orbit velocity direction) - 124 degrees
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2.0 APPLICABLE DOCUMENTS

VC211SR101

VC220SR101

V-MA-004-002-14-03

Mission Objectives and Design Criteria

Design Characteristics and Restraints

Voyager 1971 Mission Guidelines

3.0 HELIOCENTRIC TRAJECTORY

3.1 Constraints. The various constraints placed upon the selection of the helicocentric

trajectory are as follows:

a. Only type I trajectories are applicable.

b. The departure injection energy, C3, must be less than 25 km2/sec 2.

c. The absolute magnitude of the declination of the departure asymptote must be

greater than 5 degrees.

d. The launch azimuths shall be greater than 60 degrees East of North and less than

115 degrees East of North.

e. The launch period shall be at least 45 days with a daily firing window of at least
two hours.

f. The launch site shall be complex 39 of the Kennedy Space Center.

g. The coast times in Earth orbit shall be between 2 and 90 minutes.

h. The absolute magnitude of the inclination to the ecliptic must be greater than 0.1

degree.

i. Two Planetary Vehicles shall be launched on a single booster in 1971.

j. The two Planetary Vehicles must arrive at Mars at least ten days apart.

k. The approach velocity to Mars must be less than 4.5 Km/sec.

These constraints are indicated by the shaded areas of the trajectory map of Figure 3-1. The

limitation of -39 degrees for the declination of the departure asymptote results from the re-

quirement of a launch azimuth greater than 60 degrees and at least a two-hour daily firing
window.

3.2 Guidelines. The "VOYAGER 1971 Mission Guidelines", dated May 1, 1965, defines the

following guidelines for use in selecting heliocentric transfer trajectories.

a. The approach velocity should be nearly constant over the entire launch window.

b. The flight times and communication distances should be kept as short as possible.

c. The arrival dates and geometry should be held as constant as possible over the
launch window.

d. The wave of darkening is of interest and arrival dates should be adjusted to view

this phenomena, if possible.
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3.3 Time-of-Arrival Adjustment. A 10-day separation in Planetary Vehicle arrival dates at

Mars can be achieved by the following procedure. The Saturn-IVB stage containing the two

planetary vehicles is injected into a heliocentric transfer trajectory which would result in

the vehicles arriving at Mars midway between the two desired arrival dates. At some time

from two to five days after injection, a maneuver is performed on each vehicle to correct

for injection guidance errors and to change the time of arrival. One vehicle is changed so as

to arrive five days earlier, and the other is changed so as to arrive five days later.

The magnitude of the velocity increment required to change the time of flight by a specified

amount is shown in Figure 3-2. This figure shows contours of constant time of flight sensi-

tivity superimposed on the standard time of flight versus launch date map for Mars 1971

Type I trajectories. Time of flight sensitivity is defined here as the magnitude of the velocity

impulse (in meters/second) required to change the time of flight by one day. Contours are

shown for 10, 20, 30, 40, and 50 meters/sec/day. The absolute minimum sensitivity is 6.4

meters/sec/day and occurs for the trajectory with a May 9 launch date and 186 days flight
time.

Of the total /_V capability of 200 meters/sec which is to be provided for each vehicle, it is

expected that 100 meters/sec will be allocated for the first correction. It is desirable to keep

the first correction as small as practicable so as to reduce dispersion due to maneuver ex-

ecution errors. In order to allow a five-day change in time of flight, the transfer trajectory

should be within the 20-meter/sec/day contour. This contour is also shown on Figure 3-1.

3.4 Trajectory Selection. In the selection of the design trajectories, the following were
considered:

a. Launch - launch period, launch energy, declination of departure asymptote.

b. Spacecraft Design - trip time, communication distance, sun distance and occulta-

tions during the orbiting phase.

c. Propulsion - velocity increment for changing the trip time five days, Mars approach

velocity, and apsidal rotation.

d. Scientific Experiments - effect of approach conditions on viewing and lighting.

e. Operational - constant arrival date.

f. Guidance - propagation of maneuver errors.

It is noted that the longest launch period for a constant arrival date within the 20 meter/sec/

day time of flight change boundary, occurs for arrivals the first week of November. Also,

as will be shown in Section 4.9, the amount of apsidal rotation, hence, orbit insertion velocity

increment, is lower for the earlier arrival dates; i.e., higher ZAP angle. Generally, the

Mars approach speed decreases as the arrival date is delayed from October and November

until the middle of December. tlowever, an approach velocity of 3.5 km/sec will allow

injection into the desired satellite orbit under all conditions of arrival weight.

Trip time, sun distance, and communication distances are lowest for early arrival dates.

Although not shown in this report, it was determined that without apsidal rotations,
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occultations and scientific viewing generally are best for trajectories for which the ZAP

angle is 100 degrees or more (early November arrival). The propagation of maneuver errors

as defined by the dispersion ellipse characteristics in EDP 281, "Trajectory Selection Con-

siderations for VOYAGER Missions to Mars during the 1971-1977 Time Period, " is minimum

for arrival dates around November 1, 1971. This arrival date is unfortunately not well

suited for observing the "wave of darkening". On November 1, 1971, the southern wave has

already passed its peak in most regions of interest and the northern wave does not start

until well towards the end of the expected useful life of the orbiter. To observe either wave

adequately, the arrival date would have to be moved one way or the other by at least three

months, which is obviously impractical for the 1971 opportunity. Wave of darkening con-

siderations, therefore, have little influence on the choice of arrival data for 1971.

An arrival date around the first of November adequately fulfills all constraints and selection

criteria. From Figure 3-1, it is noted that the locus of trajectories having a constant ap-

proach velocity of 3.5 km/sec also defines a region of approximately constant arrival date in

the first half of Noevmber and a constant ZAP angle of the preferred higher magnitude.

Therefore, this 3.5 km/sec boundary is selected as the trajectory rule for the first Planteary

Vehicle. The velocity requirement (100 meters/sec) for time of flight changes, limits the

launch period to between April 28 and June 28, 1971. The declination of the departure asymp-

tote for these trajectories is greater than -35 degrees and the DLA related constraints are

adequately satisfied.

By selecting a launch period from May 3, 1971 to June 17, 1971, which just meets the 45-

day requirement, the velocity requirement for time of flight adjustment can be reduced from

100 meters/sec to 75 meters/see. Improvements in many other trajectory parameters are

also obtained: for instance, the minimum DLA is -32 degrees, (allowing an increase in the

daily firing window to over five hours), maximum C 3 is reduced from 21 km2/sec 2 to 15

km2/sec 2, and the variation in ZAP angle over the arrival period is reduced from 20 to 15

degrees. The sensitivity of miss distance to midcourse maneuver errors is also slightly

less for this reduced launch period.

For design pruposes, design trajectories were chosen as follows {these trajectories are

noted on Figure 3-1 by heavy dots):

Launch Arrival

May 3, 1971

May 3, 1971

June 28, 1971

June 28, 1971

November 1, 1971

November 11, 1971

November 17, 1971

November 27, 1971

The clock angle, earth cone angle, (defined in Figure 3-3) and canopus cone angle as a func-

tion of time are given in Figure 3-4 and the communication and Sun distances are shown in

Figure 3-5. The clock and cone angles are also shown in Figure 3-6 as a polar plot for

ease in determining antenna location and pointing.
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Figure 3-3. Vehicle Coordinate System

3.5 Ground Station Radar Track Profile for Near-Earth Hyperbolic Ascent Trajectories.

Radar track profiles from five ground stations were developed utilizing three near-earth

hyperbolic ascent trajectories for a launch day of May 3, 1971. These profiles are defined

in terms of range and elevation angle above the local horizontal plane from each of the sta-

tions. The track period of interest was from the injection point to approximately 22 hours

after injection.

The geocentric declination and right ascension of the hyperbolic departure asym2Ptote are -31
_,_,_ _a_ _ _,_grees, respectively. An injection energy, (C3) of 10.177 km2/sec and a parking

orbit altitude of 100 nautical miles are used to define the hyperbolic shape parameters. The

true anomaly of the injection point is 3.7 degrees.

Two of the three ascent trajectories were generated using the identical launch azimuth of

60 degrees East of North. The launch window period between these two launches is approxi-

mately six hours. The third ascent trajectory was chosen with a launch azimuth of 74 degrees

East of North to place the launch time approximately in the middle of the six-hour launch

window period defined by the 60-degree launch azimuth trajectories. The five radar stations

which were utilized for the analysis are: (1) Ascension Island, (2) Madrid, Spain, (3)

Johannesburg, South Africa, (4) Woomera, Australia, and (5) Goldstone, U.S.A.

The launch window parameter information was obtained from a launch window analysis com-

puter program utilizing Saturn V booster data. Output from this program was used as the

input to the radar track program which computed the range, azimuth and elevation angle of the
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O

line-of-sight (LOS) vector between radar stations located on a spherical earth to the space

vehicle position. The elevation angle is defined as the angle between the LOS vector and the

local horizontal plane at a tracking station. A zero elevation angle corresponds to the LOS
vector in the local horizontal plane.

The range and elevation angles versus flight time from the injection point are shown in

Figures 3-7 through 3-12 (range is plotted for Woomera and Johannesburg only). The ele-

vation angles for the LOS that fall below zero are not shown; consequently, dead bands on

the elevation angle plots correspond to those time periods when the radar site cannot track

the vehicle. The range plots for Woomera and Johannesburg are shown only for those time
periods when the station can see the vehicle.

4.0 SATELLITE ORBIT

4.1 Constraints. The "VOYAGER 1971 Preliminary Mission Description", dated October 15,

1965 and subsequent direction from JPL defines the following constraints on the selection of
the Satellite Orbit:

a. The probability of contaminating Mars as a result of any single launch for 50 years
after arrival must be less than 10 -4 .

b. The insertion velocity shall be less than 2.2 km/sec.

c. The orbit insertion maneuvers at Mars must take place in view of Goldstone.

d. No orbit shall be selected which will cause loss of the spacecraft roll reference for

a period of time which may impair Flight Spacecraft control in the normal mode

operations.

e. The capsule deorbit velocity increment must be less than 550 m/sec.

f. Capsule separation to occur 3 to 10 days after arrival at Mars.

g. Capsule separation and deorbit maneuvers must take place in view of Goldstone.

h. The capsule entry angle shall be between 20 degrees and vacuum graze.

i. The time from deorbit thrust to capsule entry must be greater than 50 minutes, but
less than 12 hours.

j° The angle of attack at entry must be less than 60 degrees.

k. The landing site must be between 15 and 30 degrees of the terminator, preferably the

evening terminator.

1. The maximum atmospheric descent time shall be less than 900 seconds.

4.2 Guidelines. The following guidelines are useful in selecting the satellite Orbit:

a. A fixed amount of retro-propellant should be used for both Planetary Vehicles

throughout the launch window.

b. Sun occultation should be avoided for as long as possible after arrival.

11
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Co

do

e.

f.

The following combination of conditions should not hold for more than one to two

hours per orbit:

Clock angles of the bright limb of Mars + 35 degrees

Cone angles of the bright limb of Mars 90 _- 60 degrees

The areocentric orbit plane should not be perpdedicular to the Earth-Mars line.

The orbit rate should not be zero with respect to the Earth-Mars line.

Scientific Guidelines (see Note)

1. Topographic TV Experiment

(a) The area of interest on the planet is between 10 degrees north and 40

degrees south latitude.

(b) The local vertical cone angle must be between 100 and 140 degrees.

(c) The altitude should be as low as possible without causing image motion

compensation problems.

2. Color TV Experiment

(a) The area of interest on the planet is between 10 degrees north and 40

degrees south latitude.

(b) The local vertical cone angle should be as close to 180 degrees as possible.

(c) The altitude should be as low as possible without causing image motion com-

pensation problem s.

3. Mars Scanner Experiment

(a) The orbital altitude and velocity should be kept constant.

(b) The local vertical cone angle should be greater than 80 degrees.

4. Ultraviolet Spectrometer

(a) The altitude should be kept as low as possible.

(b) The inclination to the ecliptic should be 30 degrees.

5. Dual Frequency Occultation Receiver. Atfer the first few days of arrival, the

Earth should be occultated during every orbit for less than a month and then

not again.

NOTE

The experiments listed are considered to be typical for a Mars orbiter mission.

The selection of a typical set of experiments was made in order to determine the

effect of various scientific instrument requirements on the trajectory selection and

does not mean that these particular experiments are being proposed for the mission.

In the case of the TV and Scanner Experiments, it is desirable to have the ground

traces to repeat once every one to three months. The swath widths should be evenly

spaced and the period should not exceed the orbital period of Mars.
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g. The capsule angle of attack at entry should be as small as possible.

h. The capsule-orbiter range should be as small as possible.

i. The capsule deorbit velocity should be as small as possible.

j. The capsule entry velocity should be as low as possible.

4.3 Capsule Deorbit Maneuver. Several factors, essential to a successful capsule mission,

influences not only the choice of the capsule deorbit velocity increment, but also the choice

of the deorbit point in the spacecraft orbit and even, to some degree, the spacecraft orbit

itself. The factors are shown in Table 4-1. Improvements in any one of these factors usually

are accompanied by worsening of others. It has been found, however, that a good compromise

solution is achieved when the descent orbit can be made, through rotation of its line of apsides,

to intersect the spacecraft orbit at any desired deorbit point as shown in Figure 4-1. That

is, the descent path should have the same semimajor axis and eccentricity regardless of the

deorbit point.

Selection of a given descent orbit as represented by this compromise solution and an entry

path angle fixes the entry velocity and entry location. The effect of deviations from this

descent orbit resulting in higher or lower entry velocities and path angles are shown in

Figures 4-2, 4-3 and 4-4. Higher velocities and path angles, for example, mean higher £kV,

DEORBIT

Figure 4-1.

SPACECRAFT
ORBIT

\

\\

I

]

longer descent time, higher communica-

tion range and more positive angles of

attack, while entry and landing position

angles increase. All of these effects are

most pronounced for deorbit near apoapsis.

TABLE 4-1. CAPSULE DEORBIT

CONSIDERATIONS

Factor Influence Constraints

AV = 550 m/seeMagnitude of deorbit

velocity increment

Direction of deorbit

velocity ill_m _nt

Time elapsed from

deorbit to entry

Communication dis-

tance from capsule to

spacecraft during

entry

Elevation of spacecraft

above capsule horizon

during entry

Entry and impact

points relative to

spacecraft periapsis !

point

Entry angle of attack

Entry path angle

Entry Velocity

Capsule weight, Angular

errors

Dispersion, Angle of attack

at entry

Capsule power requirements,

View period from Goldstone,

Angular dispersions

Communication power,

antenna gain

Clear communication line

of sight

Location of area for televi-

sion coverage, Dispersion

Effective M/CDA Stability

requi rements

Exospheric attitude control

Loads, Heating, Parachute

deployment, Altitude

Loads, Ileating, Parachute

deployment, Altitude

Mirumize dispersion

and variation an_le of

attack at entry

12 hr > Time > 50 min

Range < 4000 km

Elev. > 15 degrees

Dispersion required,

500 km 3_ desired,

300 km 3ff desired,

Co_trolofentr_pot_t

< 60 deg defimtely

without attitude con-

trol. < 40 deg de-

sired.

Vacuum graze to

20 deg

< 4.6 km/sec

Capsule Deorbit Geometry
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An analysis constrained to a single set of entry conditions will suffice to evaluate the deorbit

opportunities from all points in any given orbit. Applied to a series of orbits, this method

enables a rapid screening of deorbit possibilities, and reduces the points of interest to a

relatively narrow band in a selected range of spacecraft orbits. Small adjustments in AV

and entry path angle can be examined about these few points and error sensitivities deter-

mined about the most optimum conditions to refine the deorbit point selection.

Table 4-2 indicates the effects of the orbiter true anomaly at the separation point for several

orbit altitudes. A good compromise point appears to be a true anomaly of 230 degrees since

for higher true anomalies, the velocity increment and angle of attack increase while for

TABLE 4-2. EFFECT OF SEPARATION POINT ON ENTRY PARAMETERS

Orbit

Peri-apsis Apo-apsis

1000 6000

2000 6000

1000 10000

2o00 10000

1000 15000

2000 15000

Velocity Increment (km/sec) Range at Entry (kin) Angle of Attack
at Entry (deg) Time to Entry {rain)

True Anomaly at Separation True Anomaly at Separation True Anomaly
at Separation

220 230 240

0.243 0.275 0.314

0.375 0.413 0.459

0.201 0.254 0.276

0.319 0.363 0.416

0.171 0.206 0.249

0.275 0.323 0.381

250 220

0.360 1701

0.512 3006

0.226 1926

0.479 3468

0.301 2079

0.458 3600

230 240

1532 1381

2807 2626

1690 1491

3150 2872

1787 1550

3374 [ 3017

250 220

1251 34

2466 50

1325 29

2634 25

1361 27

2725 23

230 240

36 38

31 32

31 35

27 29

30 34

26 28

250 220

41 64.8

33 73.5

38 85.4

31 98.1

38 106.0

31 122.0

True Anomaly at Separation

230 240 250

55.1 46.6 39.4

64.8 57.2 50.5

69.0 55.9 45.5

81.5 68.5 57.8

82.2 63.9 50.3

97.6 78,7 64.1
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lower true anomalies the range and time to entry increase. Any of these true anomalies
would be acceptable, since noneof the parameters violates the constraints.

4.4 Orbit Altitude Selection. The contamination constraint affects the minimum orbital alti-

tude for the areocentric orbit. Using the "Realistic Atmosphere" model in EPD 281, the

associated lifetime curves and a ballistic parameter of M/CDA = 0.22 slug/ft 2, the minimum

orbit altitude curve shown in Figure 4-5 was derived. The assumed ballistic coefficient is

lower than that anticipated for a vehicle of the VOYAGER class giving an additional safety

factor in the orbit selection. Next allocating a probability of contamination due to orbiter

decay of 2 x 10-5, a 30% variation in periapsis altitude as specified in the Preliminary Mission

Description, and a 1% variation in the injection velocity in the worst case direction, the gui-

dance boundary in Figure 4-5 was derived. In Figure 4-5, only orbits to the right of the

curve are allowable. The curves of constant approach velocity shown in Figure 4-5 indicate

the minimum orbit altitude obtainable within the 2.2 km/sec specified velocity increment.

Capsule deorbit trajectory analyses (Section 4.3) indicate that investigating deorbit trajectories

I00000

50000

w
o

_oooo

0

5000

IOOO
IOO

_50-YEAR LIFETIME

_ m/CDA : 0.22 SLUG/FT =

REALISTIC ATMOSPHERE

_MODEL

500 IOOO

PERIAPSIS ALTITUDE (KM)

,1,
q,..

CAPSULE-ORBITER SEPAR-
ATION VELOCITY (KM/SEC)

R-'CAPSULE-ORBITER RANGE AT

CAPSULE ENTRY (KM)

=TIME FROM CAPSULE-

ORBITER SEPARATION TO
CAPSULE ENTRY (MIN.)

-- APPROACH VELOCITY

(KM/SEC), AV z- ORBIT
INJECTION VELOCITY

(KM/SEC)

5000 IOOOO

Figure 4-5. Allowable Orbit Altitudes
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with entry angles of 16 degrees and separation true anomalies of 230 degrees represents a

good compromise with respect to velocity increment, angle of attack, and range. For

these conditions lines of constant orbiter-capsule range at entry, separation velocity incre-

ment and time from separation to entry are also shown in Figure 4-5.

Examination of Figure 4-5 indicates that a wide range or orbiter altitudes satisfy the con-

straints as listed. From the scientific measurement viewpoint, a low altitude is desirbale

in order to achieve maximum obtainable resolution. The lower altitudes, however, may
cause image motion problems. In addition, highly elliptical orbits are undesirable due to the

wide variations in sensor focal length requirements. From an engineering viewpoint, the

lower altitude orbits result in more frequent occultations and shorter communication time
per orbit.

A reasonable orbit altitude which provides a compromise between the competing capsule

parameters, planetary contamination constraint, and occultations is an orbit with a periapsis

altitude of 1000 kilometers and an apoapsis altitude of 10,000 kilometers. Raising the periap-

sis to higher values increases the orbiter-capsule range at entry. Decreasing the apoapsis

causes an increase in the Sun, Earth and Canopus occultations.

4.5 Capsule Deorbit Trajectory Parameters. The following parameters describe the capsule

deorbit trajectory from a 1000 by 10,000 kilometer (altitude) orbit. This trajectory is used
for design purposes.

a. Orbiter true anomaly at separation, 230 degrees

b. Deorbit velocity, 217 m/sec

c. Angle between orbiter velocity and separation velocity, 124 degrees
d. Entry velocity, 4.30 km/sec

e. Entry angle, 16 degrees

f. Angle of attach at entry, 39.9 degrees

g. Central angle travel from separation to entry, 100 degrees

The Orbiter-Capsule range and range rate are shown in Figures 4-6 and 4-7, for the standard

orbits. The angle between the capsule thrusting direction and the line of sight from the

orbiter to the capsule is shown in Figure 4-8. For the four design tL_ajectories, the space-

craft attitude will go off the sun line by 24.7 to 40 degrees. With only this amount of devia-

tion from the sun line, the power output from the solar array will not be less than 76.5% of

that when the spacecraft is stabilized to the sun. Thus, with the line of sight to the capsule

as shown by Figure 4-8, the spacecraft can be maintained in the capsule separation attitude

until after capsule impact; this is desirable in order to provide a high reliability of receiving
the capsule data.

4.6 Occultations. The occultations for the 1000 x 10,000 km (altitude) orbit and various

launch and arrival dates and orbit inclinations are shown in Table 4-3. The line of apsides

of all the trajectories have been rotated such that the capsule will impact 20 degrees from the

evening terminator, if deorbit occurs on the day of arrival and the standard capsule descent
trajectory is used. The orbit insertion maneuver is visible from the Earth for all the tra-

jectories listed in the table. The orbiter is also visible during the entire capsule descent,
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TABLE 4-3. OCCULTATION TIMES

Launch Pert-apsis
Arrival Date AltitudeDate

(kin)

May 3 November 1 1000

May 3 November 11 1000

June 28 November 17 1000

June 26 November 27 1000

May 3 November 1 luuO

May 3 November 11 1000

June 2_ November 17 1000

June 28 November 27 1000

June 8 December 19 1000

June 8 November 29 1000

June 8 November 8 1000

Apo -apsis Incli-

Altitude nation

_m) (de_

10000 60

10000 60

I0000 6O

I0000 60

10000 40

10000 40

10000 40

10000 40

10000 60

10000 60

10000 60

Rotation

(deg)

11.5

19.0

26.0

34.1

?1.7

Earth Occultation Time _ Minutes

Days after Encounter

0 30 60 90 120 150 1180

36.7 26,5 0 0 85.0 0 0

35.5 19.8 0_ 0 92,3 0 0

38.0 26,0 0 0 83.4 0 0

35.3 17.8 0 0 90.9 0 0

35.8 35.3 40,5 42.0 16.7 0 0

Sun Occultation Time _ Minutes

Days after Encounter

0 30 60 90 130 150 180

0 0 0 83,4 0 0 0

0 0 0 93.4 0 0 0

0 0 0 73.3 48.2 0 0

0 0 0 87.2 0 0 0

41.8 48.8 57,9 10,8 0 0 0

28.9 36.3 35.2 40.0 40.8 0 0 0 40.2 50.0 55.7 0 0 0 0

34,0 36.8 38.5 39.7 45.2 32.2 0 0 40,8 41.7 59.5 49.7 0 0 0

42.0 37,3 36.2 39.8 45.7 25.5 0 0 38.3 43.3 54.2 43.3 0 0 0

53.5 29,9 0 0 57.3 56.3 0 0 0 0 31.5 82.2 0 0 0

31.5 34,8 16.4 0 0 93.0 0 0 0 0 0 91.5 0 0 0

14.6 38.3 31.4 0 0 57.3 60.2 0 0 0 0 40.8 71.7 0 0

Star Occultation Time _Minutes

Days after Encounter

0 30 60 90 120 150 ]_t_

0 0 0 0 0 10.0 26.7

0 0 0 0 0.7 21.7 28.0

0 0 0 0 0 0 21.7

0 0 0 0 0 13.8 24,7

0 0 0 7.5 16.7 11.5 25.7

0 0 0 7.0 10.5 20._ 24.0

0 0 0 0 0 13.3 17.h

0 0 0 0 0 7.8 9.3

0 0 0 0 12.3 21.2 27.2

0 0 0 0 0 12.8 24.7

0 0 0 0 0 0 17.2

entry and impact period. The arrival time must be adjusted to ensure that Goldstone is in

view during the capsule separation and deorbit maneuvers.

Comparing the last three trajectories in the table indicates that the early arrival dates delay

Canopus occultations until a later time in the mission and are, therefore, more desirable

from this view point. The first eight trajectories shown in Table 4-3 have relatively early

arrival dates and span the launch period. Comparing these indicates that a 60-degree inclina-

tion is more favorable (when considering occultation effects) than a 40-degree inclined orbit.
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4.8 TV Viewing Parameters. The topographical TV experiment requires low altitude and
local vertical cone anglesbetween100and 140 degrees. The cone angle is defined in Figure
3-3 as the Sun-orbiter-body angle. In this case the body is the center of Mars. Table 4-4
indicates the altitudes and latitudes of coverage for several early arrival trajectories. The
table indicates that the altitudes are optimum near the evening terminator at the start of the
mission andat the morning terminator after 180days in orbit. The 40-degree inclination
covers the more desirable latitudes, 10°N to 40 °S, for topographical TV.

The color TV experiment requires high cone angles near 180 degrees along with low altitudes

for best results. Table 4-5 indicates the best color TV conditions exist in the middle of the

mission for the 60-degree inclined orbits and near the end of the mission for the 40-degree

inclined orbits. The 60-degree inclination orbit gives color TV coverage of scientifically

more interesting latitudes.

TABLE 4-4. CONDITIONS FOR TOPOGRAPHIC TV AT

DAY ZERO CONE ANGLE I00 ° - 140 °

Days In

Orbit

60

60

60

90

60

60

60

60

120

120

120

120

120

120

120

120

180

180

180

180

180

180

180

180

Launch Date

May 3. 1971

May 3. 1971

June 28, 1971

June 28, 1971

May 3. 1971

May 3. 1971

June 28. 1971

June 28, 1971

May 3. 1971

May 3. 1971

June 28, 1971

June 28. 1971

May 3. 1971

May 3, 1971

.June 28, 1971

June 28, 1971

May3, 1971

May 3, 1971

June 28, 1971

June 28. 1971

May 3. 1971

May 3, 1971

June 28, 1971

June 29, 1971

May 3, 1971

May 3. 1971

,June 28, 1971

June 28. 1971

May 3, 1971

May 3. 1971

.lune 28, 1971

June 28. 1971

Arrival Date Inclination

(Deg)

November 1, 1971 60

November 11, 1971 60

November 17, 1971 60

November 27. 1971 60

November 1, 1971 40

November 11, 1971 40

November 17, 1971 40

November 27, 1971 40

November 1, 1971 60

November 11. 1971 60

November 17, 1971 60

November 27, 1971 60

November Io 1971 40

November II, 1971 40

November 17, 1971 40

November 27, 1971 40

November 10 1971 60

November 11, 1971 60

November 17, 1971 60

November 27, 1971 60

November 1. 1971 40

November ll, 1971 40

November 17, 1971 40

November 27, 1971 40

November 1. 1971 60

November iI, 1971 60

November 17, 1971 60

November 27, 1971 60

November 1, 1971 40

Nnvember 11, 1971 40

November 17, 1971 40

November 27, 1971 40

Morning Terminator Region Evening Terminator Region

Altitude Latitude Altitude Latitude

Min MAx In Out Max Min Max In Out Max

4250 9200 7 -39 -39 1000 1850 -60 -29 -60

3750 9100 - 2 -50 -50 1000 2000 -59 -20 -59

4000 9150 7 -42 -42 1000 1900 -60 -28 -60

3350 9000 - 2 -53 -59 1000 2150 -60 -20 -60

5650 9550 - 3 -29 -29 1000 1550 -33 -10 -33

5600 9500 - 9 -32 -32 1000 1550 -30 - 4 -30

5600 9050 1 -25 -25 1000 1550 -36 -14 -36

5500 9500 - 4 -29 -29 1000 1550 -33 -10 -33

1550 3600 -50 -55 -60 1050 1950 - 6 34 34

1700 3850 -54 -53 -60 1050 1900 3 40 40

1500 3500 -51 -53 -60 1050 1950 - 6 35 35

1600 3600 -55 -51 -60 1050 1950 3 41 41

4300 8050 -39 -34 -40 1050 1150 11 33 33

4400 8150 -40 -31 -40 1030 1200 16 35 35

4200 7850 -38 -36 -40 1050 1150 8 31 31

4250 7950 -39 -34 -40 1050 1150 12 34 34

1050 1850 -57 -29 -57 1800 3800 35 99 59

1100 2000 -54 -21 -54 1600 3550 38 60 60

1075 1850 -56 -27 -56 1850 3950 37 60 60

1050 1095 -53 -22 -50 1700 3150 40 60 60

2000 6100 -17 23 23 1050 1300 36 30 40

1950 6050 -12 27 27 1200 1300 37 26 40

2650 6450 -23 9 -23 1140 1150 36 34 40

2650 6450 -19 13 -19 ll50 1150 40 29 40

1000 2250 -ii 90 2250 7750 37 60

1000 2250 - 2 60 2250 7900 29 60

1000 2200 -14 60 2200 7650 38 60

1O00 2250 - 6 60 2250 770@ 30 60

1700 3850 -20 9 -20 1050 1850 39 32 40

1900 4100 33 39 40 1020 1750 4 23 23

1800 4250 26 40 40 I000 1700 16 -13 18

2000 4400 28 40 40 1O00 1600 12 -16 -16
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TABLE 4-5. CONDITIONSFOR COLORTV EXPERIMENT 1971EXAMPLE MARSORBITS

Launch Date

May 3, 1971

May 3, 1971

June 28, 1971

June 28, 1971

May 3, 1971

May 3, 1971

June 28, 1971

June 28, 1971

Arrival Date

November 1, 1971

November 11, 1971

November 17, 1971

November 27, 1971

November 1, 1971

November 11, 1971

November 17, 1971

November 27, 1971

Inclination Day 0 Day 60 Day 120 Day 180

(De_ Cone L Alt Lat Cone L Alt Lat Cone L Alt Lat Cone L Alt Lat

60 146 2909 -53 155 1100 -33 164 1100 3 131 2300 50

60 143 2700 -58 159 1100 -27 158 1100 9 131 2300 56

60 145 2900 -55 152 1100 -02 167 1100 7 135 2200 48

60 142 2700 -58 156 1100 -26 162 1100 11 134 2200 56

40 163 3000 -39 175 2200 -14 142 1600 30 157 1100 28

40 163 2900 -39 173 2200 -10 142 1600 33 162 If00 25

40 163 2900 -39 175 2000 -17 150 1700 25 155 1200 35

40 161 2900 -39 17(; 210( -13 149 1700 29 159 1200 32

4.8 Orbit Inclination Selection. The choice between a 40- and a 60-degree inclination is a

compromise between the scientific and engineering parameters. The 4D-degree inclination

is more favorable for the topographical TV experiment while a 60-degree inclined orbit

probably gives better overall color TV coverage when considering lighting, altitude and lat-

itude. The 60-degree inclination, however, eliminates solar occultations in the early parts

of the mission and requires less apsidal rotation. Since the scientific experiments are not

drastically compromised, a 60-degree inclination orbit is chosen for design purposes.

The selection of the orbit inclination completes the definition of the design orbit. The ap-

sidal rotations, approach velocities, maneuver orbit insertion velocity increment, and loca-

tion of the line of apsides for the design trajectories and orbit are shown in Table 4-6.

TABLE 4-6. APSIDAL ROTATION

PARAMETERS FOR DESIGN TRAJECTORIES

Distance From Terminator

ff Impact Occurs on Day 1

Launch

Date

May 3

May3

June 28

June 29

June 8

June 8

June 8

Arri_

Dat I V=

Nov. 1 60 3.502

Nov. 11 60 3.195

Nov. 17 60 3.507

Nov. 27 60 32865

Dee. 19 60

Nov. 29 60

Nov. 8 60

I - Satellite Orbit Inclination

V = - Approach velocity

q_r - Apsidal rotation

AV - Injection velocity

0T - Angle to terminator of impact

point 10 days after arrival

_r

11.5

19.0

26.0

34.1

53.5

31.5

14.6

Case 1"

_Vmin

1.81

1. 665

I. 895

1. 825

Case 2*

@T _r _Vmi n

27.6 17.5 1.94

28.1 24.5 1.885

28.2 32.0 1.84

27.7 40.4 1.70

*Case 1 - Capsule impact 20 degrees

from the terminator for

separation on same day as

the orbit injection.

*Case 2 - Capsule impact 15 degrees

from the terminator lot

separation on same day as

the orbit injection.

C.

5.0 MIDCOURSE GUIDANCE.

5.1 Guidance Policy. This section presents

the results of an investigation to determine

required midcourse maneuver execution

accuracies which, with a representative

guidance policy, will satisfy the following

guidance performance requirements for the
VOYAGER 1971 Mission :

a. 100 km (3cT) semi-major axis for

the aim point dispersion ellipse

in the R, Tplane at Mars (max-

imum value).

b. One min (3or)time of arrival un-

certainty (maximum value).

Contamination probability of less than 10 -4 for a single launch; 10 -4 is assumed for

each midcourse maneuver on the basis of an allowable contamination probability due
to a maneuver and the probability of correcting the maneuver error.
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A precise pre-mission analysis of the multiple maneuver problem requires a complex tech-
nique such as Monte Carlo simulation; however, an approximate approach along the lines
presented in the JPL documentEPD-250* hasbeen utilized in this investigation.

The midcourse requirements investigated for the selected trajectories include:

a. Number of maneuvers and their timing -- the velocity correction for a 10-day time
of arrival separation is assumedto occur at the first midcourse maneuver.

b. Velocity correction execution accuracies including proportional and non-proportional
errors.

c. Biasing of the aim point to satisfy the non-contamination constraint.

In addition, an investigation was made to determine trajectory correction accuracies satis-
fying a set of guidanceconditions initially stipulated in the document"VOYAGER 1971Pre-
liminary Mission Description", October 15, 1965, p. 35.

5.2 Mathematical Modeling. The velocity correction, _, for a midcourse maneuver is

assumed to be the sum of a constant and a random correction. Assuming an error model de-

veloped by C. R. Gates**, the covariance matrix, Le, for the resultant random execution
errors is given by the equation:

L ((_ 2 2 - --T 7T 2= o" ) n (v v ) + (_ 22- +(_ ) I
e s p p c

where

= standard deviation of proportional shut-off errors

cr = standard deviation of per axis pointing error
P

_c = standard deviation of non-proportional errors; the shut-off resolution error

_r and autopilot error cra are assumed to have the value crc

E(vv T) = second moment of velocity correction

_2 = mean square velocity magnitude

This velocity error covariance matrix is then linearly propagated to the target T, R, S co-

ordinates using the transition matrix, F, to obtain the covariance matrix, A , for the target
dispersion errors,

A =F L F T
e

*"Mariner Mars 1969 Orbiter Technical Feasibility Study", 16 November 1964

**C.R. Gates, "A Simplified Model of Midcourse Maneuver Execution Errors",
JPL TR-32-504
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The transition matrix sensitivity coefficients for the first midcourse correction are obtained
from the JPL compilation of Earth-Mars Trajectories (JPL TM 33-100 Vol. 1, Part A). For
the subsequentmidcourse corrections, the sensitivity coefficients are assumed to be directly
proportional to the propagation time with no coordinate rotation.

To determine the required biasing to satisfy the non-contamination constraint, the following
assumptions are made concerning the probability distribution of the target dispersion errors:

a.

b.

Since the first velocity correction is predominately a constant correction for time of

arrival separation, the resultant dispersion errors are approximately gaussian. A

biasing locus in the R, T plane satisfying the probability constraint is then obtained

by integrating this assumed gaussian distribution over the effective capture area.

Since the second velocity correction is highly random, the resultant dispersion errors

(products of gaussian errors) are decidedly non-gaussian. A biasing locus in the

R, T plane is obtained assuming a 3.9 (; dispersion ellipse (see EPD-250).

5.3 Maneuver Requirements. Using the analysis described in Section 5.2, an investigation
of midcourse maneuver requirements satisfying the performance requirements listed in

Section 5.1, was performed for the following selected trajectories:

Designation

Launch Date

Arrival Date

Flight Time (days)

Time of Arrival

Separation Velocity (m/sec)

A D

5/3/71 6/28/71

11/1/71 11/27/71

182 152

44.3 (-5 days) 96.6 (+ 5 days)

The assumed values for the error sources'are:

ae Velocity correction for injection errors is assumed spherically distributed with

•rms .....,....

b. The following la execution errors are considered:

Ce

Pointing (; = 0.87 deg and 0.57 deg
P

Shutoff (_ = 0.2%
S

Resolution c; = 0.009 m/sec
r

Autopilot _a = 0.009 m/sec

The following orbit

velocity correction

determination uncertainties are assumed when determing the
for the last maneuver:

SGI = 500km (3if)

SG2 = 500km (3o')

SG3 = 3 min (3if)
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Table 5-1 presents the maneuver sequence and resulting dispersion errors for a pointing

error of 1.7 and 2.6 (3_) degrees and for the two trajectories A and D. No biasing from the

first aim point is assumed at injection. Actually a bias will be required to satisfy the non-

contamination constraint. The removal of this bias at the first maneuver will require a

velocity correction of the order of 10 m/sec and will be nearly perpendicular to the velocity

correction for time of arrival separation; hence, its effect on these results will be very

small. A minimum bias distance was used in determining the first aim point. The effective

capture radii were assumed to be 6570 km for trajectory D and 6300 km for trajectory A.

Radial biasing was used in determining the second aim point (the resulting bias distance is

nearly minimal).

Comparison of the results in Table 5-1 indicates that trajectory D is a worst case trajectory

with respect to the propagation of maneuver errors. This is due to:

a. The larger velocity correction required for the five-day time of flight adjustment.

b. The larger sensitivity coefficients for propagation of velocity errors to the R, T

target plane.

For trajectory D and a 2.6-degree pointing error, the dispersion values of 82.8 (3 _ ) km and

24.9 (3 _ ) seconds, SG1 and SG3, respectively, satisfy the guidance requirements of 100 km
and 60 seconds.

TABLE 5-1. MANEUVER SEQUENCES AND GUIDANCE ERRORS

Trajectory

Pointing

Accuracy (3 O)

(deg)

2.6

1.7

2.6

Aiming Point

Velocity Correction Impact

Maneuver Mean RMS Parameter 0 Bi_ SG1 (1 {7) SG2 (1 O) THA SG3 (10_

Time m/sec m/sec (krn) (deg) (kin) (kin) (kin) (deg) (sec)

Injection 90.6 97.0 39,200 94.3 34,400 23,300 9770 16.9 9340

+ 5 days

Encounter 13.3 20.3 9260 41.6 1470 710 585 12.6 196

- 30 days

Encounter 1.7 2.2. 7790 41.6 0 27.6 16.3 -50.1 8.3

- I0 days

Injection 96.6 97.0 28,500 89.5 23,900 15,400 6440 16.9 6120

+ 5 days

Encounter 9.2 13.7 7790 41.6 O 319 256 13.7 89

- 30 days

Encounter 0 0.6 7790 41.6 0 9.3 9.1 -76.2 2.8

- 10 days

Injection 44.3 45.4 19,900 71.0 10,370 6410 2830 7.7 5630

+ 5 days

Encounter 3.9 9.0 7580 40.5 540 336 311 + 1.0 54

- 30 days

Encounter 0.6 0.9 7040 40.5 0 13.2 10.5 -51.2 3.9

- I0 days

The most significant error source is the pointing error in that the values for the final dis-

persions after the third correction are almost entirely dependent on pointing error. In fact,

with a 2.6-degree (3or) pointing accuracy, the resolution and autopilot errors can be doubled

and the shutoff error increased by a factor of three without exceeding the 100 km guidance

requirement. Table 5-1 also indicates that a 1.7-degree (3o) pointing accuracy is required

to eliminate the need for biasing at the second maneuver for trajectory D.
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An investigation was also made to determine required trajectory correction accuracies to
achieve a maximum 3crsemi-major axis for the dispersion ellipse in the R, T plane at Mars
of 100km under the following assumedconditions:

a. Launchdate 5/24/71
Arrival date 11/18/71

b. A 3o'injection error (a i(_ miss is assumedto be correctable with a velocity incre-
ment of i0 m/sec)

c. First maneuver at 5 days after injection; secondmaneuver at 30 days prior to
encounter.

d. No orbit determination error

e. No arrival date separation or biasing

Assuming the following io" execution errors:

Shutoff (Ys = 0.2%

Resolution _r = 0.005 m/sec

Autopilot _ = 0.005 m/sec
a

the required pointing accuracy is

Pointing Accuracy (3o')

1.43 deg

0.82 deg

Injection Error

Spherically Di stributed

VRM S = 10 m/sec (random)

V = 30 m/sec (constant)

6.0 ORBIT INSERTION.

6.1 Orbit Insertion Guidance Analysis. Analysis of desirable capsule descent trajectories

indicates that the periapsis of the satelliteorbit should be close to the evening terminator to

ensure capsule impact within a region 15 to 30 degrees from the terminator. This requires

a positive (inthe direction of motion) apsidal rotation at injectionof varying amounts de-

pending on arrival velocity and arrival date. For the four trajectories considered, ranging

from a May 3, 1971 launch and arrival dates of November 1 and November 11, 1971 to a

June 28, 1971 launch date and arrival dates of November 17, 1971 and November 23, 1971,

the required apsidal rotation (for a 60-degree inclination)varies from 11.5 to 34.1 degrees.

The approach velocity varies from 3. 195 km/sec to 3.507 km/sec.

For a given approach velocity, apsidal rotation and orbit shape, there is an optimum impact

parameter and transfer point which results in a minimum orbit insertion velocity increment

which is given in Figure 6-1. For the above cases this minimum varies from 1.665 km/sec

to 1. 895 km/sec. Since a solid retro engine is to be used, it is desirable to plan the orbit

injection maneuver so that a fixed impulse will suffice for all cases. This can be done by
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Figure 6-1. Minimum Insertion Velocity with Apsidal Rotation

using an impact parameter and transfer point which are different from the optimum so as to

increase the required AV by an amount sufficient to bring the impulse for all cases, required

AV and injected weight, to the same value. For such non-optimum transfers, there are

always two combinations of impact parameter and transfer point which yield the same orbit

using a given AV; Figure 6-2 shows these two injection conditions for a typical case. Table

6-1 lists the approach velocity, impact parameter, apsidal rotation, true anomaly of transfer

point and angle of the AV direction with respect to the local horizonal, resulting in a fixed

A V of 1.90 km/sec for the four selected trajectories. Two injection conditions are listed

for each case. The higher impact parameter trajectory is designated condition (1) and the

lower impact parameter condition (2). The higher impact parameter is preferable from a

guidance viewpoint; however, since transfer occurs earlier, the sensitivity of the orbit to

injection errors is larger and there is a higher probability of exhaust products impacting

Mars. The preferred injection condition, therefore, is the one associated with a lower

impact parameter and injection close to the periapsis of the approach hyperbola.

In the event of a premature capsule separation (prior to orbit insertion), the orbit insertion

A V obtained, assuming all the retro fuel is burned, is increased by about 1 km/seco For

most injection conditions, if the nominal time and direction of retro thrust are used, the

resulting orbit would impact the planet. By changing the time and direction of retro thrust,

a 1000 by 10,000 km orbit can still be obtained; however, the apsidal line will be rotated by

about 70 degrees. If the impact parameter of the approach hyperbola is reduced by 500 km,

a 1,000 by 10,000 KM altitude orbit can be obtained with about 55 degrees apsidal rotation.
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._ LAUNCH DATE JUNE 28,1971

VO0 : 3.286 KM/SEC

_V INJECTION = 1,90 KM/SEC

I000 X I0000 ORBIT

APSIDAL ROTATION =-34.1 DEG.

/
_.,A._ APSIDAL LINE OFSATELLITE ORBIT
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DIRECTION OF TRAVEL} ( DEG )

Figure 6-2. Orbit Insertion Geometry

TABLE 6-I. ORBIT INSERTION PARAMETERS

Condition

May 3-Nov. 1 1

May 3-Nov. 1 2

May 3-Nov. 1 1

May 3-Nov. 1 2

May 3-Nov. ii I

May 3-Nov. II 2

lune 28-Nov, 17 I

lune 28-Nov. 17 2

lune 28-Nov. 27 1

June 28-Nov. 27 2

i

(deg)

60

6O

40

40

60

6O

60

60

60

60

Vhp A_

3.50 11.5

3.50 11.5

3.50 21.7

3.50 21.7

3.195 19.0

3.195 19.0

3.507 26.0 1.9

3.507 26.0 1.9

3.2865 134.1 1.9

3,2865 I 34.1 1.9

AV h
P

1.9 1009.5

1.9 953.0

1.9 1216.1

1.9 1137,0

i .9 985.4

1.9 841.0

1310,4

1296.4

1573.7

2337.9

h i

1300.4

1000.3

1517.5

1140.2

1985.6

10OO.l

1459.3

1405.9

1365.4

1576.3

i inclination Vh

Vhp - approach velocity V e

/X¢p - apsldal rotation ve

AV injection velocity impulse _h

hp - periapsis altitude of approach hyperbola 7e

h i injection altitude

u h - true anomaly of injection point on hyperbola

u h

-24.40

10,12

-24.19

-2.59

-43.11

18.94

-17.00

-14,51

-36.14

-4.67

Vh Ve

5.527 3.670

5.539 3.836

5.453 13.558

5.585 3.756

5.125 3.351

5.455 3.836

5.477 3.587

5.495 i 3.614

5.078 3.187

5.367 3.630

vafocitybefore injection

velocity after injection

true anomaly of injection point on ellipse

path angle of hyperbola at lnJecUon

path angle of ellipse at injection

firing angle

_e Th

-35.93 -16.97

-1.21 7.00

-46.64 -16.95

-24.76 -1.80

-62.06 -29.26

0.55 12.67

-44.07 -11.94

-41.54 -10.19

-72.20 -25.22

-40.06 3.21

_e B

11.89 189.81

-0.41 164.92

-15.26 183.16

-8.26 167.15

-19.85 196.74

0.18 154.12

-14.46 175,23

-13.67 173.36

-22.64 184.34

-13.20 160.64

6.2 Orbit Insertion Error Analysis. A previous study of the orbit insertion problem (TaskA,

VOYAGER Study, CII-VB220AA102-5) provided the following conclusions:

al For small dispersions in the error sources, the results obtained using impulsive

thrusting are in good agreement with the results obtained using non-impulsive

thrusting {non-zero burn time).
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The approach velocity (v) can be determined very accurately so that the effect of
this error source can be neglected.

The error in the knowledge of the gravitational constant of Mars can also be neg-

lected since the present uncertainty in this quantity should be greatly reduced by
197 i.

The following error sources have been shown to be the major contributors to devia-
tions from the desired nominal orbit:

.

.

.

.

DSIF Timing Error - This error source corresponds to a translation along the

nominal approach trajectory (time of flight error).

DSIF Impact Parameter Error - This error source corresponds to an in-plane

translation of the trajectory which is normal to the nominal approach asymptote.

This error results in an off-nominal approach trajectory which affects time and

location of periapsis passage (hyperbolic trajectory) and produces correlated

position and velocity errors at the nominal time of orbit injection.

Velocity Increment Error - This is an error which results from off-nominal

operation of the solid fuel rocket used for orbit injection and small variations

in vehicle weight.

Thrust Orientation Error - The attitude control system is the major contributor
to this error.

e. The four error sources listed in d, above, can be considered to be independent of
each other.

Studies of the orbit injection propulsion system, which utilizes a solid fuel rocket, indicate

that the three sigma error in velocity increment can be held to within 1% of the nominal

velocity increment. The three sigma values for the error in thrust direction is two degrees
or less when all factors which contribute tb this error source are considered. These two

error sources are associated with the injection process.

The specified errors as giveninthe "Preliminary Mission Description" result in the follow-

ing navigation and guidance errors:

a. The timing error has a three-sigma value of 67.2 seconds.

b. The impact parameter error has a three-sigma value of 316 kilometers.

All statistical values given above assume a Gaussian distribution with zero bias.

Since previous studies have demonstrated that results obtained by considering the error

sources to be independent are in good agreement with results obtained using Monte Carlo

techniques, the dispersions in the orbital elements given in Table 6-2 are obtained by calcu-

lating the square root of the sum of the squares of the three-sigma dispersions obtained for

each of the four contributing error sources defined above.
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TABLE 6-2. ORBIT PARAMETER DEVIATION

DISPERSION IN ORBITAL ELEMENTS

Injection Conditions Periapsis Altitude Apoapsis Altitude Apsidal Rotation Period

(3 _) 0Cm) 0 a) 0<m) 0 _) (Deg) 0 cT) (hr)

Nov. 1, 1971

Condition (1)*

Condition (2)*

Nov. 27, 1971

Condition (1) *

Condition (2) *

• Refer to Figure 6-2.

316

260

326

244

1910

1340

1210

1290

4.83

4.31

4.33

3.72

1.30

0.89

0.88

0.84

The breakdown of the total errors for Condition (2) of the November 1, 1971 arrival date is

given in Table 6-3. Periapsis altitude, the element which most affects orbit decay, is not ap-

preciably affected by any of the error sources except for errors in the impact parameter.

However, relatively large changes in apoapsis altitude can result from each of the error

sources considered and these result in corresponding changes in the period.

TABLE 6-3. ORBIT INSERTION ERROR SENSITIVITIES

Error Source Periapsis Altitude Apoapsis Altitude Apsidal Rotation Period

(km) (km) (Deg) (Hr)

Thrust direction, -2 deg

Thrust direction, *2 deg

Time of flight, -67.2 sec

Time of Right, +97.2 see

Thrust magnitude, +1%

Thrust magnitude, -1%

Impact parameter, +316 km

Impact parameter, -316 kin

RSS error

-3

0

-54

+48

0

0

+254

-248

260

*799

-644

-625

+851

-491

+512

+427

-198

1340

+2.60

~2.80

+3.25

-2.85

*0.35

-0.33

+0.02

-0.06

4.31

*0.50

-0.40

-0.40

*0,54

-0.30

+0.30

+0.41

-0.27

0.89

On the basis of these results, even the worst case combination of errors will not prevent

capture of the spacecraft by Mars. The injection conditions corresponding to Condition (2)

for both injection dates result in smaller dispersions in the orbital elements as compared

with the corresponding Condition 1 results. Also, for both of these Condition (2) injection

conditions, the velocity increment of 1.9 km/sec can be added to the initial velocity vector

in any direction without causing the spacecraft to pass below an altitude of 220 km at the

point of closest approach to Mars on the resulting trajectory. In contrast, for both of the

Condition (1) injection conditions, impact will occur if the same velocity increment is added

to the initial velocity vector in certain directions. Condition (1)results. Therefore, Condi-

tion (2) injection should be used for orbit injection. The maximum three-sigma dispersions

in periapsis altitude and apoapsis altitude are 260 km and 1340 km, respectively, with a cor-

responding dispersion in period of 0.89 hour. Based on present estimates of the Martian

atmosphere, atmospheric capture of the spacecraft will not occur during the fifty-year period

following orbit insertion for the worst case orbit. The corresponding three-sigma dispersion

in the in-plane orbit rotation is 4.31 degrees.
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The nominal inclination of the orbital plane is 60 degrees. The inclination is influenced by

errors in impact parameter which are normal to the nominal plane of the approach trajec-

tory, and by errors in thrust direction which are also normal to the nominal plane of the

approach trajectory. Using the same values for the three-sigma dispersions of these error

sources as were used for the in-plane errors, the three-sigma dispersion for orbit inclina-

tion is approximately 2 degrees for condition (2) of the November 1, 1971 arrival date.

7.0 ORBIT TRIM. Four orbit parameters are considered as subject to adjustment after in-

jection into the areocentric orbit. They are: periapsis altitude, apoapsis altitude, inclina-

tion, and argument of periapsis, in order of priority. No adjustment of the line of nodes is

considered. A solution for the optimum maneuver to accomplish the forementioned adjust-

ments (minimum AV) has not been found, but even if it were available, it would not neces-

sarily be suitable because of limited A V available for orbit adjustment. For this reason,

the requirements for adjustment of each parameter are first presented independently of the

other corrections, and secondly the possibility of combining a high and low priority correc-
tion in a single maneuver is examined.

Figures 7-1 and 7-2 present the velocity increment required to correct periapsis and apo-

apsis errors as a function of those errors. A typical maneuver to correct the orbit shape

(with the correct priorities) would be a AV applied at apoapsis (Figure 7-1) to correct the

periapsis error and a /_V applied at the corrected periapsis (Figure 7-2).

-4O

-50

-60
-400

APOAPIS ERROR,

"__--_ (KM),6ooo

-2000 _ "

\ ,.
-300 -200 -I00 0 I00 200 300 400 500

PERIAPSIS ERROR (KM)

Figure 7-1. Periapsis Error Correction
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Figure 7-2. Apoapsis Error Correction

300 400

Figure 7-3 shows the velocity increment required for a plane (inclination) change or apsidal

rotation. The plane change is conducted at the node, and is a function of true anomaly at that

point. The AV required is, therefore, a function of the argument of periapsis, with the

maneuver being conducted at whichever node is closer to the apoapsis. Assuming that orbit

trim maneuvers can be executed with the same accuracy as the midcourse corrections, the

residual errors in the orbit parameters due to execution errors are negligible compared with

the orbit determination errors, so that the accuracy of the orbit after trim is dependent pri-

marily on orbit determination accuracy.

Two methods of accomplishing the apsidal rotation are given. The single impulse maneuver

is conducted at the intersection of the old and new orbits. This method has the advantage of

requiring a single maneuver, but is relatively costly in terms of velocity change. The opti-

mum method requires two symmetrical impulses applied at the semi-latus-rectums of the

old and new orbits, with a large transfer orbit between them.

Figure 7-4 considers a series of combined maneuvers using the total AV budget (100 m/sec)

for the case when the line of apsides coincides with the line of nodes. This is an idealization,

but illustrates the savings obtainable by combining the periapsis correction with a plane

change or apsidal rotation. Combining apoapsis corrections with other changes is less ad-
vantageous for this situation.

Figures 7-1 through 7-4 show that the assumed errors of ±300 km periapsis altitude, ±5

degrees inclination, and ±10 degrees apsidal rotation cannot all be corrected with a _V
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capability of 100 m/sec. Figure 7-4 shows (for the idealization considered) that along with a

300-km periapsis correction an apsidal rotation or plane change of slightly more than 4 de-

grees can be accomplished, but not both. Removal of the idealized restriction and optimiza-

tion of the trim maneuver requires refinement of injection errors and further analysis.

8.0 CAPSULE DEORBIT

8.1 Orbiter-Lander Separation. Prior to the actual deorbit maneuver, it is necessary to

separate the capsule from the orbiter. A small separation velocity is applied to the capsule

before the capsule is spun-up. This separation maneuver is made in such a manner that the

orientation of the capsule is held fixed to the direction required for the deorbit maneuver. By

necessity, the separation velocity is applied in this direction. This separation maneuver is

performed to allow the capsule to move far enough away from the orbiter so that after retro

propulsion subsequent motion of the capsule and/or large particles from the deorbit rocket
will not result in collision with the orbiter.

The maximum coast time from separation to deorbit maneuver is specified as 20 minutes.

Using the following nominal deorbit conditions, the separation dynamics betwen orbiter and

capsule as a function of time from separation, were analyzed:

True anomaly = 230 deg

Firing angle = 124 deg

The firing angle is measured from the velocity direction, see Figure 8-1. Note that the

capsule can be ejected in either of two directions along the firing direction. The results of

the analysis are shown in Figure 8-2. The angle, (_LOS' is the angle between the line-of-

sight from the orbiter to the capsule and the deorbit firing direction. The range, RLOS, is
the line-of-sight distance from the orbiter to the capsule.

From the data of Figure 8-2 it is possible to determine the probability of collision between

deorbit rocket particles. The probability density representing the dispersion due to pointing
inaccuracies during firing is:

1 -1/2 d 2
p(d, (7) - -------_ e --_

2¢r¢_ (Y

where

d
is the standard deviation of dispersion

is the minimum distance between capsule or capsule rocket pieces and the orbiter

The probability of impacting an area A centered at a distance d from the center of the dis-

persion is approximately:

A -1/2 d 2
p ((7) _ e

2 2
2_r_
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Assuming a one-m/sec separation velocity betweenthe capsule and the orbiter and a 20-
minute separation time before firing of the capsule engine, the maximum probability (assum-
ing a dispersion (r = d/J-2) of large engine particles striking the orbiter (assumed three-

meter radius) is 0.022. For release of the capsule in the opposite direction, the maximum
probability of the capsule striking the orbiter is 0.057.

The probability of collision can be reduced by increasing the separation velocity or the time

between separation and engine firing. For instance, if the time is increased to 30 minutes,

the minimum distance between the center of the orbiter and the capsule or engine particles

is increased to approximately three times (36.2 meters) that for a separation time of 20

minutes. This decreases the probability of collision between capsule and orbiter or capsule
engine pieces and orbiter by a factor of nine.

8.2 Satellite Orbit Deviation. The flexibility of the capsule deorbit system to accommodate

changes in spacecraft orbit is illustrated in Figures 8-3, 8-4, and 8-5. Figure 8-3 shows

that for the nominal 1000 x 10000-km orbit the fixed deorbit velocity increment selected

for a nominal deorbit at 230 degrees true anomaly can be used at earlier or later deorbit

points to provide a shifting of the entry point by nearly 10 degrees central angle. Figures

8-4 and 8-5 show that this same A V can be used to deorbit successfully from a larger orbit

(1300 x 13000 km) or smaller orbit (700 x 8000 km) with a similar range of entry points;

a considerable overlap of entry points for this range of orbits is also possible. Therefore,

expected deviations in the orbit size and location of the line of apsides of the spacecraft orbit

can, within generous limits, be accommodated by adjustment of the deorbit point and A V

direction without change in the _V magnitude so as to achieve impact at the desired location.

Figure 8-3 also shows that the same entry point can be met with a AV which is 50 m/sec lower

than the nominal. This permits orientation of the _V vector to achieve nearly 140 m/sec
velocity increment normal to the plane of the orbit. This would result in a successful deorbit

to the same entry point with approximately 4 degrees central angle cross range at the entry
point.

In Figures 8-3 through 8-5, the range of entry path angles is approximately vacuum graze
to 20 degrees.

8.3 Capsule Deorbit Error Sensitivities. Error sensitivity from deorbit to entry is shown
in Table 8-1 for typical errors in both orbit determination and deorbit execution for a 230-

degree deorbit true anomaly. The orbit determination errors include periapsis altitude

orbital period, gravitational parameter and direction of the line of apsides in the orbital

plane. The deorbit execution errors are velocity increment error, velocity increment direc-

tion error, and error in time since periapsis passage at which the velocity increment is

added. Table 8-2 shows error sensitivities during the atmospheric entry portion of the cap-
sule flight. The total RSS landing dispersion due to these error sensitivities that are based

on direct coupling between down-range dispersion and entry path angle errors but other-

wise random, normally distributed errors is shown in Table 8-3 to be 242 km and is well

within the goal of 300 km. The assumptions of random error, normal distributions and

non-coupling of orbit determination errors are subject to correction based on the orbit de-

termination method. Also, the assumed error magnitudes may be inconsistent with orbit
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TABLE 8-1. CAPSULE DEORBIT MANEUVER ERROR SENSITIVITIES

Error

Source

Pe riapsis Radius

Orbital Period

Gravitational Parameter

Line nf Ap__!de_

Velocity Increment

Pointing

Time (Periapsis to deorbit)

RSS

Error

Magnitude

5 km

0.2%

0.3%

0.2_,

3%

2%

o. 1%

Entry

Velocity

(M/see)

0.152

0.228

7.09

0.328

0.914

3.28

0,38

7.89,

Entry Path

Angle

(deg)

0.11

.24

0.0

0.05

0.71

0.50

0.10

O. 92

TRAJECTORY PARAMETER VARIATIONS

Entry Position

Angle

(deg)

0.30

0.60

0.007

0.28

1.56

0.80

0.26

1.92

Deorbit to

Entry Time

(sec)

3.6

36.0

1.7

0.60

36.0

6.0

7.0

51.9

Capsule

Spacecraft

Range (km}

't. 4

12.5

1.2

2.2

16.0

22.0

5.0

30.8

NOMINAL CONDITIONS

Entry Velocity, 4.3 km/sec Deorbit to Entry Time, 4167 see

Entry Path Angle, 16 degrees Capsule-Spacecraft Range, 1724 km

Entry Position Angle, 327 degrees

determination practice. However, at the assumed levels, the deorbit execution errors which

are within current demonstrated state-of-the-art, are the principal influence on dispersion

so it seems safe to expect that the RSS values shown are realistic. The errors shown are

in-plane errors. Cross range errors can also result from bV alignment errors or orbit

determination errors, but they should be small compared with the in-plane errors.
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TABLE 8-2. CAPSULE DEORBIT ENTRY

ERROR SENSITIVITIES
TABLE 8-3. CAPSULE IMPACT

DISPERSION

Parameter Variation

Position Angle, Main Chute

Entry Deployment lleight

Error Source Error Magnitude (deg) (m)

Entry Velocity

Entry Path Angle

Atmosphere

Parachute De-

ployment Vel-

ocity

i8.5 m/sec

• 1 deg

VM8, VM3

i30.5 m/sec

0.4

2.25

0.93

Neg.

7

387

7920

887

Nominal Vehicles

Diameter, 12 ft

Weight, 1200 lb at entry

(M/CDA - O. 261 sleg/ft 2)

Drogue chute, 24-ft diameter.

deployed at 716 m/sec

Main chute, 50.5-It diameter,

deployed at 183 m/aec

Nominal Entry Conditions

Entry Velocity. 4.30 kin/see

Entry path angle, 16 degrees

Entry Position Angle Entry Due to Deorbit (deg)

Entry Position Angle Error During Entry Due

to Path Angle Error of 0.915 deg

Sum

Entry Path Angle Position Angle Error Due to

Entry Velocity Error of 7,9 m/sec (deg)

Entry Position Angle Error Due to Atmosphere

Variations (deg)

Entry Position Angle Error Due to Parachute'

Deployment Velocity Error of 30.5 m/sec

1.916 deg

2,06 deg

3,976 deg

0.037 deg

0.93 deg

Neg.

RSS Error 4.083 deg

242.3 km
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COMPONENT DESIGN PARAMETERS

1.0 SCOPE. This document defines the weight, the electrical power requirements, and the

temperature environment of all spacecraft components. In its final form, it shall serve as

the control document for these parameters.

2.0 APPLICABLE DOCUMENTS.

VC211SR101 Mission Objectives and

Design Criteria
VC220SR101 Design Characteristics and

Restraints

3.0 DESIGN PARAMETERS. Table 3-1 lists the weight, power parameters, and thermal

parameters of all applicable spacecraft components. The operating and nonoperating temper-

ature limits present the minimum and maximum subassembly temperature in degrees Fahren-
heit that the component can reliably withstand without failure.

Table 3-2 lists the average power parameters for the subsystems as a function of the flight
sequence. It is identical to the energy balance sheet discussed in VC236FD101. Under each

event in the flight sequence, the average power is listed for those components and subsystems
which are drawing power during that phase.
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TABLE 3-2. AVERAGE POWER PARAMETERS

Mission Phase

2400-cps Inverter Loads:

Radio

Telemetry

Command

Data Storage

Guidance add Control

Articulation

----* Pyrotechnic

Computer and Sequencer

Science

Cl_k and Synchronizer

Environmental Control

Inverter Load Subtotal

Harness Loss

v------ Total Inverter Output

2"--_ _ Efficiency

Inv_ _r__.J---_Thermal Loss
Total 2400-cp8 Inverter Input

-- 400-elm, 3 tO Inverter Loads:

Guldafice and Control {PF : 0.35)

Inverter Loa_ Subtotal

Harness Loss

Total Inverter Output

Efficiency---_ Ther mat Loss

-- Total 400-cpe, 3 to Inverter Input

400-eps, 1,o Inverter Loads:

Science

-- Inverter Load Subtotal

Harness Loss

-- Total Inverter Output

_ E ffietencyl_-o Ther real Loss
Total 400-cp8, I to Inverter Input

400-clm Inverter Input Subtotal

Diode Thermal Loss

__ Main Regulator Output

_ EfficiencyMor._J----_ Ther real Loss
Main Regulator Input

Unregulated D-C Loads:

Capsule

Radio

Gyro Heaters

Unregulated D-C Load Subtotal

Harness Loss

Total Unregulated D-C Load

Unregulated Bus Power

Direct Battery Loads:

Fault Sensors

Thrust Vector Control Engine (Pk

Direct Battery Load Subtotal

Harness Loss

-- Total Direct Battery Load

Battery HuB Power

i Thermal Loss

Battery power Output

Battary Energy Output (W-hr)

-- Battery Power Input

Charger Output

y---] EfficienCy
_C _ Thermal Loss

-- Charger Input

Array Bus Power

HarDNtS Lo6s

Array Power Requirement

Arr_ power Available

Launch to

kc quisition

(Typical)

30

8

20

36

20

3

2

50

9

178

1.8

179.8

' Orbit with Capsule

Spacecraft Day

Mars Full [

Mldcourse Orbit 1

Science Other

Cruise Maneuver Insertion (2 hr Times

(Typical) (Typical) 14 mln)

30 30 30 30 30

20 20 20 20 20

3 9 9

12 32 40 21 21

3 3 3 3 3

2 2 2 2 2

50 50 50 50 50

29 29 29 96 11

9 9 9 9 9

166 192 200 264

1.7 1.9 2.0 2.7

167.7 193.9 202.0 266.7

0.87 0.87 0.88 0.88 0.90

26.5 25.8 27.3 27.7 31.3

206.3 193.5 221.2 229.7 298.0

9 9 18 9

9 9 18 9

0.1 0.1 0.2 0.1

9.1 9.1 18.2 9.1

0.56 0.56 0.56 0.56

7.0 7.0 14.0 7.0

16.1 16.1 32.2 16.1

10

10

0.1

10.1

O. 80

2.5

12.6

16.1 16.1 32.2 28.7

0.1 0.1 0.2 0.2

222.5 193.5 237.4 262.1 326.9

0.87 0.86 0.88 0.88 0.90

32.2 30.6 33.0 34.4 38.0

254.7 224.1 270.4 296.5 364.9

200 200

50 147 147 147 147

6 6 12 6

56 347 153 159 353

O.R 3.5 1.5 1.6 3.6

56.6 350,5 154,5 160.6 356.6

311.3 574.6 424.9 457. I 721.5

2 2 2 2

(875)

2 2 2 2

2 2 2 2

313.3 2 420.9 459.1

3.2 4.3 4.6

316.5 2 431.2 463.7

532 696 1593

86 118 126

2

1

3

577.6

5.8

583.4

I817
i - I

2

2

2

2

2

1.4

33

14.9

16.9

50.3/5

1.0

17.9

739.4

7.5

746.9

802

L63

1.6

i64.6

O. 86

25.6

L90.2

9

9

0. I

9.1

0.56

7.0

16. I

5

5

0.1

5.1

O. 73

1.9

7.0

23.1

0.2

213.5

0.87

31.7

245.2

200

147

6

353

3.6

356.6

601.8

2

2

2

2

2

12.4

522

128.3

130.3

50.3/5:

7.3

137.6

739.4

7.5

746.9

802

Eclipse

I. 8 mln)

30

8

20

9

21

3

2

50

II

9

9

Orbit without Capsule

Spacecraft Day

Full

Capsule ;cience, )ther Eclipse

eparation (2 hr rimes (66 rain)

,_rypic al ) L4 mln)

30 30 30 30

8 8 8 8

20 20 20 20

9 25 9 9

21 21 21 21

3 3 3 3

2 2 2 2

50 50 50 50

11 125 40 40

9 9 9 9
9

172 163 393 192 201

1.7 1.6 3.0 1.9 2.0

173.7 164.6 296.0 193.9 203.0

0.86 0.86 0.90 0.88 0.88

26. 1 25.6 32.9 27.3 27.8

200.8 190.2 328.9 221.2 230.8

9 9 9 9 9

9 9 9 9 9

0.1 0.1 0.1 0.1 0.1

9.1 9.1 9.1 9.1 9.1

0.56 0.56 0.56 0.56 0.56

7.0 7.0 7.0 7.0 7.0

16.1 16.1 16.1 16.1 16.1

5 10 5 5

5 I0 5 5

0.1 0.1 0.1 0.1

5.1 10.1 5.1 5.1

0.73 0.80 0.73 0.73

1.9 2.5 1.9 1.9

7.0 12.6 7.0 7.0

23.1 16.1 28.7 23.1 23.1

0.2 0.1 0.2 0.2 0.2

224.1 206.4 356.8 244.5 254.1

0.87 0.87 0.90 0.88 0.88

32.3 31.3 39.6 33.4 33.9

256.4 237.7 396.4 277.9 288.0

2OO

147 147 147 147 147

6 6 6 6 6

153 353 153 153 153

1.5 3.6 1.5 1.5 1.5

154.5 356.6 154,5 154.5 154,5

410.9 594.3 550.9 432.4 442.5

2 2 2 2 2

2

2

412.9

4.2

417.1

290.7

114

2 2 2 2

2 2 2 2

196.3 2 2 444.5

2.0 4.5

198.3 2 2 449.0

347 403.9

54 8.6 18.1 122

199 760

89.1 186.8

91. I 188.8

50.3/_ 50.3/_

4.8 9.9

95.9 198.7

646.8 63 I. I

6.5 6.4

653.3 637.5

400 721 721 i
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LAUNCH VEHICLE INTERFACE

1.0 SCOPE. This document specifies the requirements placed on the Planetary Vehicles by

the Launch Vehicle System and the requirements placed on the Launch Vehicle System by the

Planetary Vehicles. Each Planetary Vehicle includes a Flight Capsule, and a Flight Space-

craft. These requirements are based upon JPL data and, where necessary, assumptions

which are explained in the appropriate sections. It is assumed for this study that the Launch

Vehicle System includes the Launch Vehicle, the nose fairing and structural shroud, encap-

sulation diaphragms, umbilical lines, VOYAGER launch complex facilities, and all other

supporting equipment for prelaunch and launch activities. The nose fairing is defined as

that portion of the enclosure which protects the forward Planetary Vehicle. The structural

shroud is defined as that portion of the enclosure which provides support for the forward

Planetary Vehicle and protection for the aft Planetary Vehicle.

All Planetary Vehicle interfaces with the Launch Vehicle are the responsibility of the Space-

craft System. The Spacecraft System and the Launch Vehicle System have functional, physi-
cal, electrical signal and power, RF, and environmental control interfaces. Each of the

interfaces is shown in Figure 1-1 and described below.

2.0 FUNCTIONAL INTERFACE. Two identical Planetary Vehicles will be launched to-

gether on the specified trajectory. The Spacecraft System will be able to maintain launch

readiness in fueled and mated condition for the duration of the launch opportunity. The

Launch Vehicle System will be capable of maintaining readiness for a daily firing window of

2 hours for a 20 day period and have a probability of 0.99 for accomplishing the launch. The

Launch Vehicle will have parking-orbit capability and a guaranteed gross injection weight

capability of 63,000 lb on a Mars trajectory with a C3 of 25 km2/sec2 based upon a launch

azimuth of 115 degrees. The Saturn-IVB stage will be capable of providing the final burn

after an interval of 2 to 90 minutes in nominal parking orbit.

During ascent through the Earth's atmosphere the Planetary Vehicles are enclosed in the

launch vehicle nose fairing and structural shroud. The aerodynamic nose fairing is jettisoned

at approximately 350,000 feet altitude.

Each Planetary Vehicle will be separated from the Launch Vehicle by firing the squib-actua-

ting valves of the separation system which in turn release high-pressure gas to each of the

16 separation thrusters.

At the time of separation of the forward Planetary Vehicle, it is given a relative velocity of

3.4 ft/sec by the separation system. The maximum angular rate at separation must be less

than 3 deg/sec. The Launch Vehicle will contribute less than i deg/sec and the maximum angular

tip-off rate attributable to the spacecraft separation system must be less than 2 deg/sec.

It is assumed that after separation of the forward Planetary Vehicle, the structural shroud

can be ruptured and folded back, as shown in Figure 1-1 and remain attached to the Launch

Vehicle to satisfy the planetary quarantine constraint. The forward Planetary Vehicle
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Figure 1-1. Launch Vehicle/Planetary Vehicle Interface

adapter is attached to the shroud, and likewise remains with the Launch Vehicle. Subsequent

to the assumed 5 minute fold-back operation, the aft Planetary Vehicle is given a relative

velocity of 2.5 ft/sec by its separation system. The resultant nominal separationvelocity, be-
tween the two Planetary vehicles, of 1.9 ft/sec [3.4-2.5(_]insures the necessary
dispersion at the time of the first mid-course maneuver 2 tO5\_'days after injection. The max-

imum angular separation rates for the aft Planetary Vehicle are the same as for the forward

Planetary Vehicle.

The 1_ miss plus time of flight dispersions of each Planetary Vehicle shall be correctable

with a velocity increment of 10 m/see or less, 2 days after injection.

3.0 PHYSICAL INTERFACE. The identical mechanical interfaces between the Planetary

Vehicles and the Launch Vehicle System are the field joints, stations 3610.75 and 3287.5,

formed by the bottom surfaces of the Planetary Vehicle adapters and the shroud fittings as

shown in Figure 1-1o These mechanical interfaces are the only structural supports for the

Planetary Vehicles. Approximately at these station planes are the encapsulation diaphragms

and the launch vehicle inflight electrical disconnects. The Planetary Vehicle adapters are

attached to the shroud fittings by means of 64, 5/16-inch-diameter shear and tension bolts,
located on a 251.8-inch diameter, inserted from the underside of the interface.

Before mating, the aft Planetary Vehicle is encapsulated in the structural shroud with both

ends sealed by a diaphragm. This total assembly is supported and handled by lugs which are

adjacent to the lower structural shroud fittings. The forward Planetary Vehicle is likewise

encapsulated in the nose fairing with an end diaphragm and is handled and supported by handl-

ing lugs adjacent to the upper structural shroud fittings below which is the mating field joint
to the structural shroud.

2
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In addition to the structural interface, the Launch Vehicle System provides two umbilical

connections in the structural shroud which are adjacent to each of the Planetary Vehicle

adapters. The design of the electrical connectors in the encapsulation diaphrams is the

responsibility of the Planetary Vehicle contractor. The Launch Vehicle System provides ac-

cess ports to the mating connectors in the Launch Vehicle structural shroud and instrument
unit.

4.0 ELECTRICAL SIGNAL AND POWER INTERFACE. The electrical interface between the

Planetary Vehicles and the Launch Vehicle System is illustrated in Figure 4-1 and includes

ground power, launch monitor control, spacecraft, capsule and environmental telemetry, and

firing circuits for the various separation events. Prior to liftoff, the Planetary Vehicles are

switched from launch complex to internal power.

All electrical exchanges are accomplished by means of launch complex umbilicals to each

Planetary Vehicle and wires from the Planetary Vehicles down to the Launch Vehicle. The

umbilical connections are located in the structural shroud adjacent to each Planetary Vehicle

adapter. The leads between the Planetary Vehicles and the Launch Vehicle consist of the

firing circuits and the inflight disconnect telemetry circuits.

4.1 Launch Complex Umbilicals. The launch complex umbilical harnesses shall provide

wiring for ground power and the monitor and control signal exchanges between each Planetary

Vehicle and the launch complex. Each harness contains an estimated 108 leads to each

Planetary Vehicle as shown in Table 4-1.

TABLE 4-1. NUMBER OF WIRES PER

PLANETARY VEHICLE UMBILICAL

Subsystem No. Wires Subsystem No. Wires

Power

Radio

Telemetry

C&S

Pyrotechnic

12

5 coax

1 coax

30

10

G&C

Propulsion

Science

Capsule

6

8

12 (assumed)

24 (assumed)

The Planetary Vehicles shall be capable of

withstanding a failure (open or short) of the

launch complex umbilicals. Complete dis-

cussion of the launch complex umbilicals

can be found in CII VC280FD100 of Volume

B.

4.2 Launch Vehicle Inflight Disconnect.

Planetary Vehicle environmental measure-

ments such as vibration, acoustic, pressure,

and temperature will be made and transmitted over the LaunchVehicle telemetry system. In

addition, spacecraft telemetry signals will be provided for transmission over the Launch

Vehicle telemeter. The disconnect leads from each Planetary Vehicle are routed to the

Launch Vehicle as shown in Figure 4-lo

Prior to each Planetary Vehicle separation, the inflight disconnects at the Planetary Vehicle

adapter are pulled by a mechanism which is released by a squib-actuated pin-puller.

4.3 Launch Vehicle Direct Wiring. Since squib-firing circuits are not routed through in-

flight separation connectors certain direct wiring is required from the Launch Vehicle. The

squib-actuated pin-pullers which release the pull mechanism of the inflight disconnects and

the actuating valves of the Planetary Vehicle separation systems are activated by the Launch
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Vehicle in the proper timing sequence. It
is also assumed that the Launch Vehicle will

supply the power since the Planetary Vehicle

pyrotechnics subsystem is not armed until

separation so that an inadvertent or spurious

command prior to that time cannot cause a

premature squib firing.

Each of the pin-pullers and each of the ac-

tuating valves for each Planetary Vehicle

has two electro-explosive devices. Each

device has 2 bridges which require 5 amps
for 10 milliseconds. Thus a total of 16

wires are required for each Planetary Ve-

hicle. Each Planetary Vehicle provides the

ignitor wiring, safe-arm devices, and con-

nectors on the Planetary Vehicle adapters.

5.0 RF INTERFACE. The output RF signals

from each Planetary Vehicle are picked up

by means of a parasitic antenna coupler.

One coupler is mounted on the shroud ad-

jacent to the aft Planetary Vehicle adapter

and one is mounted on the shroud adjacent

to the forward Planetary Vehicle adapter.

Each signal is carried to an antenna on the exterior surface of the structural shroud. The

antennas are located so that both flight spacecraft are in communication with the Cape 71

DSIF station during the launch phase.

6.0 ENVIRONMENTAL CONTROL INTERFACE. Thermal, humidity, and contamination con-

trol (gas flow) environments are provided by the Launch Vehicle System to the encapsulated

Planetary Vehicles from time of explosive safe/sterile assembly through nose fairing sepa-

ration. It is assumed that the encapsulating diaphragms are supplied with the nose fairing

and structural shroud. The diaphragms are located in the adapters, approximately in the

structural mating planes and remain with the adapters.

The Launch Vehicle System will supply bacteriologically filtered gas through each umbilical,

at 60 ± 10 ° F, 30 ± 10% humidity, to maintain a positive pressure in the shroud to preclude in-

ward leaks. The gas selection will be dictated by engineering and biological considerations.

The flow rate is such that there is an air change approximately every 5-10 minutes. A re-

turn exhaust line is also provided by the Launch Vehicle System for each Planetary Vehicle.

Each vent hole to the exhaust lines is required to have a bacteriological filter to prevent

contamination after hose disconnect as well as to provide a means of pressure equalization

during atmospheric ascent. A second bacteriological filter is required at the vehicle end of

the exhaust line to prevent laminar flow back into the nose fairing and shroud filters.

I
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The Planetary Vehicles will be delivered to the launch complex for mating enclosed in their
encapsulatednose fairing or shroud and attachedto their handling and mating AHSE. The en-
capsulated Planetary Vehicles will be lifted and matedby the LaunchVehicle contractor.
From the time the Planetary Vehicles leave the explosive-safe sterile assembly facility in
fueled and ready condition, they will remain encapsulatedfor launch pad operations.

O
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FLIGHT CAPSULE INTERFACE

1.0 SCOPE. This document covers the interface design and functional relationships between

the Flight Spacecraft and Flight Capsule. It will serve to specify those design features which

are considered necessary for the successful accomplishment of the VOYAGER Mission. The

assumptions which have been made about the Flight Capsule and its mission are outlined, as

well as those interface solutions which would be desirable to the Flight Spacecraft. Further-

more, this document will serve as the first Flight Spacecraft input to the Spacecraft-Capsule
Interface Control Document.

2.0 APPLICABLE DOCUMENTS

VC220SR101 - Design Characteristics and Constraints

VD220FD101 - Trajectories and Guidance

3.0 FLIGHT SPACECRAFT/FLIGHT CAPSULE RELATIONSHIPS. For purposes of describ-

ing a meaningful interface, certain assumptions have been made and, where it was found

necessary, investigations of critical aspects of the Flight Capsule were carried out.

Entry trajectories are based on a 60-degree half angle sphere-cone Capsule configuration

with a 12-foot base diameter into the VOYAGER-Mars (VM) atmospheres No. 3, 7, and 8.

Capsule entry stability characteristics were studied assuming use of a passive spin stabili-

zation system. From these studies, reasonable limits could be placed on angle-of-attack at

entry.

Capsule descent times were based upon deployment of a parachute at Mach 1. The Steriliza-

tion Canister is assumed to be of rigid construction, made in two parts, mating circumfer-

entially at the Capsule base diameter. In flight, only the forward portion is separated.

It is further assumed that this separation takes place prior to Mars orbit insertion; however,

it is recognized that further tradeoff studies will have to be made in this area. This is fur-
ther discussed in Section 2 of VC220SR101.

3.1 Capsule Flight Profile. During Interplm_.etary Cruise, Capsule status, such as internal
temperatures, pressures, battery charge state, etc., will be monitored via hardwire across

the interface using the Flight Spacecraft commutator for sampling.

Approximately 7 hours before separation, the Flight Capsule is commanded to initiate a sys-

tem checkout sequence. Required power is supplied by the Flight Spacecraft and regulated

and distributed by the Flight Capsule power controller. As a part of the checkout sequence,

quantitative and discrete commands will be verified and initiate times updated, as required.

The checkout data consists of the output of the Capsule telemetry encoder which is accepted

by the spacecraft telemetry subsystem and multiplexed with the Spacecraft engineering data

for transmission to the Deep Space Instrumentation Facility (DSIF). The Flight Capsule

continues in the checkout mode until separation.

During the Flight Spacecraft separation attitude maneuver, approximately 1 hour before

separation, the Flight Capsule will be transferred to internal power. The separation

1
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sequencebegins by enablingthe Flight Capsule Separation Sequencer. All Capsule events
leading up to and including physical separation are timed and controlled by the Separation
Sequencer.

While the Flight Spacecraftis performing the separation attitude maneuver, the Capsule
shares equally the 7 7/24 bps transmission data rate with Flight Spacecraft engineering data.
The Spacecraftwill supply the Capsule commutator with clock pulses, allowing synchroniza-
tion with its decoder andproviding for a simple interface.

The Flight Capsule SeparationSequencerwill count downto the last event before separation
and will hold a specified period for final go-ahead from the Spacecraft Control and Sequencer
(C&S). If this signal is not received, the Sequencerwill recycle and shut downthe Flight
Capsule system. If the commandis received, the Capsulesequencerwill continue its count-
down to the commandto separate.

Before firing the de-orbit rocket, the Flight Capsulewill be given a separation rate of ap-
proximately 0.85 mps and allowed to drift a distance of about 1000meters to minimize plume
impingement on the Spacecraft. Angular rates transferred to the Spacecraft pitch and yaw
axes must not exceed0.85 deg/sec to ensure attitude recovery within the dynamic range of
the Spacecraft gyros.

Events subsequentto separation can be timed by the action of a separation switch or Inflight
Disconnect (IFD) circuit opening. The Spacecraftwill continue to hold the separation attitude
until Capsule impact, which, for a 1 x 10,000 km orbit and chosen de-orbit conditions, will
last about 75 minutes.

The Flight Capsule canbegin relaying separation events and engineering data shortly after
separation at 100bps. This data modewill continueuntil just prior to entry, when the data
rate will be changedto 200,000bps. The signal for this commandwill come from a timer
initiated at separation by the Separation Sequencer. The Flight Capsulewill be telemetering
diagnostic and engineeringdata, atmospheric information, and descent TV all the way to
impact.

4.0 MECHANICAL INTERFACE

4.1 General Arrangement. Each Flight Capsule is mounted to the forward portion of its

Flight Spacecraft and is wholly contained within the envelope described in the Preliminary

Mission Description. The only attachment will be at the interface plane. The Spacecraft-to-

Capsule field joint lies at Planetary Vehicle station 101.25.

The Flight Capsule/Flight Spacecraft interface is a field joint as shown in Figure 4-1. This

interface comprises two circular mating rings, one terminating the Flight Capsule adapter

and the other terminating the Flight Spacecraft adapter structure. The mechanical interface

is structurally joined by 16 nut/bolt/tapered insert attachments symmetrically located around
the interface rings on a nominal 120-inch-diameter bolt circle. One bolt hole is offset cir-

cumferentially to key the rotational position of the Flight Capsule to the position of the Flight

Spacecraft. Tapered inserts are assumed to transfer the compressive and shear loads across
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the interface. The taper is used to compensate for hole pattern or mounting ring misalign-

ment. Ample bolt hole clearance around the bolts can be provided to ease attachment/detach-

ment procedures.

The field joint can also serve as the emergency separation joint through use of gas-operated

separation nuts as shown in Figure 4-1. Gas supplied from a common storage tank operates

simultaneously on each piston and collar which separates a segmented nut. Rotational rates

are held to a minimum. A further discussion on the emergency separation design can be
found in VC235FD102.

4.2 Mating Tolerances. Tolerances assumed for mating parts are shown in Figure 4-1.

4-3. Design Loads Criteria. The primary load conditions for the Flight Spacecraft/Flight

Capsule interface are ground handling, boost, Mars orbit injection, and Flight Capsule

separation. The maximum design loads for this interface occur during the boost condition.

These loads are the result of various combinations of Flight Capsule inertial reactions to

booster rigid body accelerations and vibratory accelerations. The interface structure is de-

signed to withstand the maximum Flight Capsule inertial reactions occurring during boost

with a 1.25 factor of safety.

The vibratory load factors were converted to equivalent rigid body load factors to obtain

maximum total Flight Capsule load factors. These load factors and resulting interface ulti-

mate loads for a 3000-pound Flight Capsule are shown in Table 4-1, where (-) indicates
tension in the bolt.

4.4 Accessibility. The interface is designed such that visible and physical access is avail-

able to install and torque the mating bolts. Access is also provided to allow stray voltage

tests of the Flight Spacecraft/Flight Capsule electrical connector and the capability for con-

nection/discormection while the vehicles are mechanically mated.

4.5 Flight Capsule Mass Properties. Flight Spacecraft design has been based upon the

Capsule mass properties as shown in Table 4-2.

5.0 TIIERMAL INTERFACE. The configuration and orientation of the Sterilization Canister

structure, which mates to the Flight Spacecraft, is such that it exerts a minimum thermal

influence ol] the Spacecraft. Total Spacecraft-to-Sterilization-Canister heat flow at the

interface is assumed not to exceed 50 watts with a Spacecraft structure temperature at 90 ° F.

TABLE 4-1.

I A,Lglt u,h n;ll

I;Ltt.ral

Total Bi.ndmg

FLIGHT CAPSULE

LOAD FACTORS

[_,ml i.':lc_o i

7. i;7

i. {;5

'_. .00_ r:id/_ c :_

@ 44.34 rad/s,.c _

Max I Illm,lh' I._a,ln

_ma\ t_.l_dmg arm 12:_ LIL,'I_I _)

54t_,_1_ In. 11,

TABLE 4-2. CAPSULE MASS

PROPERTIES
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Figure 4-1. VOYAGER Flight Capsule/

Spacecraft Interface
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Total heat flow from Sterilization Canister to Spacecraft is assumed not to exceed 30 watts

for a Spacecraft structure temperature of 50°F. This flow includes both conduction across

the mechanical joint and radiation between canister and the spacecraft inside the 120-inch

interface structure, but not radiation exchange outside this point. This requirement does

not apply during short-term periods of maneuvering or attitude correction; the time period

for this condition shall be less than 3.3 hours in any 24-hour period.

Provisions will be made for periodic monitoring of Capsule temperature sensors during all
phases of the mission.

The Sterilization Canister configuration and orientation will be such that the Flight Spacecraft

will receive no direct infrared illumination from Canister surfaces having temperatures

-> 180°F. The infrared emissivity of all Sterilization Canister surfaces which are visible to

the Flight Spacecraft shall not exceed 0.1

During Spacecraft cruise attitude, solar energy incident upon the Sterilization Canister is

negligible; however, significant Solar energy incidence can be expected for the short periods
of maneuvering ( -<3.3 hours max/day).

Table 5-1 lists Flight Capsule Thermal conditions.

TABLE 5-1. FLIGHT CAPSULE

THERMAL CONDITIONS

Mission Phase Requirements

Pre-Launch

Launch a_d Parking

Orbit

Interplanetary

Cmllse and Orbit

Aerodynamic shroud temperature main-

tained _-80QF.

Maximum time before removal of aerodynamic

shroud after launch is 110 minutes (P/V No 2).

No heater power required unless parking orbit

> 3.3 hr.

200 watts DC power will be supplied to Flight

I Capsule

Heater power may be interrupted up to

3.3 hr/day.

crete command from the Spacecraft.

made utilizing the Capsule power.

6.0 ELECTRICAL INTERFACE

6.1 Power Transfer. Flight Spacecraft sup-

plies to the Flight Capsule an average of 200

watts (34-62 v dc) of power for Flight Capsule

environmental control, Capsule system moni-

toring and checkout, battery heaters and bat-

tery charging. The Flight Spacecraft protects

against Flight Capsule faults with resetable
circuit breakers.

Transfer to Flight Capsule internal power

occurs upon receipt of a pre-separation dis-

Pre-separation sequencing of the Flight Capsule is

Battery status will be monitored by the Flight Space-

craft telemetry via hardwire lines between the Capsule and Spacecraft. Inverter output

voltage and frequency will be sampled, encoded, and sent through the Capsule-Spacecraft
data link.

6.2 Grounding, Shielding, and Cabling. The Flight Capsule electrical system will utilize

a single-point grounding philosophy. All signal and power circuits will be referenced to a

single vehicle ground point. The Flight Capsule VGP will be part of the Capsule structure

and will be tied to the Flight Spacecraft SGN by at least one No. 16 gage wire through the

electrical interface.

5
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All shielded wires crossing the Spacecraft-Capsule electrical interface will have the shields

grounded to the Flight Spacecraft structure ground within the Spacecraft and at the Flight

Capsule structure within the Capsule. The shields will not be carried through the interface.

Shields will not be used as the return path for power or signal currents.

6.3 Electromagnetic Interference (EMI). The Flight Capsule and Flight Spacecraft equip-

ment will not generate stray voltages or fields that would adversely affect the operation of
their particular or mutual equipments.

6.4 Field Joint Electrical Connector. An electrical connector will be provided between the

Flight Capsule and the Flight Spacecraft to provide circuit continuity for power, command,

monitor, and checkout functions between the Flight Capsule and Flight Spacecraft during the

Interplanetary Cruise phase and between Capsule, Spacecraft, and Operational Support Equip-

ment (OSE) during prelaunch checkout. By utilizing a pin puller-actuated, pull-away type of

electrical connector, it serves in concert with the emergency separation event.

6.5 Flight Capsule-Flight Spacecraft Signal Interface

6.5.1 Capsule-Spacecraft Hardwire Telemetry

6.5.1.1 Capsule Versus Bus Commutation. Transmittal of Capsule diagnostic information

can be accomplished either by commutating the data in the Flight Capsule and transmitting

digitally or by allowing the individual sensor leads to cross the interface and process the sig-
nal within the Flight Spacecraft.

The advantages of commutating the cruise diagnostic measurements from the Capsule prior

to crossing the interface are: (1) Only one pair of wires is required to carry the commutated

signal across the Capsule/Spacecraft interface. Control signals (three at most) would be re-

quired to start/stop and clock the commutator. (2) The commutator can be used after sepa-

ration to sample the same sensors for transmission via the relay link to the bus. (3) Mini-

mum in-flight disconnect weight results.

The advantages of having the individual sensor outputs available at the interface are: (i) The

Flight Capsule telemetry equipment will not be used untilpre-separation checkout; hence,

increased reliabilitywill result; (2)the interface is simplified in that all data processing is

done on the Flight Spacecraft; (3)a failure in the Flight Capsule cruise instrumentation will

not affectthe engineering instrumentation used from pre-separation checkout to impact.

The strongest influence on the choice of data transmittal is the fact that with individual sensor

outputs the Flight Capsule equipment can be dormant until pre-separation checkout. In this

way the Flight Capsule Data Handling System is not called upon to continually be activated

when a Capsule status check is required. By providing individual sensor outputs, flexibility

is maintained in obtaining diagnostic data at any required frequency.

The Flight Capsule commutator must function after separation and is, of course, a vital

link in the telemetry system. A failure in the commutator is catastrophic to the mission,

whereas, a failureof one or possibly several interface sensor wires leads only to a

6
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somewhat degraded mission. The tradeoff is not complete, since it requires an investigation

of redundancy of the Flight Capsule commutator; however, for the purposes of the present

study, individual sensor outputs will be assumed.

6.5.1.2 Capsule Diagnostic Measurements. It is assumed that a total of 30 unique diagnostic

measurements will be made aboard the Flight Capsule during cruise.

6.5.1.3 Capsule Check-Out Telemetry. The Flight Capsule will undergo a complete system

checkout approximately seven hours prior to separation by energizing as many of the compo-

nents as possible except for those of a one-shot nature and possibly the transmitter. All

sensor outputs will be sampled by the Flight Capsule Data Handling System, encoded, ordered,

and sent through the interface connector. The rate at which data is transmitted across the

interface will be controlled by the bit synchronization signal provided by the Spacecraft. The

rate for checkout will be 116 2/3 bits per second for about 86% of the time. The data will be

generated as long as the 116 2/3 pulses per second synchronization signal is present. During

the Capsule separation maneuver, the synchronization signal will be 7 7/24 pulses per second

for 50% of the time so that the Capsule status may be monitored. Pre-_separation Flight Cap-

sule status data will be added serially to Bus engineering data during the separation attitude
maneuver and transmitted to the DSIF.

6.5.2 Hardwire Commands

6.5.2.1 Capsule Command List. The discrete commands anticipated to be required by Flight
Capsule are:

a. End Launch Mode

b. Arm Bio-barrier Pyro (destination:

Spacecraft Pyro Subsystem)

c. Release Bio-barrier (destination:

Spacecraft Pyro Subsystem)

d. Switch to Internal Power

e. Initiate Capsule Checkout

f. Initiate Capsule Separation

Sequencer

g. Enable Separation Sequence

h. Unassigned

i, Unassigned

The Flight Spacecraft can also provide six quantitative commands to the Flight Capsule.

6.5.2.2 Command Signal Description. Quantitative commands will be sent to the Capsule on
three different lines. An "Alert and End of Word Line" is tied to each Of the user elements.

A "Sync" line is provided in common to all users as is the line which carries the information.

The 32 pulses per second "Sync" line will be used to read the information bits into the various

decoders.

Discrete commands will be accomplished by providing a separate switch closing for each dis-

crete command required.
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7.0 CAPSULE RELAY RECEIVER INTERFACE

The Capsule Relay Receiver carried aboard the Flight Spacecraft has the following interfaces

with the spacecraft bus.

7.1 Command Interface. Discrete commands from the Flight Spacecraft C&S to the Capsule

relay receiver equipment will be provided as shown in Table 7-1.

TABLE 7-1. DISCRETE COMMANDS

FROM FLIGHT SPACECRAFT C&S TO

CAPSULE RELAY RECEIVER

Function Destination

Relay RecorderLow-Rate Tape Recorder

On or Off

Read Out

High-Rate Tape Recorder

On or Off

Rt,ad Out

Relay Receiver

On or Off

(vm Power Subsystem)

I_,lay Recorder

Bit synchronization will be supplied to the

relay tape recorders.

7.2 Telemetry Interface. Operating sta-

tus of the Capsule relay receiver will be

made by monitoring the receiver AGC.

Sampling rate will be a 77-second interval

during pre-separation checkout.

Data will be received from the Flight Cap-

Relay Receiw, r sule at two rates, 100 bits per second from

separation until 240 km altitude. From

240 km until impact, the rate will be in the

range of 200,000 bps. The low- and high-

rate data will be received, demodulated, detected, and stored in the Capsule relay recorders

on the spacecraft. The recorded data is played back through the Flight Spacecraft Telemetry

Subsystem in phase with the bit sync signal.

7.3 Thermal Control Interface. The Capsule relay receiver equipment is located in bay No.

13 and will be thermally controlled by means of thermal louvers. Average minimum bay

temperature is estimated at 50 ° F, and an average maximum bay temperature is 90 ° F, based

upon an assumed equipment dissipation of 10 watts.

7.4 Power Interface. 2.4 kc, single-phase, square-wave power will be supplied to the Capsule

Relay Receiver Subsystem at 50 V RMS ±2%. Fault protection is to be provided by Capsule

Relay Receiver Subsystem. Flight Spacecraft C&S will provide a signal to the Power Sub-

system to furnish power to the Relay Receiver Subsystem.

The design of all Capsule Relay receiver electronic equipment shall be compatible with the

electrical transients and the electromagnetic environment estimated in the VOYAGER Envi-
ronmental Prediction Document.

7.5 Physical Interface. The Capsule Relay Receiver Subsystem is mounted in Flight Space-

craft equipment bay No. 13. Equipment should be mounted in a standard level III electronic

bay assembly and adhere to specifications described in VC235FD106.

Total Relay Subsystem weight has been assumed to be 25 pounds and total power required is
12 watts.

D
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7.6 Relay Antenna. The relay antenna is assumed to be a 400-mc turnstile with ground plane

located on the +X axis of the Spacecraft. The Flight Spacecraft will maintain separation atti-

tude until Capsule impact to permit mitenna coverage of the Capsule during this time. A fur-
ther discussion can be found in VC233FD101.

8.0 PYROTECHNIC INTERFACE

In order to ensure the proper connection of the electroexplosive devices (EED) used in the

Flight Capsule, a continuity loop through each EED capable of being monitored through the

Spacecraft/Capsule interface connector must exist. In addition, the position of any safe-arm

device must also be monitored through the interface connector. All pyrotechnic devices and

their associated firing circuitry must conform to the Mission Specification Document which

includes strict adherence to the requirements of AFETRM 127-1, Range Safety Manual.
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MOS/DSN INTERFACE REQUIREMENTS

1.0 SCOPE. This document specifies the restraints placed upon the Planetary Vehicle by

the Mission Operations System (MOS) and the requirements placed on the MOS by the Plane-
tary Vehicle.

2.0 APPLICABLE DOCUMENTS

EPD-283 - The Deep Space Network, 15 Sept 1965

General Specification for Performance and Design Requirements for the VOYAGER

1971 Spacecraft System, dtd 17 Sept 1965

VOYAGER 1971 Preliminary Mission Description, 15 Oct 1965

CII VC 220SR101 - Design Characteristics and Restraints

CII VC 211SR101 - Mission Objectives and Design Criteria

3.0 DESCRIPTION. The direct interface of the Planetary Vehicle with the MOS is the tele-

communications link between the radio subsystem on the Planetary Vehicle and the stations

of the Deep Space Network (DSN). The Planetary Vehicle and MOS interface also includes

the operational interface with the Space Flight Operations Facility (SFOF). In establishing

the restraints and requirements stated below, the configuration and capability of the DSN

have been assumed to be as described in EPD-283 the Deep Space Network and the General

Specification for Performance and Design Requirements for the VOYAGER Spacecraft Sys-

tem. The MOS support is assumed to be as defined in the VOYAGER 1971 Preliminary
Mission Description. The restraints and requirements have been grouped into three cate-

gories: Planetary Vehicle, launch operations and space flight operations.

4.0 PLANETARY VEHICLE. These requirements and restraints are based upon the Plane-

tary Vehicle characteristics required for the Planetary Vehicle to achieve its mission.

a. The Planetary Vehicle shall maintain 2-way communication for tracking, telemetry,
and command in all missiu,_ phases.

b. Planetary Vehicle and Deep Space Information Facility (DSIF) antenna polarization
shall be right-hand circular.

c. Planetary Vehicle shall minimize loss in communications with the DSIF during all
maneuvers and shall remain in communication with the DSIF at all other times ex-

cept during ascent or when occulted from Earth by Mars.

d. Suitable calibration data of all transponders flown shall be made available to the

DSIF stations.

e. The maximum error rate for communication of telemetry data shall be 5 x 10 -3

errors per bit.

f. The bit error probability for the command link at threshold shall be less than
pb = 10-5.

e
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g. Information required for 2-way communications lock and command shall be trans-

mitted in all telemetr 5, modes.

h. During a normal command lock sequence, the spacecraft receiver static phase error
shall be zeroed.

i. No real-time external commands shall be necessary for routine spacecraft flight

ope rations.

j. Calculations shall be made on the ground for the following functions and shall be

transmitted to the Spacecraft for execution at the appropriate time.

1. In-flight maneuver quantitative values

2. Mars orbit trim quantitativevalues

3. Enabling signal for capsule separation from the Spacecraft

4. The Spacecraft shall verify the reception and correctness of all external com-

mands.

k. Telemetry, ranging and science data shall be source identifiedfor all mission

phases.

I. The capsule telemetry shall be a functional interface of MOS via the Spacecraft.

5.0 LAUNCH OPERATIONS. These requirements and restraints are based upon the configu-

ration of the Planetary Vehicles enclosed in the nose fairing. During launch preparations at

the launch pad, spacecraft telecommunication signals are picked up by an antenna directed

toward DSIF Cape 71 Station and passed through the Launch Vehicle and its umbilical. In

addition signals are carried through the nose fairing parasitic antennas. At the Explosive

Safe Facility (ESF) the input and output signals of both Planetary Vehicles are relayed by

antennas directed toward the DSIF Cape 71 Station. Adequate launch preparation is based

upon the following requirements:

a. The MOS shallbe capable of supporting the launch of one Space Vehicle, i.e., two

Planetary Vehicles on one Launch Vehicle.

b. DSIF Station Cape 71 shall be capable of performing communication tests with the

Planetary Vehicles in the ESF and at the launch pad during the seven weeks im-

mediately preceding launch.

c. DSIF Station Cape 71 shallbe capable of performing communications tests with the

Proof Test Model (PTM) Planetary Vehicle during its cycle of launch preparation

verificationat Kennedy Space Center (KSC).

d. Ascent mode telemetry capabilitywill be provided through the Launch Vehicle for

specified environmental measurements.

e. The finaltelecommunication checkout and frequency determination shall be provided

by DSIF 71 Cape Station.

f. The Eastern Test Range (ETR) shall provide range safety and other launch range

services.

O
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6.0 FLIGHT OPERATIONS. These requirements and restraints are based upon the opera-

tional considerations of tracking, telemetry, and command.

a. The MOS shall provide 24 hour/day coverage from launch through the end of the
mission.

b. The MOS shall be capable of tracking and controlling two Planetary Vehicles during
the interplanetary phase of the mission.

e. All prime DSIF Stations shall be able to command for Planetary Vehicle maneuvers

during the interplanetary phase.

d. Planetary Vehicle checkout data and simulation tape exercises shall be employed in

DSIF compatible form for operational capability tests, including final system re-
hearsals just prior to launch.

e. No spacecraft event requiring DSN monitoring before acquisition by the DSIF shall
be planned.

f. The SFOF shall support 24 hour/day mission coverage from one week before launch

through the end of the mission.

g. Mission Dependent Equipment (MDE) shall be provided for each DSIF Station to

convert the received spacecraft data into the format required for local processing
and for transmission to the SFOF.

h. The Goldstone DSIF Station shall be capable of supporting design verification tests

with an RF model of the Spacecraft during the design phase of the program.

i. The Goldstone DSIF Station and the SFOF shall be capable of supporting proof and

operational tests with the PTM.

j. The encounters of each Spacecraft with Mars shall take place over the Goldstone

Station. Encounters shall occur not less than 10 days apart. The Goldstone Station

shall be capable of commanding the first Spacecraft during its encounter, while

simultaneously tracking and monitoring the second.

k. The MOS shall be _apable of simu!_neol]S tracking and controlling of two Spacecraft

during the post-encounter phase of the mission.

I. All orbital trim maneuvers of the Planetary Vehicle or Spacecraft shall be accom-

plished through Goldstone.

m. Orbit trim maneuvers shall ensure that the probability of impact on Mars before
2021 shall be less than 2 x 10 -5.

3
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EXPERIMENT INTERFACE

1.0 SCOPE. This document describes the interface between the spacecraft science payload

and the Spacecraft Bus which has been assumed for purposes of spacecraft design for Task B.

These assumptions are consistent with information contained in the JPL documentation pro-

vided but are necessarily more detailed in order to permit adequate definition of the Flight

Spacecraft configuration and functional requirements.

2.0 APPLICABLE DOCUMENTS

VC211SR101, Mission Objectives and Design Criteria

VC220SR101, Design Characteristics and Restraints

3.0 FUNCTIONAI, DESCRIPTION OF INTERFACE

3.1 Orientation and Location. Articulation of the span platform support structure will be ac-

complished by the Science Subsystem. The scan platform is deployed from the outer edge of

the solar array. This location permits the planet pointing instruments to view Mars by day

or night without intrusion of any part of the Planetary Vehicle into the field of view. However,

the gimbal mechanism is designed to provide only the travel required to accommodate viewing

of the daylight side of Mars plus 10 degrees beyond each terminator, as specified for the

Task A study. Mechanical modifications to the preferred design would be required to permit

night viewing of Mars. The transmission of power, data, and synchronizing information be-

tween the scan platform and the Spacecraft Bus is accomplished via a hard-wire cable which

is designed to accommodate the movement of the scan platform.

Special attachments or locations can be provided as required for individual body-mounted

instruments. The electronic equipment part of the Science subsystem will be contained in

three of the equipment bays.

3.2 Weight and Volume. The spacecraft Bus is prepared to carry a Science subsystem of the
weight and volume described in Table 3-1.

3.3 Control and Sequencing. Provision can be made for the Computer and Sequencer to pro-

vide sequencing signals to the Data Automatic Equipment if desired. Detailed sequencing of

the individual scientific instruments is assumed to be carried on normally by the Data Auto-

matic Equipment. It has been assumed that for automatic operation over the anticipated life-

TABLE 3-1. SCIENCE SUBSYSTEM

WEIGHT AND VOLUME

T-We ght Volume

(lb} (ft 3)

Platform and platform mounted equipment 150 7

Bay mounted equipment 150 3

I 100 2

Equipment mounted elsewhere ]

time of the vehicle, the in-orbit sequencing

will be based upon the true anomaly obtained

from gimbal E, the gimbal about which the

scan platform rotates in the orbit plane. The

terminology is borrowed from the Task A

report in which gimbals C and D erected a

vertical to the orbit plane and gimbal E

permitted rotation about this vertical. A
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typical orbit sequencefor platform-mounted instruments basedupon a gimbal E signal is
shown in Table 3-2. In this sequencegimba] E anglesare assumedto be zero at high noon.

The following list illustrates the kind of control signals which are likely to cross the Science-
Spacecraft Bus interface.

Signals provided by the Sciencesubsystem.

a. Gimbal E position signals consisting of pulses indicating positive or negative incre-
mental angular movement.

b. End of travel signals, positive andnegative, for gimbal E.

c. Planet angle signal indicating half angleor angle subtendedby Mars. This informa-
tion and gimbal E information are combined to produce a limb crossing signal.

d. Tape recorder control signals.

e. Power signal to control 400-cps Scienceinverter.

Signals provided by the Spacecraft Bus.

a. Scientific instrument sequencingsignals as required.
b. End of tape signals.
c. Real-time andnonreal-time data gates, andtiming pulses.
d. I imb crossing signal.

3.4 Power

3.4.1 Type. 50volts rms -+2%at 2400eps ±0.10%square wave, single phase and 28 volts
rms _2%at 400 cps ±0.01%square wave, single phasepower will be required by the Science
subsystem.

3.4.2 Quantity. Quantitative estimates of the maximum power required are as follows:

a. During cruise

b. In orbit during day-side passage

e. During remainder of orbit

2400 cps 400 cps

30 watts 0

115 watts 10 watts

40 watts 0

TABLE 3-2. TYPICAL ORBIT SEQUENCE FOR
PLAT FORM-MOUN TED INSTRUMEN TS

I Experinl t, nt Start llecordin_

Black and White TV 2_0"

•t 0 °

('oh_r TV 350 *

26O °

IR Scanner 330 °

IH Spvct ronlett'r 33O °

I'V ,_l)ectronleler lamb crousing

I 711 °

_op Retn_rding

25 minute timer or 32O °

Talw full c)r _[)"

Tape Full

2_5 o

30 °

30 °

5 minute timer

10t) °

3.4.3 Frequency Stability. The Science

subsystem should be able to continue to

operate despite degradation of the stability

of the power supply frequency from ±0.01%

to ±1%, in the event of a sync signal failure

in a power invertor, and from ±1% to -4 to

-6% in the event of a subsequent back-up

oscillator failure.
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3.4.4 Load Fault Protection. The Science subsystem will provide the means for load fault

protection (e. g., fuses).

3.4.5 Power Control. The Science subsystem will provide the means for switching power to

specific loads within the Science subsystem. It will also provide a signal for switching input

power to the 400-cps inverter.

3.5 Data Handling. The Spacecraft Bus will accept data from the Science subsystem in two

general modes ; cruise and orbit. In cruise mode all data will be clocked out by the Telemetry

subsystem, the rate depending upon the mode in which the Bus Telemetry is operating. In

orbit mode, all data will be directed by the Data Automatic Equipment to the tape recorders

in the Data Storage subsystem.

The Spacecraft Bus will accept all cruise science data, plac_ it in the real-time format and

then either have it transmitted or recorded for playback later, depending upon the mode in

which the Spacecraft Bus Telemetry is operating. During orbit the Data Storage subsystem

will record all planetary data given to it by the Science subsystem and then read it at the

telemetry transmitting rate. The read-out periods will have to be carefully sequenced, or

phased, with the periods of data recording in order to make best use of the available trans-

mission time. It has been assumed, in selecting the characteristics of the Data Storage sub-

system, that no more than 108 digital data bits will be generated by any one instrument during"

one orbit and the total amount of data generated during one orbit might typically be about 2.2
x 108 bits.

3.6 Environment

3.6.1 Electromagnetic Interference

3.6.1.1 Insulation and Grounding. The construction of all scientific instruments and their

associated electronics will be such that all circuitry will be insulated from chassis and vehicle

structure. Conductors will be provided within the Science subsystem leading from circuits

requiring reference to ground. These conductors will be brought to a common ground point

within the Spacecraft Bus. Lumped capacitance within individual components greater than

50 pf must not exist between circuits and chassis and/or vehicle structure.

3.6. I. 2 Short Circuit Protection. In the event of an accidental short-circuit within the

Science subsystem, it is assumed that damage to any component within either the Flight

Spacecraft or Operational Support Equipment is to be prevented with load fault protection of

each instrument in power lines, and resistors in series with signal lines.

3.6.2 Thermal

3.6.2.1 Electronic Bays. Except during periods in which the Spacecraft is not oriented to

the celestial references, the temperature of the scientific experiment equipment located in

the electronics bays will be maintained between 40 and 90 ° F. During short periods of time

such as orbit insertion engine firing and earth ascent, the temperature may reach 110 ° F.

These temperatures are for a maximum power dissipation of 37 watts per electronic bay.
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3.6.2.2 Body-Mounted Experiments. The locations and techniques used in mounting the

body-mounted instruments will be arranged to suit the individual requirements of the experi-

ment, but the temperature of the mounting surfaces may be expected to be within the range

50 to 90°F for instruments mounted inside the Spacecraft Bus.

3.6.3 Magnetic. The Spacecraft Bus will contribute less than one gamma of magnetic field

intensity at the magnetometer sensor under all normal operating conditions and less than ten

gamma after exposure to a magnetic field of 25 oersteds. The field at the magnetometer

sensor will not vary by more than 0.1 gamma during normal operation of the Spacecraft Bus.

3.7 Pointing Accuracy. For VOYAGER 1971, ±1 degree has been assigned as a suitable goal

for the maximum uncertainty with which the platform-mounted instruments are pointed toward

Mars. The amount of uncertainty in the location of fields of view upon the Martian surface to

which this ±1 degree leads is shown in Table 3-3.

TABLE 3-3. UNCERTAINTY IN LOCATION

OF FIELDS OF VIEW

Altitude

(kin)

1000

2000

3000

4000

5000

10000

Linear Range

(km)

15

35

50

70

85

170

Central Angle

(deg)

0.3

0.6

0.9

1.1

1.4

2.9

4
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TELEMETRY DATA CRITERIA

1.0 "SCOPE. This section defines the rationale for telemetry measurement selection and or-

ganization. It also contains a first-cut telemetry list, presented in terms of deck format

(Figure 5-1, "Telemetry Deck Format") and of subsystem listing (Table 5-2, "Telemetry

Channel Assignment").

2.0 APPLICABLE DOCUMENTS

VC220SR101

VC233FD101
Design Characteristics and Restraints

Telecommunication Subsystem

3.0 TELEMETRY DATA CRITERIA. The VOYAGER Spacecraft shall be capable of trans-

mitting telemetry data to the Deep Space instrumentation Facility (DSIF) during all mission

phases from launch to encounter and during its orbital lifetime (except during earth occulta-

tion).

3.1 Data Groups

3. i. 1 Spacecraft Engineering Data. All measurements of spacecraft parameters, plus some

engineering measurements of the on-board relay-radio and science subsystem, are included

in this category. These measurements may be subdivided into three types, in order of prior-

ity:

ao Spacecraft Operational - data that are necessary for normal operation of the Space-

craft, and hence are continuously transmitted in all data modes. A good example is

the two-words-per-minor-frame required to establish frame sync. Since the only

normal operations of the spacecraft which are dependent upon ground command are

spacecraft maneuvers, most "operational data" are those related to performance of

maneuvers, such as the output from solar-aspect sensors for attitude verification,

and that from the Canopus tracker.

b. Spacecraft integrity - data that monitor the normal operations of the Spacecraft so

clude parameters that may indicate malfunctions requiring the discontinuation of a

maneuver in process, such as low battery-charge state. Other corrective command
actions include backing up of C&S commands in the event of a false-dismiss in the

C&S; switching to redundant components, where a command to perform this is not

provided, by the spacecraft; or reprogramming of the C&S to permit the mission to
continue in a non-nominal and possibly degraded mode in order to offset the effect of

some component malfunction.

C. Post-maneuver and Post-flight Analysis - data that relate to parameters for which no

timely ground command action is possible, but whose performance must be known for

the analysis of maneuvers and/or normal operations. This analysis will provide a

basis for improving spacecraft performance on subsequent launch opportunities. Data

of this kind include those related to autopilot and propulsion-system performance.
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3.1.2 Capsule Data

a. Capsule Diagnostic - data needed for analysis of capsule system and subsystem per-
formance.

b. Capsule Checkout - data needed for establishing the operational readiness of the cap-

sule for separation from the Spacecraft.

c. Capsule Science - science data accumulated by the capsule instrumentation.

3.1.3 Scanned Science Data. Data in the form of serial digital bit trains containing image

information, obtained from instrumentation on the planet-scan package.

3.1.4 Nonscanned Science Data. Data obtained from cruise and orbit body-mounted instru-

mentation, such as the fields and particles data.

3.2 Channel Selection. In the interest of maximum transmission efficiency, information

channels are, in general, transmitted only during those mission phases for which they are ap-

plicable. To accomplish this, the telemetry data-handling subsystem has been arranged to

operate in the following data-transmission modes (also see Table 5-1):

1A Maneuver

1B Maneuver (Capsule-separation)
2 Cruise

3A Orbit

3B Orbit (Earth-occultation)

4 Cruise (Recorder-readout)

5 Capsule Checkout.

The information transmitted during each of these modes comprises only that which is neces-

sary to support a particular mission phase or to prepare for subsequent phases, some excep-

tions being allowed in the interest of hardware optimization and reliability enhancement. The

manner of handling this information is shown in Figure 3-1, "Telemetry System Information

Flow," and Figure 3-2, "Telemetry Mode Sampling and Transmission Rates. "

3.3 Data Acceptance. Data are accepted for transmission in an appropriate telemetry mode

if they meet at least one of the following requirements:

a. They contain status information required by the ground complex in order to generate
corrective-action commands.

b. They contain support or calibration information necessary for establishing the sig-

nificance or validity of measurements.

c. They contain scientific information whose accumulation is a Mission objective.

do They contain information required for post-flight analysis in order to effect design

improvement and/or advance the state-of-the-art. Such data shall be stored during

critical operations, such as maneuvers, when the transmission rate is low, in order

to maintain an adequate sampling rate of critical parameters. O

2
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3.4 Priority Ordering. The seven telemetry modes have been arranged to accomplish the

following priority ordering:

a. Operational and key-status information is transmitted during all modes for maxi-

mum DSIF exposure.

b. Normal engineering data are transmitted in all except the Maneuver Modes and the

Capsule-checkout Mode. These data relate to the normal operational parameters,

and provide routine vehicle, capsule and science-equipment monitoring for diagnostic

purposes and for post-maneuver and post-flight analysis.

Co Maneuver analysis data are recorded during Maneuver Mode and Capsule-separation

Mode for playback upon return to the Cruise Mode. These data permit post-maneuver

and post-flight analysis of the operation of subsystems util_ed during maneuvers.

do Science data, including flight capsule relay data, required to accomplish all mission

objectives are transmitted whenever the Spacecraft is Sun/Can.pus oriented, and the

high-gain antenna is pointed toward the earth, except when maneuver analysis data

are being played back.

4.0 DATA COMPRESSION

4.1 General. During the Phase IA/Task-B study, an investigation was made of the use of

data compression. It was realized at the outset that the application of data-compression

techniques to the scientific data stream is beyond the present task scope of the Flight Space-

craft study contractors, and is indeed pointless without detailed interaction with the principal

investigators of the VOYAGER experiments. Therefore, data compression was considered

only with regard to operational and housekeeping data on the Spacecraft and its experiments.

Since this involves only 50% of the Cruise-mode data-transmission rate and less than 1% of

the data-rate capability for Cruise or Orbit Modes, the need for data compression during

these modes is clearly not worth the added equipment complexity involved. Only during a

Maneuver Mode, when the data-transmission rate drops to 7-7/24 bps but the data activity is

high, might any real advantage be gained from data compression. Therefore, only this pos-

sibility was considered in any detail.

4.2 Possible Usefulness. Depending on spacecraft distance from earth at the time of a

maneuver, the round-trip communication time could be as long as 16 minutes. Evaluation of

telemetry data and the making of a ground-command decision will require additional minutes.

Hence, ground command action during short periods, such as propulsion-system firing, is not

feasible. However, in each case the total maneuver sequence is long enough to permit useful

ground command action based upon received telemetry. For example, if during a midcourse

trajectory-correction maneuver a serious fault were observed in the operation of the Attitude

Control subsystem, a ground command to abort the maneuver could be transmitted to the

spacecraft; the maneuver could be attempted again later in the mission after the fault had

been corrected or a redundant system had been switched in.
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If a data compression schemecould permit more frequent sampling of critical maneuver op-
erations, several advantageswould accrue. Frequent sampling of G&C parameters affecting
maneuver turns, suchas gyro-torquer current or gyro output, would not only serve as a back-
up of the solar aspect sensor attitude-verification method,but would also indicate where in
the maneuver procedure anymalfunction occurred. This would permit more intelligent
ground override of the Computer and Sequencerto save the maneuver. It would be especially
valuable for the orbit-insertion maneuver, which is the only spacecraft maneuverwhich can
not bedeferred. More frequent sampling of vital parameters might also reveal trends lead-
ing to failure which could be prevented by proper commandaction. More data, especially
from G&C and Propulsion, would be useful in post-maneuver andpost-flight analysis, leading
to design refinements for future flights. Finally, frequent sampling might reveal the cause of
a catastrophic failure which occurred too quickly to be seen at a slower sampling rate.

4.3 Concepts Considered. Several data-compression concepts to increase sampling fre-

quency during a maneuver mode were considered:

a. Programmable format (changeable by ground command).

b. Asynchronous schemes, such as the following:

1. Zero-order, floating-aperture techniques.

2. Run-length encoding.

3. Delta encoding.

c. Alarm Schemes.

Of these three concepts the last seemed the most promising and was explored farthest. One

version consists of a fixed-subframe-length, fixed-word technique not requiring either buffer

storage or arithmetic processing from implementation. In this concept, important space-

craft maneuver parameters (for example, gyro-torquing-current magnitude) would be sampled

at short intervals; any out-of-limit reading would be transmitted as a six-bit address, plus

another bit to show whether the particular reading was out of limits on the high side or on the

low side. Several blank words, say five, would be left in the maneuver format for insertion

of out-of-limit readings. If all these words appeared blank in the received telemetry, it would

be known that all sampled channels were behaving properly. If all five blank words were

filled with repetitions of the same few out-of-limit conditions, it would be known that only

these few readings indicated malfunctioning. If the five blank words were filled with different

out-of-limit readings, it would be known that at least five spacecraft conditions were out of

limit, from which it might be concluded that ground intervention to abort the maneuver was

required.

tIowever, the inclusion of such a data-compression scheme would involve the addition of con-

siderable functional and hardware complexity, for at least the following reasons:

a. Many of the readings that need to be monitored do not lend themselves readily to

simple out-of-limit statements. An instance of this is the gyro-torquing-current

magnitude, mentioned in the preceding paragraph, which goes from zero to a nominal

value and then back to zero. Proper measurement of this variable requires rather

complex logic, in order not to report as out-of-limit a condition which is normal.

6
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b. It is very difficult to clear enoughhigh-speed-deck words of operational data, such
as frame-sync words, to provide the blank words required.

4.4 Conclusion. No special provision for data compression was incorporated in the telem-

etry subsystem for two reasons: first, after a telemetry list had been compiled it was ap-

parent that even without any special provisions for data compression, all vital telemetry in-

formation could be transmitted with sampling intervals small enough to permit ground deci-

sion of whether or not to allow a particular maneuver to continue; second, it was found that

the tradeoff of functional and hardware complexity, and therefore of long-life reliability,

versus useful performance enhancement was unfavorable.

5.0 TELEMETRY CHANNEL ASSIGNMENT

5.1 Assignment Priority. The selection of engineering (including capsule) measurements,

was made in accordance with the following order of priority:

a. Measurement of those system parameters where an abnormal indication might re-

quire aborting of a maneuver to save the mission.

b. Measurement of those system parameters where an abnormal indication might re-

quire corrective action to avoid degraded mission performance.

C. Measurements to obtain data required for verifying the achievement of mission ob-

jectives.

d. Measurements to obtain data required for diagnosing the cause of any malfunctions

and incipient failures in order to enhance the mission performance of later flights.

5.2 Channel Assignment. Channel locations and resulting sampling rates were selected to

comply as closely as possible with the following requirements:

a. Nonessential data transmitted during each mission phase must be minimized.

b. The number of voltage references required on each deck must be minim_ed.

Co Measurements which are closely related to each other and which collectively should

be made at nearly the same instant for an analysis must be grouped as closely to-

gether as possible in time when making channel selections. An example of this is

the -15 volts, +15 volts and AGC signals measured at each of three receivers in the

Radio Subsystem.

d. Deck sizes must be consistent for the sake of design simplicity.

e. Deck sizes must be kept low in order to minimize the effect of deck loss.

f. Two or more measurements which could be used for the same analysis must be lo-

cated in separate decks, as a precaution against deck loss.
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5.3 Spare Channels. Provision has been made for 15% spare channels on the high and medium

decks. This can easily be extended to the low decks during the design phase. Should there

be no additional measurement requirements, these spare channels could be used to provide

redundancy and/or more frequent measurement of critical parameters.

5.4 Deck Format. Figure 5-1, "Telemetry Deck Format" is a functional diagram of the

commutator distribution, with channel assignments. High decks A and B, with their associated

medium and low decks, are used for both real-time transmission and storage during all modes;

high decks C and D serve for storage only, and only during the two Maneuver Modes; high

decks E and F serve for real-time transmission during only the Cruise, Orbit, and Cruise

Recorder Readout Modes and for storage during only the Orbit (Earth-occultation) Mode.

5.5 Data Modes. The modes, and the kinds of data handled during each mode, are defined

in Table 5-1, "Telemetry Mode Assignment. "

5.6 Channel Assignment. Table 5-2, "Telemetry Channel Assignment," presents, by sub-

systems, the telemetry measurments and their respective channel assignments. The table

also contains the kind of variable being measured and its range and the kind of voltage reference

used, plus its range (if analog) in each case.

TABLE 5-1. TELEMETRY MODE

ASSIGNMENT

Mode Real Time

or

No. Name Stored

L_ Maneuver RT

ST

1B Maneuver (Capsule RT

ST

2 Cruise RT

3A Orbit RT

3B Orbit (earth

Occultation

Cruise (Recorder

Readout)

ST

RT

5 Capsule Checkout RT

Kind of Data Handled

Critical Maneuver data

Maneuver and motor-burn data

Cruise science data

Capsule Checkout data

Critical Maneuver data

Maneuver and motor-burn data

Cruise/OrbR engineering data

Cruise science data

Capsule diagnostic data

Cruise/Orbit engineering data

Orbit science

Capsule diagnostic data {prior

to separation)

Planet-scan science data

(Playback of recorders)

Cruise/Orbit engineering data

Orbit science data

Planet-scan science data

Cruise/Orbit engineering data

Cruise science data

Manuever or solar flare re-

corded data

Spacecraft operational data

Capsule checkout data
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TABLE 5-2. CHANNEL ASSIGNMENTS

Deck Sub-

Location System

Variable Measured

i. GUIDANCE AND CONTROL

B4 GIC

B5 G/C
C1 GIC

C2 G/C

C3 GIC

D1 GIC

D2 G/C

D3 GIC

D4 G/C

D5 G/C
D6 G/C
MI04 G/C
MI05 G/C

MI07 G/C
M206 G/C

M303 GIC

M306 G/C
M402 G/C
M403 G/C

M40_ G/C
M405 G/C
M406 G/C

M407 G/C
M408 G/C

MSO_ G/C
M505 G/C
M506 G/C

M707 G/C

MIO05 G/C
MIO06 G/C

MIO07 GIC

MIO08 G/C
Ml107 G/C
L201 G/C
L206 G/C
L207 G/C

L208 G/C
L211 G/C
L216 G/C
L317 G/C
L318 G/C
L_OI G/C

L403 G/C

L406 G/C

L408 G/C

L409 G/C
L410 G/C
L_II G/C

LAI3 G/C

L416 G/C

L418 GIC
L419 GIC

L420 GIC

L508 G/C
L1216 G/C

L1217 G/C
L1218 G/C

Ref Range of Unit of

Volt Variable Variable

CANOPUS INTENSITY 3,2
GY_O TORQUER CURRENT SUM 3,2
AUTOPILOT OUTPUT PITCH 3.2

AUTOPILOT OUTPUT YAW 3,2
AUTOPILOT OUTPUT ROLL 3.2

PITCH ACQ SUN SENSOR 1.6
YAW ACQ SUN SENSOR i,_

ACCELEROMETER 3,L

PITCH GYRO RATE/POS (-3/+3 DPS) 1,6

YAW GYRO RATE/POS (-3/+3 DPS) 1,6

ROLL GYRO RATE/POS (-3/+3 DPS} 1,6

PITCH CRUISE SUN SENSOR 1,6
YAW CRUISE SUN SENSOR 1.6
PITCH GYRO RATEIPOS (-31+3 DPS) 1,6

YAW GY_O RATE/POS (-3/+3 D#S) 1,6

ROLL GYRO RATE/POS (-3/+3 DPS) 1,6
ATTITUDE CONTROL LOGIC STATUS 1 DIG
ATTITUDE CONTROL LOGIC STATUS 2 DIG
THRESHOLD DETECTOR COUNTER PITCH POS DIG
THRESHOLD DETECTOR COUNTER YAW POS DIG
THRESHOLD DETECTOR COUNTER ROLL POS DIG
THRESHOLD DETECTOR COUNTER PITCH NEG DIG
THRESHOLD DETECTOR COUNTER YAW NEG DIG

THRESHOLD DETECTOR COUNTER ROL& NEG DIG
ALT PITCH GY_O 1.6

ALT yAW GYRO 1,6
ALT ROLL GYRO 1.6

CANOPUS SENSOR 1,6

PITCH GYRO PKG TEMP 3.2

YAW GYRO PKG TEMP 3.2
ROLL GYRO PKG TEMP 3,2

ACCELEROMETEW PKG TEMP 3.2

SUN SENSOR C_UISE DKG TEMP
COLD GAS TANK 1 PRESSURE
COLD GAS TANK 2 PRESSURE
REGULATOR 1 PRESSURE

REGULATOR 2 PRESSURE
COLD GAS TANK 3 PRESSURE
COLD GAS TANK 4 PRESSURE
PRIMARY GYRO SYSTEM BLOCK TEMP
ALTERNATE GYRO SYST2M BLOCK TEMP
COLD GAS TANK 1TEMP
SOL VALVE TEMP 1
COLD GAS TANK 2 TEMP
SOL VALVE TEMP 2
PITCH ACQUISITION SUN SENSOR TEMP

YAW ACQUISITION SUN SENSOR TEMP

COLD GAS TANK 3 TEMP

SOL VALVE TEMP 3
COLD GAS TANK 4 TEMP

SOL VALVE TEMP
ACCELEROMETER TEMP
CANOPUS TRACKER TEMP 1
CONOPUS TRACKER TEMP 2

MARS HORIZON SENSOR TEMP

PITCH CRUISE SUN SENSOR TEMP

YAW CRUISE SUN SENSOR TEMP

IOXCANOPUS

--30/+30 VDC

--30/+30 VDC
-301+30 VDC
-101+10 PEG

-I01+I0 DEG
0150 F/S
-6/+6 DEG
-6/+6 DEG
-61+6 DEG
-2/+2 PEG
-2/+2 OEG
-61+6 PEG
-6/+6 DEG
-6/+6 DEG
7 BITS
7 BITS
COUNTS
COUNTS
COUNTS

COUNTS
COUNTS

COUNTS
-o4/+Oa DEG
-04/+04 BEG
-04/+04 PEG
-11+1 DEG
30/200 PEG

301200 PEG
30/200 DEG

PEG

IOOMV -200/+200 DEG
3,2 0/3250 PSI
3,2 0/3250 PSI

3.2 0/100 PSI
3,2 0/100 PSI
3,2 0/3250 PSI
3,2 0/3250 PSI

lO0_V 30/200 DEG
IOOMV 30/200 PEG
IOOMV 0/200 PEG
IOOMV -100/+200 DEG

IOOMV 0/200 DEG
IOOMV -100/+200 OEG
IOOMV -2001+200 PEG
IOOMV -200/+200 DEG

IOOMV 0/200 DEG
IOOMV --100/+200 DEG
IOOMV 01200 PEG

lOOMY -100/+200 PEG
IOOMV 01200 DEG
IOOMV -200/+200 DEG

DIG
IOOMV 01200 DEG
IOOMV -200/+200 PEG
IOOMV --200/+200 DEG

2. COMMAND

A4

L503
L504
L505

CMD COMMAND ERROR AND ACCEPT/, C/S INHIBIT DIG

CMD OCT A LOCK + SYNC DIG
CMD PET B LOCK + SYNC DIG
CMD OET C LOCK + SYNC DIG

10
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TABLE 5-2. CHANNEL ASSIGNMENTS (Continued)

Deck Sub -

Location System
Variable Measured Ref Range of Unit of

Volt Variable Variable

3. COMPUTER AND SEQUENCER

A5 C/S

A6 C/S

A? C/S

B! C/S

B2 C/S

B3 C/S

LI02 C/S

LIOI C/S

LI03 C/S

LI04 C/S

LI05 C/S

LIO6 C/S

Li07 C/S

LI08 C/S

L509 C/S
LSlO C/S
L511 CIS

L512 C/S
Lgll CIS

L912 CIS

L913 C/S

COMPUTER AND SEQUENCER SEQ TIME 1
COMPUTER AND SEQUENCER SEQ TIME 2
COMPUTER AND SEQUENCER SEQ TIME 3
ATTITUDE VERIFICATION 1_
ATTITUDE VERIFICATION 2

ATTITUDE VERIFICATION 3
TTG REGISTER 2

TTG REGISTER 1
TTG REGISTER 3
TTG REGISTER 4

WORD AND ADDRESS 1
WORD AND ADDRESS 2

WORD AND ADDRESS 3

WO_D AND ADDRESS A
COMPUTER AND SEQUENCER STATUS I
COMPUTER AND SEQUENCER STATUS 2
COMPUTER AND SEQUENCER STATUS 3

COMPUTER AND SEQUENCER STATUS 4
+3 VOLTS
+6 VOLTS
+15 VOLTS

DIG
DIG
DIG
DIG

DIG
DIG
DIG

DIG
DIG
DIG
DIG

DIG
DiG
DIG
DIG
DIG
DI6
DIG
3,2
3o2
3o2

4. DATA HANDLING AND STORAGE

M409 D/S
MSOI D/S
M802 D/S

M803 O/S
M804 DIS
L513 DIS
L514 D/S
L708 D/S
L709 D/S

LTIO D/S
L807 D/S

L808 D/S
L809 D/S

L1201 D/S
L1202 D/S
L1203 D/S
L1204 D/S
L1205 D/S
L1206 D/S

MTR IO
MTR 1 TAPE MOTION
MTR 2 TAPE MOTION
MTR 3 TAPE MOTION
MTR 4 TAPE MOTION

MTR 5 TAPE MOTION

MTR 6 TAPE MOTION

MTR 1 PRESSURE

MTR 2 PRESSURE

MTR 3 PRESSURE

MTR 4 PRESSURE
MTR 5 PRESSURE
MTR 6 PRESSURE
MTR 1TEMP
MTR 2 TEMP
MTR 3 TEMP
MTR 4 TEMP
MTR 5 TEMP
MTR 6 TEMP

DIG
3,2
3,2

3,2
3,2
3,2
3,2
3,2
3,2
3,2
3,2
3,2
3,2

IOOMV
IOOMV

IOOMV
IOOMV

IOOMV

IOOMV

IPS

IPS

IPS

IPS

IPS

IPS

PSI

PSI

PSI

PSI

PSI

PSI

DEG

DEG

DEG

DEG

DEG

DEG

5. TE LEMETRY

Al TLM

A2 TLM
A3 TLM

MIOI TLM

MI06 TLM
M304 TLM

MAOI TLM

MSOI TLM
M701 TLM

M708 TLM

M910 TLM
MIO01 TLM
L320 TLM
L720 TLM
L1220 TLM

MAIN FRAME SYNC

MAIN FRAME SYNC
MODE IDENT

MED DECK SYNC A

LOW DECK POSITION A

LOW DECK POSITION B
NED DECK SYNC B
MED DECK SYNC D
MED DECK SYNC E

LOW DECK POSITION E
LOW DECK POSITION F

MED DECK SYNC F
TEMP SENSOR REF CURRENT B
TEMP SENSOR REF CURRENT E
TEMP SENSOR REF CURRENT F

DIG

DIG

DIG

DIG

DIG

DIG

DIG
DIG

DIG

DIG
DIG

DIG

IOOMV

IOOMV

IOOMV

1111111

1111111

SYN
SYN

11
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TABLE 5-2. CHANNEL ASSIGNMENTS (Continued)

Deck Sub-

Location System

Variable Measured Ref Range of Unit of

Volt Variable Variable

6. RADIO

MI02 RAP
M103 RAP

M204 RAP
M205 RAP
M301 RAP
M302 RAP
M602 RAP
M603 PAD
M604 RAD

M605 RAP
M606 PAD

M607 RAD
M709 RAD
M901 RAD

M902 RAO
M903 PAD
M904 RAP

M905 PAD
M906 PAD
M907 PAD
M908 PAD
MII04 RAD

MII05 RAP

MII06 PAD
L202 PAD
L212 PAD
L21_ RAP
L601 PAD
L602 RAD
L603 PAD

L604 PAD

L605 RAP

L606 PAD
L607 _AD
L608 PAD
L609 RAD
L909 PAD
L910 PAD
L914 RAp
L915 PAD
L916 RAP

LIOIO RAP
LIOII RAP
L1012 RAP

LI013 RAD

LI01B RAO
LIOI9 RAD
LI020 PAD

CAPSULE RELAY RCVR I AGC
CAPSULE RELAY RCVR 2 AGC

AGC RECEIVER I COARSE

AGC RECEIVER 2 COARSE

STATIC PHASE ERROR I

STATIC PHASE ERROR 2
COLLECTOR VOLTAGE PWR AMP I

COLLECTOR VOLTAGE PWR AMP 2
-25 VOLTS EXCITER 1

-25 VOLTS EXCITE_ 2
-25 VOLTS EXCITER 3

-25 VOLTS 3 WATT TRANSMITTER
AGC RECEIVER 3 COARSE

-15V RECEIVER I

-15V RECEIVER 2

-15V RECEIVER 3

-15V EXCITER I

-15V EXCITER 2

-15V EXCITER 3

HELIX VOLTAGE PWR AMP I

STATIC PHASE ERROR 3

AGC RECEIVER I FINE
AGE RECEIVER 2 FINE

AGC RECEIVER 3 FINE

POWER AMP I OUTPUT

POWER AMP 2 OUTPUT

POWER 3 WATT TRANSMITTER

COLLECTOR I TEMP

COLLECTOR 2 TEMP

BASE PLATE TEMP 3W TRANSMITTER
VC0 TEMP RECEIVER I

VCO TEMP RECEIVE_ 2

VCO TEMP RECEIVER 3
L,0, DRIVE !
L,O. DRIVE 2
L,O. DRIVE 3
COLLECTOR CURRENT PWR AMP 1
CATHODE CURRENT PWR AMP 2

EXCITER 1 POWER OUT
EXCITER 2 POWER OUT

EXCITER 3 POWER OUT

HELIX CURRENT 1

+15 VOLTS RECEIVER I

+15 VOLTS RECEIVER 2

+15 VOLTS RECEIVER 3

HELIX CURRENT 2
COLLECTOR CURRENT PWR AMP 2

CATHODE CURRENT PWR AMP 1

1.6

1.6
3*2 -90/-150 DBM

3.2 -90/-150 DBM

1.6 -600/+600 CPS

1,6 -600/+600 CPS

1.6 VDC
1.6 VDC
1.6 -20/-30 VDC

1,6 -20/-30 VOC
1.6 -20/-30 VDC
1.6 -20/-30 VDC
3.2 -90/-150 DBM

1.6 -12/-18 VDC
1.6 -12/-18 VOC
1.6 -12/-18 VDC

1.6 -12/-18 VOC
1.6 -12/-18 VOC
1,6 -12/-18 VOC
1.6 VDC

1,6 -600/+600 CPS
IOOMV -I18/+142 DBM

IOOMV -I18/+142 DBM

IOOMV -I18/+142 DB4
3.2 0/50 WAT

3*2 0/50 WAT

3*2 0/5 WAT

IOOMV DEG
IOOMV DEG
IOOMV 0/200 DEG
IOOMV 25/150 DEG
IOOMV 25/150 DEG

IOOMV 25/150 DEG

IOOMV 0/3 MW
IOOMV 0/3 MW

IOOMV 0/3 MW

3.2 MA
3.2 MA

3*2 0/.6 WAT

3*2 0/.6 WAT

3*2 0/*6 WAT

3*2 MA

3.2 12/18 VDC
3*2 12/18 VOC

3*2 12/18 VOC

3.2 MA
3.2 MA

3.2 MA

7. PROPULSION

C4

C5

C6

C7

C8

M207

M502

M503

LI09
L204

L402
L404

L407

L412

L414

L417

L501

L518

PRO
PRO
PRO
PRO
PRO

PRO
PRO
PRO
PR0
PRO

PRO
PRO
PRO
PR0
PRO

PRO
PRO
PRO

RPS CHAMBER PRESS

MCOA ENGINE CHAMBER PRESS 1
MCOA ENGINE CHAMBER PRESS 2
MCOA ENGINE CHAMBE_ PRESS 3

MCOA ENGINE CHAMBER PRESS a

MCOA PROPELLANT TANK PRESS

MCOA PROPELLANT MANIFOLD PRESS

MCOA HE TANK PRESS

MCOA JET VANE POSITION LOGIC
RPS TVC PRESS

MCOA PROPELLANT TANK I TEMP

MCOA HE TANK I TEMP

MCOA PROPELLANT TANK 2 TEMP
NCOA PROPELLANT TANK 3 TEMP
MCOA HE TANK 2 TEMP
MCOA PROPELLANT TANK 4 TEMP

RPS + MCOA SQUIB VALVE EVENT COUNTER
RPS SAFE/ARM LOGIC

3.2 0/600 PSI

3*2 0/250 PSI

3.2 0/250 PSI
3.2 0/250 PSI

3.2 0/250 PSI

3,2 0/350 PSI

3.2 0/350 PSI

3.2 0/4000 PSI
DIG
3.2 0/4000 PSI

IOOMV 0/130 DEG

IOOMV 50/150 PEG
IOOMV 0/130 DEG

IOOMV 0/130 PEG

IOOMV 50/150 PEG

IOOMV 0/130 DEG

DIG
DIG

12
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TABLE 5-2. CHANNEL ASSIGNMENTS (Continued)

Deck Sub -

Location System
Variable Measured Ref l_ange of Unit of

Volt Variable Variable

8. POWER

M20 1 _?!Q
M202 PVt_

M203 oWO

M208 DW_

M20 _ RW_

M701 PWR

M703 PWR

M704 PWR

M705 PWQ

M706 PWR

MIO02 P?!_

MIOC3 PW_
MIO04 PW_

MIIGI PWR

MII02 PWR

M1103 PWR

LIfO PWR
LIII PWR

Lit2 PWR

LI2G PWR

L205 PWD

._15 PWR

L217 PWq

L218 PWR

L21g PWR

L223 PWR

L405 Pwq

L415 PW_
L502 PWR

L515 PW_

L516 PW_

L519 PW_

L52G PWR

L917 DW2

L?IB PWq

LOI? oW_

LIOO9 PWR

L1213 DWR

L1214 PWR
L1215 oWR

eaTTERY 1 CUPDENT

9ATTE_Y 2 CUPuENT

_TTE_Y 3 Ct)_tJENT

_RRAY VOLTAGE

BATTE#Y AMp--HD DISCHARGE
ARRAy CURRENT

BATTERY 1 VOLTAGE COARSE

BATTERY 2 VOLTAGE COARSE

_ATTE_Y 3 VOLTAGE COAPSE

REGULATOR I OUTPUT CURRENT

_ATTERY _AW _US5 VOLTAGE

_EGULATOm 2 OUTPUT VOLTAGE

_EGULATOR 2 OUTPUT CUPRENT
_ATTE_Y 1TEMP (I)

_ATTERY 2 TEMP (II

BATTERY 3 TEMP (I)

CHA_GE _EGULATOR I STATE
CHARGE REGULATO# 2 STATE

CHARGE _EGULATOR 3 STATE
BACKUP OSC IN USE

REGULATOR I OUTPUT VOLTAGE

2,4KC INVERTER 2 VOLTAGE

400 CPS 3PH INVERTER I VOLT

400 CPS 3PH INVERTER 2 VOLT

400 CPS IPH INVERTER VOLT

2,4KC INVERTER 1 VOLTAGE
SOLAR ARRAy-TEMP 1
SOLAR AqRAy TE_,D 2
SOLAR ARRAy TEMP 3
SOLAR ARRAy TEMP a
400 CPS INVERTER CURRENT
SOLAR ARRAY TEMP 5
SOLA_ ARRAy TEMP 6

BATTERY 1 VOLTAGE FINE
BATTERY 2 VOLTAGE FINE
9_TTERY 3 VOLTAGE FINE

ARrAy/BATTErY BUSS CURRENT
BATTERY 1 TEMP (2)
DATTE_Y 2 TEMP (2)
_ATTE_Y 3 TEMP (2)

3,2 -71+25 AMP
3,2 -71+25 AMo

3.2 -71+25 AMP
3.2 30170 VDC
3,2 0/2 AHR
3,2 0/25 AMP

3,2 30150 VDC
3,2 30/50 VOC
3,2 30150 VDC
3,2 0115 AMP

3,2 30155 VDC
3,2 28132 VDC

3,2 0/15 AMP
IOOMV 01130 OEG
IOOMV 01130 DEG
IOOMV 0/130 OEG
DIG
DIG
BIG
DIG

3,2 28/3_ VDC
3,2 45155 VAC
3,2 22/30 VAC

3,2 22/30 VAC
3,2 25/33 VAC
3,2 45155 VAC
IOOMV -100/+250 DEG
IOOMV -100/+250 DEG
IOOMV -100/+250 DEG
IOOMV -100/+250 DEG
3,2 011,5 AMP

IOOMV -3501+I00 DEG
IOOMV --350/+100 DEG
3,2 25/50 VDC

3,2 _5/50 VDC
3,2 45/50 VDC

3,2 0113 AMm

IOOMV 0/130 DEG

IOOMv 01130 DEG
IOOMV 01130 DEG

9. VEHICLE

M305 VEH
M307 VEH
M909 VEH

LII3 VEH
Ll14 VEH
LII5 VEH
LII6 VEH
LII7 VEH

LII8 VEH

LII9 VEH

L209 VEH

L210 VEH

L301 VEH

L302 VEH

L303 VEH

L304 VEH
L305 VEH

L30_ VEH

L307 VEH
L308 VEH

L309 VEH
L310 VEH
L311 VEH
L312 VEH

L313 VEH
L314 VEH
L315 VEH

HIGH GAIN ANT A GIMBAL POS I

HIGH GAIN ANT B GIMBAL POS I

HIGH GAIN ANT A GIMBAL POS 2

PYRO CONTROLLER I

PYRO CONTROLLER 2

PYRO CONTROLLER 3

PYRO CONTROLLER 4
HIGH GAIN ANT A ACTUATOR TEMP
HIGH GAIN ANT B ACTUATOR TEMP

_IGH GAIN ANT FLEX CABLE TEMP
PYRO 1 VOLTAGE
PYRO 2 VOLTAGE

BAY 1 TEMP SENSOR I
BAy 2 TEMP SENSOR 1
BAY 3 TEMP SENSOR I

BAY 4 TEMP SENSOR I

BAy 5 TEMP SENSOR I

BAY 6 TEMP SENSOR I

BAY 7 TEMP SENSOR !

BAY 8 TEMP SENSO_ I

BAY 9 TEMP SENSOR I

BAY 10 TEMP SENSOR I
BAY II TEMP SENSOR I

BAY 12 TEMP SENSOR 1
BAY 13 TEMP SENSOR I

BAY 14 TEMP SENSOR I

BAY 15 TEM_ SENSOR i

DIG -501+120 OEG

DIG -I01+22 DEG

DIG -50/+120 DEG

DIG

DIG
DIG

IOOMV -2001200 OEG

IOOMV -2001+200 DEG
IOOMV -100/+200 DEG

3,2 3115 VDC

3,2 3115 VOC

IOOMV 01250 OEG
IOOMV 01250 DEG

IOOMV 01250 DEG

IOOMV 01250 DEG

IOOMV 0/250 DEG

IOOMV 01250 DEG
IOOMV 0/250 DEG

IOOMV 0/250 DEG
IOOMV 0/250 DEG
IOOMV 01250 DEG
lOOMY 01250 DEG
IOOMV 01250 DEG
lOOMY 01250 DEG
IOOMV 01250 DEG
IOOMV 01250 DEG

13
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TABLE 5-2. CHANNEL ASSIGNMENTS (Continued)

Deck Sub- Variable Measured Ref Range of
Location System Volt Variable

Unit of

Variable

L316 VEH
L506 VEH
L507 VEH
L517 VEH

L610 VEH
L707 VEH

L901 VEH
L902 VEH

L903 VEH
L904 VEH
Lg05 VEH
L906 VEH
L907 VEH
L908 VEH

LIO01 VEH
LlO03 VEH
LlO04 VEH

LIO05 VEH
LlO07 VEH
LIO08 VEH
LIO15 VEH
LIOI6 VEH
LI017 VEH

LI301 VEH

L1302 VEH
L1303 VEH

L1304 VEH

L1305 VEH
L1306 VEH
L13OT VEH
L1308 VEH
L1309 VEH

L1310 VEH
LI311 VEH
L1312 VEH
L1313 VEH
L1314 VEH
L1315 VEH

L1316 VEH

BAY 16 TEMP SENSOR I

HIGH GAIN ANT LATCH + A/B LIM LOGIC

HIGH GAIN ANT LATCH + A/B LIM LOGIC
MAGNETOMETER AND MED GAIN ANT LOGIC

HIGH GAIN ANT DEPLOY AXIS POS
SCAN PKG FLEX CABLE TEMP

SHUTTER i POSITION
SHUTTER 3 POSITION

SHUTTER 5 POSITION

SHUTTER 7 POSITION

SHUTTER 9 POSITION
SHUTTER ii POSITION

SHUTTER 13 POSITION

SHUTTER 15 POSITION

SHUTTER 2 POSITION

SHUTTER 6 POSITION

SHUTTER 8 POSITION

SHUTTER I0 POSITION

SHUTTER 14 POSITION

SHUTTER l& POSITION

HIGH GAIN ANT A MOTOR PRESS

HIGH GAIN ANT B MOTOR PRESS

HIGH GAIN ANT DEPLOY ACTUATOR LOAD
BAY 1 TEMP SENSOR 2
BAy 2 TEMP SENSOR 2
BAY 3 TEMP SENSOR 2
BAY 4 TEMP SENSOR 2
BAY 5 TEMP SENSOR 2
BAY 6 TEMP SENSOR 2
BAy ? TEMP SENSOR 2
BAY B TEMP SENSOR 2
BAY 9 TEMP SENSOR 2

BAy I0 TEMP SENSOR 2
BAY 11 TEMP SENSOR 2
BAY 12 TEMP SENSOR 2

BAY 13 TEMP SENSOR 2
BAY 14 TEMP SENSOR 2
BAY 15 TEMP SENSOR 2

BAY 15 TEMP SENSOR 2

IOOMV 0/250 DEG

DIG

DIG
DIG

3o2 0/132 DEG

IOOMV -I00/+200 DEG

3,2 0/90 DEG
3,2 0/90 DEG

3,2 0/90 DEG

3,2 0/90 DEG
3,2 0/90 DEG
3,2 0/90 DEG

3,2 0/90 DEG
3,2 0/90 DEG

3,2 0/90 DEG
3,2 0/90 DEG

3,2 0/90 DEG
3,2 0/90 DEG
3o2 0/90 DEG
3,2 0/90 DEG

3,2 0/3000 LBS
3,2 0/3000 LBS
3,2 0/3000 LBS
IOOMV 0/250 DEG
IOOMV 0/250 DEG
IOOMV 0/250 DEG
IOOMV 0/250 DEG
IOOMV 0/250 DEG
IOOMV 0/250 DEG
IOOMV 0/250 BEG
IOOMV 0/250 DEG

IOOMV 0/250 DEG
IOOMV 0/250 DEG

IOOMV 0/250 DEG

-IOOMV 0/250 DEG

IOOMV 0/250 DEG

IOOMV 0/250 DEG

IOOMV 0/250 DEG

IOOMV 0/250 DEG

10. SCIENCE

E1
E2
FI
F2
L703
L704

L705
LTll

L712
L713
L714
L715
L715
L717

L718
L719
L801
L802
L803
LBO_
UB05

L806

LIIII

LIII2

LlI13
LII14
LII15
LlI16
LIlI7
LIII8
LllI9

SCl ENG SCIENCE BODY MOUNTED SENSORS

SCI ENG SCIENCE BODY MOUNTED SENSORS

SCI ENG SCIENCE BODY MOUNTED SENSORS

SCI ENG SCIENCE BODY MOUNTED SENSORS

SCI INSTRUMENT PKG GIMBAL C ACT TEMP

SCI INSTRUMENT PKG GIMBAL D ACT TEMP

SCI INSTRUMENT PKG GIMBAL E ACT TEMP

SCI TEMP SCAN PKG i

SCI TEMP INST PKG I

SCI TEMP SCAN PKG 2

SCI TEMP INST PKG 2

SCI TEMP SCAN PKG 3

SCI TEMP INST PKG 3

SCI TEMP INST PKG 4
SCI TEMP INST PKG 5

SCI TEMP INST PKG 6

SCI INSTRUMENT PKG GIMBAL C POSITION

SCI INSTRUMENT PKG GIMBAL C POSITION

SCI INSTRUMENT PKG GIMBAL D POSITION

SCI INSTRUMENT PKG GIMBAL D POSITION

SCI INSTRUMENT PKG GIMBAL E POSITION

SCI INSTRUMENT PKG GIMBAL E POSITION
SCI TEMP SCAN PKG I

SCI TEMP INST PKG I

SCI TEMP SCAN PKG 2

SCI TEMP INST PKG 2

SCI TEMP SCAN PKG 3
SCI TEMP INST PKG 3

SCI TEMP INST PKG 4

SCI TEMP INST PKG 5

SCI TEMP INST PKG 6

3,2
3,2
DIG
DIG
IOOMV -200/+200 DEG
IOOMV -200/+200 DEG
IOOMV -200/+200 DEG

IOOMV -100/+200 DEG
IOOMV --100/+200 DEG

IOOMV --100/+200 DEG
IOOMV -100/+200 DEG
IOOMV -100/+200 DEG
IOOMV -100/+200 DEG
IOOMV -100/+200 DEG
IOOMV -100/+200 DEG
IOOMV -100/+200 DEG
DIG
DIG
DIG
DIG
DIG

DIG
IOOMV -100/+200 DEG
IOOMV --100/+200 DEG
IOOMv --100/+200 DEG

IOOMV -100/+200 DEG
IOOMV -100/+200 DEG
IOOMV -100/+200 DEG
IOOMV --100/+200 DEG
IOOMV -100/+200 DEG
IOOMV -100/+200 DEG

14
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TABLE 5-2. CHANNEL ASSIGNMENTS (Continued)

I1.

Deck

Location

CAPSULE

L611
L612
L613
L614
L615
L616
L617
L618
L619
L620
L811
L812
L813
L814
L815
L816
L817
L818
L819
L820
LllOl
Ll102
Ll103
L1104
Lll05
L1106
L1107
Ll108
Ll109
L1110
L1317
L1318
L1319
L1320

Sub -

System

CAP
CAP
CAP
CAp
CAP
CAP
CAP
CAP
CAp
CAP
CAP
CAP
CAP
CAp
CAP
CAP
CAp
CAP
CAp
CAp
CAP
CAp
CAP
CAP
CAp
CAP
CAP
CAP
CAp
CAP
CAP
CAP
CAp
CAP

CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE
CAPSULE

Variable Measured Ref

Volt

IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
lOOMY
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
lOOMY
lOOMY
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV
IOOMV

I5
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ACCURACY ANALYSES

1.0 SCOPE. This document presents pointing error analyses for the high-gain antenna, the

planetary science package, and for spacecraft maneuvers. All major identifiable error con-

tributions have been included. The results indicate that the proposed system meets the
accuracy requirements of the VOYAGER mission.

2.0 APPLICABLE DOCUMENTS.

VC220SR101

VC220FD101

VC220FD113

Design Characteristics and Restraints

Trajectories and Guidance

Layout and Configuration

3.0 ANALYTICAL APPROACH. Error analyses for High-Gain Antenna (HGA) pointing,

Planetary Scan Platform (PSP) pointing, and maneuvering are contained in the following

sections. To permit consideration of the problem geometry, successive multiplications of

coordinate transformation matrices were made to include the effect of each system error and

the nominal rotations required for the reorientation or maneuver. A similar matrix product

was formed from the nominal rotations and the final orthogonal pointing errors. Since both

resultant matrices define the actual attitude after reorientation, equating their like parts

yields expressions for orthogonal errors in terms of the system errors and their respective

weighting functions. Error contributors are assumed to be independent, although orthogonal

components of the final error may or may not be independent. In the maneuvering error

analysis, two final pointing errors are presented: one assuming independent orthogonal
errors, and the other dependent errors. In reality, final errors will fall somewhere between
these two values.

The HGA error analysis has been conducted to produce results approaching the worst case.

Known errors, such as control system deadband, gimbal servo quantization, and curve fit

accuracy have been added algebraically to the 3 _ root-mean-squared value of the gaussian-

distributed errors. Polarities of the known errors have been selected to maximize the

resultant errors. The final result yields an error within the tolerable value.

Error analyses of PSP pointing accuracy and maneuvering accuracy have been conducted by

computing the standard deviation of each error source. The standard deviation of the

resultant error in each of the two orthogonal axes defining the pointing error was computed
by calculating the square root of the sum of the variances. Since most of the resultant

error is contributed by uniformly distributed control system deadbands, results should not

be treated as normal distributions. This implies that the resultant error standard deviations

are incorrect. However, the results should be on the conservative side, and, since all

requirements are met without undue design penalty, further refinement was not warranted.

4.0 HIGH-GAIN ANTENNA POINTING ACCURACY. The HGA is attached to the Spacecraft

by a gimbal mechanism providing two degrees of freedom. With gimbal angles at zero

positions, the antenna boresight axis is oriented parallel to the -Z body axis. The first

1
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rotation with respect to the Sun-Canopuscoordinate system is aboutthe SpacecraftY-axis
through an angle referred to as "B. " The secondrotation is aboutthe transformed X-axis
through an angle referred to as "A. "

Error sources contributing to the resultant pointing error are deviations of the bodyaxes
from the stellar references, gimbal position errors, and errors in definition of the boresight
axis. The latter errors have beenmathematically lumpedwith gimbal errors for computa-
tional convenience. Sincethe secondgimbal rotation (A) is small, this is acceptable. The
two orthogonal error equationsare

Ay =Sx SinA Sin B+Sy Cos A+Sz Sin A Cos B+ABCosA

/_ x =Sx Cos B - 5z Sin B - AA

Error sources, identification, magnitude, and variances for the HGA pointing accuracy are

listed in Table 4-1. Magnitudes indicated represent three times the standard deviation for

gaussian distributed errors, the design value of the maximum error excursion for uniformly

distributed errors, and curve fit errors. All error sources are presumed to be independent.

Standard deviations of the two orthogonal errors are

2
(_ A -- [ 8x 2 Sin2ASin2B+6y 2 Cos2A+Sz Sin2ACos2B+AB 2 Cos2A_ l/2

Y
2 2

o" A =ESx Cos B+Sz2Sin2B+ AA2j 1/2-
X

where

(Delta) 2 = _ Delta Variances

All of these errors are assumed to be gaussian distributed, except for control system dead-

band, gimbal servo quantization, and curve fit accuracy. Summing the gaussian distributed

variances yields

8 x Variances = 0.00141 _AA Variances = 0. 00139

8 y Variances = 0.00304 _AB Variances = 0. 00139

]_8 z Variances = 0.00141

During the orbit phase, the gimbal angles are approximately

A = 10 degrees

B = 40 degrees

For this case, the standard deviations of the two orthogonal errors are

A = 0.07 degree
Y

cr A x = 0.05 degree

2
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TABLE 4-1. HGA ERRORANALYSIS And the nongaussianerrors are

Error Source ]Control System Deadband

Canopus Sensor Repeatability

Sun Sensor l_epeatability |

Control Electronics Drift

Sensor Mounting Alignment

Threshold Detector Variations

Gimbal Alignment

Girnbal Servo Quantization

Curve Fit Accuracy

Antenna To Gimbal

Antenna Beam to Antenna

3a or Max Value

Identification Magnitude (deg) Variance

0x, 6y, 6z 0.458 0.069

6y 0. 141 0.00222

6x, 6z 0. 071 0, 00055

6x, 6y, 6z 0.046 0.00024

5x, 6y, 6z 0.050 0.00028

6x, 6y, 6z 0. 023 0. 00006

6x, 6y, 6z 0.050 0.00028

AA, AB 0. 125 0.00521

_A, AB 0.250 0.03125

/kA, AB [ 0.050 I 0.00028

t_,aB [__0.100 _ 0.00111

Then

5x=fy = 5z = +0.458

A A = -0. 375

A B = +0. 375

Ay -- 0.83degree

Ax -- 1.02 deg1"ees

The pointing error (/_ P) should always be

AP< [ (Ay+ 3qA )2
Y

2 1/2
+ (_X+ 3(rAx) J

< 1.60 degrees

Therefore, if the antenna is sized to deliver the desired bit rate with a 1.75 degree pointing

error, there should be an adequate safety margin.

As a comparison, it is of interest to compute what is here erroneously labeled as the

standard deviation of the final pointing error. The sums of all the appropriate variances
yield

6 x Variances = O. 07133 _A A Variances = 0.03785

6 y Variances = 0.07300 _ B Variances = O. 03785

6 z Variances -- 0.07133

For the orbiting situation gimbal angles, the orthogonal errors are

(r A = 0. 331 degree
Y

cr A = 0.330 degree
X

which yield for this manner of computation a worst-case pointing error standard deviation of

0. 468 degree, or a 3 cr value of 1.4 degrees.
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5.0 PLANETARY SCAN PLATFORM POINTING ACCURACY; The Planetary Scan Plat-

form (PSP) is attached to the spacecraft by a gimbal mechanism with three degrees of

freedom. Two gimbals are employed to establish an axis perpendicular to the Satellite

orbital plane while the third points the PSP optical axis along the local vertical vector.

When nulled, the gimbals point the perpendicular axis along the Y-Axis of the Sun-Canopus

coordinate system and the optical axis along the X-axis. The first rotation is through an

angle C about the + Z axis, and the second an angle D about the transformed + X axis. The

final rotation takes place through an angle E about the axis perpendicular to the orbital

plane. A horizon sensor is used to determine a local vertical reference for the closed loop

system providing this rotation.

Similar to the High-Gain Antenna situation, sources contributing to the resultant PSP pointing

error are deviations of the body axes from stellar references, gimbal position errors, and

errors in the definition of the instrument optical axis. The out-of-plane component becomes

-Az =Sx (Sin ECosC+ SinC Cos ESinD)

+Sy (Sin ESinC- CosC Cos ESinD)

+Sz (Cos ECos D+ AC Cos ECos D+ADSin E)

In the orbital plane, however, the closed loop control system is not affected by the usual

body axis errors but does have its own sources of error designated as 5 y'. Therefore,

the in-plane pointing error component becomes

_y=6y'+AE

Table 5-1 identifies, in a manner similar to Table 4-1, the error sources contributing to the

PSP pointing error. If the body axis errors are the same in each axis, the resultant out-of-

plane error is equal to the magnitude of the contribution to a single axis. The same argu-

ment applies in the case of gimbal errors if the worst case of D = 0 degrees is assumed
so that

2 2 1/2
5A =(5 +iX )

Z

The table of errors, however, shows that the stellar sensor for the body Y-axis contributes a

larger error than the other sensors. This can be treated by adding a term, which is a func-
tion of the error increment, to the variance. In other terms

CrAz =[ 52+A2+K (n+Z) Sn2_ 1/2n

Where K -- (sin E sin C - cos C cos E sin D) 2
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TABLE 5-1. PLANETARY SCIENCE
PACKAGE ERRORANALYSIS

Errorseurce

Control System Deadband

Canopus Sensor Repeatability

Sun Sensor

Control Electronics Drift

Sensor Mounting Alignment

Horizon Sensor Alignment

Horizon sensor Resolution

servo Hang-off

Pla,mt Ellipticity

False Horizon

Orbit Inclination

Threshold Magnitude

Gimbal Alignment

Actuation Variations

Curve Fit Accuracy

Gimbal Servo Quantization

*non-Gaussinn errors

Identification

5x, by, 5z

6y,

6x, 6z

6x, 6y, 6z

6x, 6y, 6z

5y,

5y,

5y,

5y.

5y

6x, 6y, 6z

6y

AC, AD, AE

AC, AD, AE

AC, AD

AC, A D

Magnitude (deg) Variance

0.458* 0.00992

0.141 0.00222

0.071 0.00055

0.040 0.00024

0,050 O,O002R

0.050 0.00028

0. 100 0.00lll

0.100 0.00111

U. lZO 0.00160

0.200 0.00444

0,100 0.00111

-0.250* 0.02080

0.050 0.00028

0.050 0.00028

0.250* 0°03125

0.125" 0.00521

and n = factor used to denote the magni-
tude of the increment as a func-

tion of an error source, 6 n.

During the orbital phase

C = - 5 degrees

D -15 degrees

2
....... = (-0. 087 sin E + 0.258 cos E)SO t,ll_:tb 1_.

which reaches a maximum value of (0. 272) 2

= 0.074

The combination of in-plane errors is much

simpler, the in-plane component being
obtained from

6Ay: (8y'2 + AE 2) 1/2

From the error table, the variances of the Gaussian errors may be obtained and summed.

5 Variance = 0.00230 _6 Y' Variance : 0.00854

A Variance = 0. 00056 _A E Variance : 0. 00056

There are also the non-Gaussian errors

6 = 0. 458

A = ±0.375

6 y' = -0.0250

By adding the non-Gaussian errors arithmetically to the 3(; values of the Gaussian errors,

3ff A z = 0.995

3(; A = O. 535
Y

Assuming the in-plane and out-of-plane errors to be orthogonal and independent, the total

pointing error will be less than 0.89 degree, with a probability of 99%.
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6.0 MANEUVER POINTING ACCURACY. In performing midcourse correction, orbit inser-

tion, and orbit adjust maneuvers, a pair of turns about two body axes is required to properly

orient the propulsive thrust vector. This thrust vector is nominally coincident with the

spacecraft + Z axis and will be reoriented as required through a pitch-yaw or yaw-pitch

turn combination. Flexibility in choosing the order of these two turns is required to

minimize the resultant pointing error for each maneuver. (One sequence of turns for a

given maneuver will have a lower sum of turn magnitudes and, consequently, will yield a

lower error than the other). A combination of pitch and yaw turns are chosen because a

solar aspect sensor is used for turn verification.

Contributing error sources are deviations of the body axes from the celestial references,

control system deadband in the inertial-sensing mode, uncertainties in actual magnitudes of

executed turns, the autopilot error (which includes thrust axis misalignments and center-

of-gravity location uncertainty), and gyro drift. Gyro deadbands contribute to the final

pointing errors only through misalignment of the axes about which the required maneuver

turns are made. These deadbands do not contribute directly to the final errors, since each

turn is referenced to the appropriate gyro null and not to the actual vehicle attitude (within

the deadband) about the turn axis.

A yaw (through angle Y) - pitch (through angle P) turn sequence was arbitrarily chosen for

the analysis. From the matrix equation described in Section 3.0, the two orthogonal error

equations are

x=Gx-Sz-A Z SinY+AP+AX(Cos Y-1)+SxCos Y+Ax

_y =Gy+AXSinYSinP+Sx SinYSinP+Sz CosY SinP

+AZ Cos Y Sin P+AY (Cos P-l) +A 'YCos P+SyCos P+Ay

Since the body axis deviations from the celestial references are essentially equal for all

three axes, the above expressions are simplified by replacing 6 x, 6 y, and 6 z with 6 •

Similarly, the gyro deadbands, gyro drifts, and autopilot errors are simplified to _, G and

A, respectively. Converting the orthogonal errors to their standard deviations,

a<x -- E G 2 62 2 2+ +_ P + 2A (1- Cos Y) +A 2] 1/2

(_ E G2 52 y2 2 2 A 2 1/2= + +A' Cos P+ 2A (1- Cos P) +
_Y

All contributing errors are identified in the summations of Tables 6-1, 6-2, and 6-3.

6.1 Ek'ror Summations. To illustrate the effects of turn magnitude on the resultant point-

ing error, two representative maneuvers have been analyzed. The first is a yaw 45 degrees-

pitch 45 degrees sequence; the second is a yaw 165 degrees - pitch 10 degrees sequence. It

can be seen from Table 6-4 that the resultant pointing error is greater for the maneuver

which requires turn magnitudes whose sum is the greater. This effect is generally true;

thus, errors are minimized by choosing the turn pair with the smallest sum.

6
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TABLE 6-1. MANEUVERERRORANALYSIS
StandardDeviationof Final Pitch Error, (r,x
(Yaw45degrees - Pitch 45degreesSequence)

Error Source

Control System Deac_and (1)

{Optical Sensing Mode)

Sensor Repeatability (2)

Control Electronics Drift

Sensor Mounting Alignment

Threshold Detecter Variations

Control System Deadband 1

(Gyro Sensing Mode)

C&S Timer Resolution (3)

Turn Rate Uncertainty (4)

Gyro Drift (5)

Autopilot

Notes

1

Symbol

5

5

5

5

6

AP

G

A

Magnitude Variance

0.458 0.06992

0.141 0.00222

0.046 0.00024

0.050 0.00028

0.023 0.00006

0.458 0.04102,

0.089 0.00090

0.178 0.00348

0.154 0.00260

0.300 0.01000

0.13072

_(x = (0.13072) 1/2 power = 0.362 degree

Magnitudes are for uniform distribution. Equivalent 3o" value

is _f3 times the magnitude shown.

2 Includes variations in linearity and null position with time and

temperature. (Canopus value chosen as worst case,)

3 ± O. 5 sec

4 _ O. 4% of 3.14 mrad/sec

5 ± O. 25 deg/hr

* Variance multiplied by the appropriate functions of y as indicated in the
expressions for ff .

_x

TABLE 6-3. MANEUVER ERRORANALYSIS

Standard Deviation of Final Yaw Error,or (y
(Yaw 165 degree - Pitch 10 degree Sequence)

Error Source

Control System Deac_and

(Optical Sensing Mode)

Sensor Repeatability

Control Electronics Drift

sensor Mounting Alignment

Threshold Detector Variations

Control System Dea_and

(Gyro sensing Mode)

C&S Timer Resolution

Turn Rate Uncertainty

Gyro Drift

Autopilot

_yLbol

6

6

5

5

5

5

_y

_y

G

A

Magnitude

(dng) Variance

0.458 0.06992

O.14l 0.00222

0.046 0.00024

0.050 0.00029

0.023 0,00006

0.458 O. 002 10'

0.089 0.00087*

0.226 0.04973

0.186 0.00372

0.300 0.01000

0.13914

n(y = (0.13914) 1/2 power

= 0.373 degree

* Variances multiplied by the appropriate functions of Y & P as indicated in

the expressions for _ .
(Y

TABLE 6-4. LIMITS OF MANEUVER

POINTING ERRORS

TABLE 6-2. MANEUVER ERROR ANALYSIS

Standard Deviation of Final Pitch Error, (_ _ x
(Yaw 165 degree - Pitch 10 degree Sequence)

Errorseurce

Control System Deac_and

(Optical Sensing Mode)

_ensor Repeatability

Control Electronics Drift

Sensor Mounting Alignment

Threshold Detector Variations

Control System Deac_and

(Gyro Sensing Mode)

C&S Times resolution

Turn Rate Uncertainty

Gyro Drift

Autopilot

Symbol

6

6

6

6

6

4

AP

4P

G

A

Magnitude

(deg) Variance

0.458 0.06992

0.141 0.00222

0.046 0.00024

0.050 0.00028

0.023 0.00006

0.458 0.27524*

0.089 0.00090

0.036 0,00014

0.186 0.00372

0.300 0.01000

0.36372

O'(x = (0.36272) 1/2 power

= 0.602"

* Variance multiplied by the appropriate functions of y as indicated in the

expressions for (Tx"

I P%ii it?ror] Y = 165*, P = 10"

i_ 30

Upper 0.509" 1. 527* [ 0.709" 2. 124"

Lower* 0.360* 1.080" 0.488" 1.626"

I

l
* For two-dimermionaJ errors, probabilities equivalent to la and 3_ are

39_c and 99%. respectively.

Gyro drifts are considered to be essentially
undirectional, and the drift errors are

entered in the summations as a single value

based on the total time for each maneuver

during which the spacecraft is "on gyros. "

While it is recognized that this is a simpli-

fication, the inaccuracy introduced is con-

sidered negligible.

The error magnitudes listed in Tables 6-1,
6-2, and 6-3 are three times the standard

deviation for the gaussian-distributed errors.

Errors having uniform distributions (control

system deadbands in the optical and gyro
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sensing modes)have beenconverted to the equivalent 3_ values. Therefore, since all errors
are gaussian-distributed (or equivalent), the square root of the sum of the variances (modi-
fied by the appropriate functions of the turn angles)which contribute to eachorthogonal
error yields the standard deviation of that error.

For the yaw 45 degree - pitch 45degree maneuver, the error summations for _c- is pre-
sented in Table 6-1. The summation for _y is identical to that for ff_x except t_at the pitch
turn magnitude error, A p (including the timer resolution and turn rate uncertainty errors),

is replaced by the modified yaw turn magnitude error, A Y Cos P. The resulting standard

deviation of the final yaw error is

(y -- 0. 358 degree
_y

Thus, for the yaw 45 degree - pitch 45 degree maneuver the standard deviations of the ortho-

gonal errors are

(_ = 0.362 degree
Ex

= O. 358 degree
_Y

It is clear from the expressions for _ _x and (_ _y that these errors are neither completely
independent nor completely correlated. This fact is significant, since the choice of techniques

used to convert these two one-dimensional errors into a single two-dimensional pointing error

depends upon the degree of correlation. Since, as stated in Section 4.0, a technique more

rigorous than RSS summations is required to yield truly meaningful values for the pointing

error (such as Monte Carlo), it appears sufficient in this analysis to define the range within

which the values of the pointing errors will fall. To establish the upper limit for this range,

the orthogonal errors are assumed to be completely correlated and, for the lower limit,

completely independent.

Thus, the limits on the pointing error range are as follows:

Probability

1(_ 3(_

Upper Limit, deg

(Errors correlated)

0.509 1.527

Lower Limit, deg *

(Errors independent)

0.360 1.080

* For two-dimensional errors, probabilities equivalent to lg and 3(_ are

39% and 99%, respectively.

8
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For the yaw 165degree - pitch 10degree maneuver, the error summations for Crcx and Ctcy
are presented in Tables 6-2 and 6-3. Thus, for the yaw 165 degree - pitch 10 degree ma-

neuver, the standard deviations of the orthogonal errors are

cr = 0. 602 degrees
Ex

= 0.373 degrees
_Y

Using the previously described technique for conversion to a two-dimensional distribution,
the limits on the pointing error range are as follows:

Probability

lff 3ff

Upper Limit, deg

( Errors correlated)

0. 708 2. 124

Lower Limit, deg

(Errors independent)

0. 488 1. 626

6.2 Conclusion. For comparison, the resulting pointing error limits for the two maneuvers
analyzed are presented in Table 6-4.

The error limits shown are directly applicable to midcourse correction and orbit trim

maneuvers. For the orbit injection maneuver, the errors are slightly greater for the same

turn sequences, since the spacecraft is "on gyros" for nearly two hours from the start of the

first turn until ignition of the retroengine. This prolonged gyro hold increases the upper

limits of the pointing error by about 0.03 degrees (Icr) and 0. i degree (3(y). These upper
l_.,_t_ _,._ oan_m-_ tn ho _ont_n!!y the worst-e_se errors.

In determining the capsule pointing error at the time of separation, the error limits are

essentially as shown in Table 6-4, since the autopilot error can be replaced by the capsule

alignment error, the two being nearly equal. The accuracy with which the proposed system

can control the propulsive impulse, or AV, in a maneuver is discussed in the autopilot
description.

Since the analysis of the VOYAGER trajectory and orbital requirements has indicated a

maximum allowable pointing error of 2.60 degrees (3or), the maneuver accuracy of the

proposed system is satisfactory. In conclusion, it is well to restate that in the design

phase, Monte Carlo techniques should be used to determine the probability distribution of

the final pointing errors.
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FLIGHT SEQUENCE

1.0 SCOPE. This document describes in detail the sequence of operations performed by the

two VOYAGER spacecraft from the period immediately preceding launch until completion of
the mission.

2.0 APPLICABLE DOCUMENTS. The following list of documents is directly applicable to

the Flight Sequence:

VC220SR101 Design Characteristics and Restraints

VC220FD101 Trajectories and Guidance

3.0 MISSION SUMMARY. The mission phases which comprise a nominal mission profile

are as defined on pages 13, 14, 15, and 16 of the 'WOYAGER 1971 Preliminary Mission

Description" dated October 15, 1965. This defined phase format is utilized throughout the

Flight Sequence listing, and a summary of the highlights of these phases follows.

The Planetary Vehicles are initialized for launch prior to lift-off, and the Forward Plane-

tary Vehicle (P/V1) separates from the Launch Vehicle soon after injection on the transfer

trajectory. The Aft Planetary Vehicle (P/V2) separates from the Saturn-IVB stage 10 min-

utes after the separation of P/V1, and a nominal AV of 2 feet per second is provided between

the Forward and Aft Planetary Vehicles to eliminate the possibility of collision. (See Figure 3-1. )

The Flight Spacecraft has the capability of performing three interplanetary trajectory cor-

rections. The first and second midcourse maneuvers for P/V1 are planned for three and

thirty days from launch with those of P/V2 being performed one day later. The third tra-

jectory correction is performed seven days before encounter with a ten day encounter time

difference existing for P/V1 and P/V2. A pitch and yaw or yaw and pitch turn sequence is

used for orienting the spacecraft prior to adding the AV velocity increment during trajectory
corrections, and solar aspect sensor data is obtained during the turns and is used for attitude

verification following completion of the orientation procedure. Two turns are used for

orienting the Planetary Vehicles during maneuvers, since attitude verification from solar

aspect sensor data is mo_-e readily obtaL_,ab!e; total maneuver time is less than when three

turns are used (requiring less time on gyros and batteries); and it is easier to retrace the

turns as a backup to the automatic C&S celestial reference reacquisition technique. Two

turns have the disadvantages oi making antenna pattern pointing more difficult and

possibly requiring larger individual turns. Ample time is allotted to inhibit engine burn by

ground command if attitude verification is not achieved. The high-gain antenna is not re-

oriented during maneuvers, and data reception on Earth following a maneuver and switch to

Cruise Radio Mode verifies proper reacquisition of celestial references. Stored maneuver

data is not played back until adequate time has elapsed for Sun and Canpous reacquisition
verification.

The Flight Capsule canister is jettisoned one day prior to orbit insertion, and the canister is

separated while the Planetary Vehicle is Sun-Canopus oriented.

1
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During orbit insertion, redundant gyro packages are operated to provide momentary switch-

ing capability. Approximately 100 minutes are allowed to correct abnormalities (if neces-

sary) between desired attitude attainment and orbit injection engine firing. Attitude

verification is again obtained by solar aspect sensor data, and the high-gain antenna is not
reoriented during the maneuver.

Orbit geometry is determined during the first two orbits with Orbit and PSP Science power

off. Although a 1,000-km x 10,000-km 60-degree inclined orbit is recommended, a 40-

degree inclination is portrayed in the Flight Sequence and is used as a design guide for the

Flight Spacecraft (since the 60-degree inclination leads to a simpler sequence). Science

power is limited in the 40-degree inclination prior to Flight Capsule separation, and a

modified data gathering sequence is specified during this period of time.

The Flight Spacecraft has the capability of performing two Mars orbit trim maneuvers both

prior to and after Flight Capsule separation. These maneuvers (if necessary) are nominally
performed two, four, eight, and ten days after encounter. The orbit trim maneuvers are

basically identical to the interplanetary trajectory correction maneuvers.

Flight Capsule separation occurs four to six days after orbit insertion (depending upon the

number of required orbit trim maneuvers and the desired impact area - orbit plane geo-

metry). Flight Capsule checkout begins one orbit prior to separation, and a yaw - pitch

turn sequence is utilized to properly orient the relay antenna for Flight Capsule data recep-

tion. Separation does not occur until a ground command enable signal is received, and the

Flight Spacecraft maintains its separation attitude until after impact. Following reacquisi-

tion of celestial references, stored Flight Capsule data is transmitted to Earth. All science

data gathering is inhibited from the beginning of Flight Capsule checkout until completion of
stored data transmission.

Late in the mission (55 days after encounter for the 40-degree inclination), a 180-degree

roll reorientation is performed to avoid Flight Capsule bio-barrier interference with the PSP
Science field-of-view.

4.0 NOMENCLATURE AND USE OF TABLES.

following column heading format:

Days !Hours

M inutes _
Seconds

The Flight Sequence is presented with the

Refers to time from launch. The times shown are based

on a nominal May 3, 1971 launch date and November 1, 1971

and November 11, 1971 nominal arrival dates.

Mission Phase: As defined by the nominal profile.

Events: Occurrences within a mission phase.
Source: Command source to initiate an event.

Backup: Command backup source, if required.

Destination Subsystem: Primary and backup command destination.
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Destination: Bay location of effected components, etc.
Raw DC: DC bus sum power load with event occurrence.
2.4 Kc: 2400 cps sum power load with event occurrence.
400 cps: 400 cps sum power load with eventoccurrence.

The radio modes, datamodes, science categories, and abbreviations shownin Table 4-1 are
used in the CommandandFlight SequenceLists.

TABLE 4-1. MODESAND ABBREVIATIONSUSEDIN
COMMANDAND FLIGHT SEQUENCELISTS

Launch Radio Mode: 3-watt amplifier, primary low-gain and

parasitic antenna

Maneuver Radio Mode: 50-watt amplifier, secondary low-

gain antenna

Cruise Radio Mode: 50-watt amplifier, high-gain antenna

Data Mode 1A: Maneuver Mode

Data Mode 1B: Flight Capsule Separation Maneuver Mode

Data Mode 2: Cruise Mode

Data Mode 3A: Normal Orbit Mode

Data Mode 3B: Earth Occultation Mode

Data Mode 4: Cruise Recorder Readout Mode

Data Mode 5: Capsule Checkout Mode

Cruise Science: Science used throughout interplanetary

cruise

Orbit Science: Science used in orbit but not PSP-

mounted

PSP Science: Science mounted on PSP

G&C: Guidance and Control Subsystem

AC: Attitude Control

IGP: Integrating Gyro Package

D/S or DS: Data Storage Subsystem

SCI: Science Subsystem

C&S or CS: Computer and Sequencer

AP: Autopilot

POWER: Power Subsystem

PYRO: Pyrotechnics Subsystem

T/M: Telemetry Subsystem

RADIO: Radio Subsystem

R RAD: Relay Radio Subsystem

DAE: Data Automation Equipment

TVC: Thrust Vector Control

S/C: Flight Spacecraft

P/V2: Aft Planetary Vehicle

M/C or MC: Midcourse maneuver

MTR: Magnetic Tape Recorder

PSP: Planet Scan Platform

TCA: Thrust Chamber Assembly

SI: Separation Switch No. 1

SO: Sun Occultation

CO: Canopus Occultation

ANT: High-gain antenna

LG: Imw gain

CD: Command Decoder

LV: Launch Vehicle

P/VI: Forward Planetary Vehicle

LCE: Launch Complex Equipment

OTM or OA: Orbit trim maneuver

PSC: Playback sequencer control

CAPS: Flight Capsule

S2: Separation Switch No. 2

EO: Earth Occultation

TTG: Time-to-Go Register

HG: High gain

5.0 SEQUENCE OF EVENTS AND POWER PROFILE.

primary events for a nominal 1971 VOYAGER mission.

also presented.

Table 5-1 is a detailed listing of the

An upper-bound power profile is

4
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6.0 COMMAND LIST.

Discrete Commands: Commands which provide momentary switch closure to Planetary
Vehicle subsystems.

Quantitative Commands: Commands which provide a stream of digital information to the

subsystem user.

The commands originating from the following sources are numbered as follows:

Computer and Sequencer (Discrete): CS000 to CS549.

Command Decoder (Discrete): CD600 to CD899.

Computer and Sequencer (Quantitative): CS900 to CS905.

Command Decoder (Quantitative): CD906 to CD999.

The Command List consists of all commands required for the Forward Planetary Vehicle. A
duplicate set of commands is required for P/V2.

6.1 Guidance and Control Subsystem.

6.1.1 Attitude Control.

Command Source

P r imary Backup

CS000 CD600

CD601

CD602

CD603

CD604

CS120 CD605

C SO01 C D606

CS002 CD607

CS003 CD608

CS004 CD609

CS005 CD610

CS006 CD611

CS007 CD612

Command

Enable Pneumatic Drivers

Disable Pneumatic Drivers

Switch to I.G.P. No.

Switch to I. G.P. No.

Switch to Canopus No.

1 Signal Input

2 Signal Input

1 Signal Input

Switch to Canopus No. 2 Signal Input

Switch to Cruise Mode

Switch to Full Inertial Control

Start Yaw Turn (+)

Start Yaw Turn (-)

Stop Yaw Turn

Start Pitch Turn (+)

Start Pitch Turn (-)

11
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Primary

CS008

C S009

CS010

CS011

CS012

CS013

CD619

CS014

CS015

CD622

CS016

CS017

CD625

CD626

CD627

CS018

CS019

CS020

C S046

CS048

CS021

CS022

CD633

C D645

Command Source

Backup

CD613

CD614

CD615

CD616

CD617

CD618

CD620

C D621

CD623

CD624

CD628

CD629

CD630

CD707

CD709

CD631

CD632

Command

Stop Pitch Turn

Start Roll Turn (+)

Start Roll Turn (-)

Stop Roll Turn

Enable Sun Occultation Mode

Switch to Roll Inertial Mode

Roll Override

Sun Loops to Medium Gain

Sun Loops to High Gain

Spare

Select Canopus No. 1 for Incrementing

Select Canopus No. 2 for Incrementing

Enable Canopus High-Gate Function

Enable Canopus Low-Gate Function

Enable Cone Angle Function

Increment Canopus Function (+)

Increment Canopus Function (-)

Gyro Temperature Override

Gyro Set No. 1 Off

Gyro Set No. 2 Off

Spare

Spare

Spare

Spare

12



6.1.2

6.2

Autopilot.

Command Source

Primary Backup

CS023 CD646

CS024 CD647

Pyrotechnic Subsystem

Command Source

P r imary Backup

CS025 CD648

CS026 CD649

C S027 C D650

CS028 CD651

CD652

CD653

CD654

CD655

CD656

CD657

CD658

CD6b9

CD660

CD661

CD662

CD663

CS029 CD664

C S030 CD665

CS031 CD666

CS032 CD667

CS033 CD668

VC220FD112

Com m and

Enable Autopilot (and Enable Retroengine

Injectors Open)

Spare

Command

Initiate High-Gain Antenna Deployment

Deploy Secondary Low-Gain Antenna

Deploy Magnetometer

Remove Cruise Science Covers

Pressurize MC/OA Propellant 1

Pressurize MC/OA Propellant 2

Pressurize MC/OA Propellant 3

Enable MC/OA Propellant Flow 1

Enable MC/OA Propellant Flow 2

Enable MC/OA Propellant Flow 3

Disable MC/OA Propellant Flow 1

Disable MC/OA Propellant Flow 2

Disable MC/OA Propellant Flow 3

Depressurize MC/OA Propellant 1

Depressurize MC/OA Propellant 2

Depressurize MC/OA Propellant 3

InitiateTVC Pressurization Squibs

InitiateRetroengine Burn

InitiatePSP Deployment

Remove Orbit and PSP Science Instru-

ment Covers

InitiateCold Gas Jet Squibs

13



6.3

14

Command Source

Primary Backup

CD669

CD670

CD671

CS034 CD672

CS035 CD673

CD674

CD675

CS036 CD676

CD677

CD678

Power Subsystem.

Command Source

Primary Backup

CD679

CD680

CD681

CD682

CD683

CD684

CD685

CD686

CD687

CD688

CD689

CD690

C D691

CD692

VC220FDi12

Command

Initiate 2 Position Valve (Propulsion S/S)

Isolate TCA No. 1 and 3 (Propulsion S/S)

Isolate TCA No. 2 and 4 (Propulsion S/S)

Spare

Initiate Sterilization Canister Pyro

Separate Emergency Spacecraft-Capsule
Connector

Initiate Emergency Capsule Separation
Pyro

Spare

Spare

Spare

Command

Charge Regulator No. 1 Off

Setting A - Charge Regulator No. 1

Setting B - Charge Regulator No. 1

Setting C - Charge Regulator No. 1

Charge Regulator No. 2 Off

Setting A - Charge Regulator No. 2

Setting B - Charge Regulator No. 2

Setting C - Charge Regulator No. 2

Charge Regulator No. 3 Off

Setting A - Charge Regulator

Setting B - Charge Regulator

Setting C - Charge Regulator

Main Regulator No. 1 On/Off

Main Regulator No. 2 On/Off

NO. 3

NO. 3

No. 3



Primary

CD693

CD694

CD695

CD696

CS037

CS038

C S039

CD700

C S040

C S041

C S042

C S043

C S044

C S045

C S046

C S047

CS048

C S049

CD711

CD712

C S050

C S051

CD715

CS052

CS053

CS054

CD719

CS055

C S056

Command Source

Backup

CD697

CD698

CD699

CD701

CD702

CD703

CD704

CD705

CD706

CD707

CD708

CD709

CD710

CD713

CD714

CD716

CD717

CD718

CD720

CD721

VC220FD112

Command

2.4-Kc Inverter No. 1 On/Off

2.4-Kc Inverter No. 2 On/Off

Switch to 400 cps 1_ Inverter No. 1

Switch to 400 cps 1_ Inverter No. 2

Capsule Power On

Capsule Power Off

2.4-Kc Science Power On

2.4-Kc Science Power Off

Autopilot Power On

Autopilot Power Off

Articulation Power On/Off

Relay Radio Power On

Relay Radio Power Off

Gyro Set No. 1 On

Gyro Set No. 1 Off

Gyro Set No. 2 On

Gyro Set No. 2 Off

Power to Science On (400 cps)

Power to Science Off (400 cps)

Power to Canopus Tracker No. 1 On

Power to Canopus Tracker No. 1 Off

Power to Canopus Tracker No. 2 On

Power to Canopus Tracker No. 2 Off

Thrust Vector Control Power On

Thrust Vector Control Power Off

Inhibit Solar Occultation Capsule Power Off

Enable Solar Occultation Capsule Power Off

Spare

Spare

15
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6.4 High-Gain Antenna Articulation/Actuation Subsystem.

6.5

Command Source

Primary Backup

CS057 CD722

CS058 CD723

CS059 CD724

CS060 CD725

CS061 CD726

CS062 CD727

CS063 CD728

CS064 CD729

CS065 CD730

CS066 CD731

CS067 CD732

CS068 CD733

Propulsion Subsystem

Command Source

Primary Backup

CS069 CD734

CS070 CS071

CD735

CD736

CD737

CD738

CD739

CD740

CS072 CD741

CS073 CD742

CD743

Command

Rotate 1/4 ° A axis (+)

Rotate 1/4 ° A axis (-)

Slew (+) A axis

Slew (-) A axis

Rotate 1/4 ° B axis (+)

Rotate 1/4 ° B axis (-)

Slew (+) B axis

Slew (-) B axis

Stop Slew

HG Ant Gimbal Locks On

HG Ant Gimbal Locks Off

Spare

Command

Open Quad. Sol. Valves (4)

Close Quad. Sol. Valves (4)

Open Quad. Sol. Valves 1 and 3

Open Quad. Sol. Valves 2 and 4

Close Quad. SO1. Valves 1 and 3

Close Quad. Sol. Valves 2 and 4

Arm Retroengine (Safe and Arm)

Inhibit Retroengine Burn (S&A)

Close Retroengine Injectors

Spare

Spare

16
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6.6 Telemetry Subsystem.

Command Source

Primary Backup

CS074 CD744

CS075 CD745

CS076 CD746

CS077 CD747

CS078 CD748

C S079 C D749

CS080 CD750

CS081 CD751

CD752

CD753

CD754

CD755

CS082 CD756

6.7 Data Storage Subsystem.

Command Source

Primary Backup

CS083 CD757

CD758

CD759

CD760

CD761

CD762

CD763

Command

Switch

Switch

Switch

Switch

Switch

Switch

to Data Mode 1A

to Data Mode 1B

to Data Mode 2

to Data Mode 3A

to Data Mode 3B

to Data Mode 4

Switch to Data Mode 5

Toggle High Data Rate

Toggle Low Data Rate

Phaser Bypass

Toggle Real Time Channel Activity

Toggle Stored Data Channel Activity

Spare

Command

End Recorder Launch Mode

PSC Function Switch Toggle

Advance MTR Input Switch

Advance MTR Address

Reset Playback Control

Playback Start

Spare

17



6.8

6.9

18

Radio Subsystem

Command Source

Primary Backup

CS084

CS085

CS086

CD764

CD765

CD766

CD767

CD768

CD769

CD770

CD771

CD772

CD773

CD774

CD775

CD776

CS087

CD778

CD777

CD781

Relay Radio Subsystem

Command Source

Primary Backup

CS088 CD782

CS089 CD783

VC220FD112

Command

Switch to Launch Radio Mode

Switch to Cruise Radio Mode

Switch to Maneuver Radio Mode

Exciter No. I On/Off

Exciter No. 2 On/Off

Exciter No. 3 On/Off

Power Amplifier No. 1 On/Off

Power Amplifier No. 2 On/Off

Power Amplifier No. 3 On/Off

Receiver No. 1 On/Off

Receiver No. 2 On/Off

Receiver No. 3 On/Off

Antenna Transfer Switch No. 1 Norm/

Reverse

Antenna Transfer Switch No. 2 Norm/

Reverse

Backup Antenna Switch No. 3 Norm/

Backup

Ranging On/Off

Spare

Spare

Spare

Command

Low-Rate Recorder On/Off

High-Rate Recorder On/Off
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6.10

Command Source

Primary Backup

CS090 CD784

CD785

CS091 CD786

CS092 CD787

Flight Capsule.

Command Source

Primary Backup

CS093 CD788

CS094 CD789

CS095 CD790

CS096 CD791

CD792

CD793

CS097 CD794

CS100 CD797

C $900

CS902

C D923

CD925

6.11

Primary

CD906

CD907

Computer and Sequencer Subsystem.

Command Source

Backup

Command

Enable Relay Recorder Readout

Disable Relay Recorder Readout

Spare

Spare

Command

End Capsule Launch Mode

Start Capsule Checkout

Switch to Internal Power

Initiate Capsule Separation Sequence

Enable Capsule Separation

Disable Capsule Separation

Spare

Spare

Spare

Spare

Spare

Spare

Command

Gimbal Angle A Slope

Gimbal Angle B Slope

19
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Command Source

Primary Backup

CD908

CD909

CD910

CD911

CD912

CD913

CD914 ___

CD915

CD916

CD917

CD918

CD919

CD920

CD921

CD798

CD799

CDS00

CDS01

CD802

CD803

CD804 ____

CD805

CD806

CD807

CD808

C D809 ___

CD810 ____

CD811

CD812

Command

Gimbal Angle C Slope

Gimbal Angle D Slope

Modify or Scan Word in Memory Sequence

TTG 1 Update

TTG 2 Update

TTG 3 Update

TTG 4 Update

TTG 5 Update

TTG 6 Update

TTG 7 Update

TTG 8 Update

6V Register Update

PSP Turn On Threshold

PSP Turn Off Threshold

Pitch Turn (+)

Pitch Turn (-)

Yaw Turn (+)

Yaw Turn (-)

Roll Turn (+)

Roll Turn (-)

Update Master Sequence

Start Special Sequence 1

Start Special Sequence 2

Start Special Sequence 3

Start Special Sequence 4

Start Master Sequence

Set Time Base to 1 Second

Set Time Base to 1 Minute

Set Time Base to 1 hour

2O
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CommandSource

Primary Backup

CD813

CS101 CD814

CS102 CD815

CD816

CD819

6.12 Science and Data Automation Subsystem

Command Source

Primary Backup

CS103 CD820

CS104 CD820

C $105 C D820

CS106 CD820

CS107 CD820

CS108 CD820

CS109 CD820

CSll0 CD820

CSlll CD820

CSl12 CD820

CSI13 CD820

CSl14 CD820

CSl15 CD820

CSl16

CSl17

CSi18

CSlI9 CD820

CD821

CD822

Command

Spare

Inh_it Earth Occultation Data Mode Switch

Enable Earth Occultation Data Mode Switch

Spare

Spare

Command

Cruise Science On/Off

PSP Control On/Off

Orbit Science On/Off

PSP Science On/Off

Infrared Scanner On/Off

Black and White TV On/Off

IR Spectrometer On/Off

Color TV On/Off

UV Spectrometer On/Off

Bistatic Radar On/Off

Update PSP Gimbal C

Update PSP Gimbal D

PSP Gimbal E Control On

Planet Limb Crossing

Morning Terminator Crossing

Evening Terminator Crossing

Inhibit PSP Gimbal E Motion

Spare

Spare

21
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Command Source

Primary Backup

CD922

C $903

CS905

Spare

Spare

Spare

Command

22
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LAYOUT AND CONFIGURATION

1.0 SCOPE. This document describes the layout and configuration of the 1971 spacecraft.

A detailed description of the vehicle is given, and structural references and alignments are

discussed. In addition, the packaging of the electronic bays is illustrated.

2.0 APPLICABLE DOCUMENTS

The following documents directly apply to the layout and configuration of the 1971 spacecraft:

VC220SR101 - Design Characteristics
and Restraints

VC238 FD101 - Propulsion System Selection

3.0 SPACECRAFT DESCRIPTION

3.1 Configuration Elements. This section describes briefly the major configuration elements

and their mounting locations on the VOYAGER Flight Spacecraft. Figure 3-1 is a detailed

layout and configuration drawing showing the location of major subsystem elements and the

overall geometry. The following discussion refers to this drawing when locations and views

are mentioned. For more detail concerning geometry and dimensions, see the VOYAGER

Spacecraft Basic Gemoetry drawing in VC220SR101. The rationale for £he preferred config-

uration is also discussed in Section 4.0 of this document.

The 1971 VOYAGER Flight Capsule has been defined as a 12-foot diameter, 60-degree sphere

cone. It is mounted forward of the Flight Spacecraft on its adapter which interfaces with the

Flight Spacecraft at the 120-inch diameter field joint at station 101.25. The capsule weighs

3000 pounds including sterilization canister, and is shown with a center of gravity at station

169.25. The Flight Spacecraft meets the performance requirements of the given geometric

envelope and weight allocation of 17500 pounds, and houses the equipment which obtains and

transmits to earth the scientific data required from the VOYAGER Mission.

The Flight Spacecraft is composed basically of the following subsystems:

a. Telecommunications - Consists of the Radio, Command, Telemetry, and Data

Storage subsystems.

b. Guidance and Control - Consists of Attitude Control, Cold Gas Jets and Autopilot.

c. Power - Consists of an electrical generation and distribution subsystem.

d. Computer and Sequencer - Consists of the necessary command processing and

storage devices, and sensors needed to provide attitude verification and orbit

sequencing.

e. Propulsion - Consists of a Midcourse Correction and Orbit Adjust (MC/OA) Subsys-

tem and a Retro-propulsion (RPS) Subsystem.

f. Engineering Mechanics - Consists of the vehicle structure, Thermal Control, elec-

tronic packaging and harnessing, separation and deployment subsystems, and High

Gain Antenna articulation subsystem.
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3.1.1 Telecommunications Subsystem. The Major elements of the Telecommunications Sub-

system are the antennas and the associated electronics. These items are briefly discussed

in the following paragraphs.

3.1.1.1 Antennas

a. High Gain Antenna - A 90-inch diameter wire-mesh antenna made of aluminum wire

with a magnesium supporting frame structure. It is stowed as shown in Figure 3-1

and is deployed to its operating position. An IR sensor is mounted to, and bore-

sighted with this antenna to provide earth occultation signals to the Computer and

Sequencer.

b. Medium Gain Antenna - A Mariner C type elliptical parabolic dish antenna approxi-

mately 21 x 46 inches in size. It is mounted below blank panel 14 to provide an
unobstructed field of view.

Co Primary Low Gain Antenna - Used to provide communication capability during launch

and for command throughout the mission. It is oriented with the beam center 25

degrees off the Z axis and is located in the vicinity of the -X axis at the outer edge

of the solar array.

d. Secondary Low Gain Antenna - Used to provide communications capability during

maneuvers and is located and deployed in the vicinity of the +X axis at the outer

edge of the solar array.

e. VHF Relay Antenna - Used to relay data from the Flight Capsule during its entry

and impact. It is located on the +X axis.

3.1.1.2 Associated Electronics. The Telecommunications Subsystem electronic components

are located in Bays 7, 8, 9, 10, 11, 12 and 13. The high gain antenna coaxial cable runs along

a spacecraft support tube and enters the spacecraft lower bus structure at approximately
station 50.0.

3.1.2 Guidance and Control. The Guidance and Control Subsystem consists of position sensors

(sun sensors and Canopus star sensors), a gyro package, associated electronics, and a cold

gas mass expulsion system with nozzles, associated plumbing, and valving.

3.1.2.1 Position Sensors. The position sensors are located in various positions on the space-

craft such as to satisfy their field of view requirements. These sensors are aligned with rel-

atively close tolerances to the reference planes, and the individual sensors and their locations
are enumerated as follows:

a. The sun gate sensor and cruise sun sensors are housed in a unit located on the aft

micrometeoroid shield under Bay 15.

b. The secondary acquisition sun sensors and solar aspect sensors are in four units.

These units are located near the outer edge of the solar array on the X and Y axes;

the sensors are mounted to provide 4 _ steradians unobstructed field of view.
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C. The two Canopus star sensors are mounted with their optical axes parallel to the

Y-axis and pointing in opposite directions. They are located at station 97.5 on the

upper bus module structure with the lens and sensor outside the shell and associated

electronics contained within the controlled environment area.

3.1.2.2 Integrating Gyro Package. The gyro package is located in Bay 15 and is mounted on
an aligned, machined surface.

3.1.2.3 Attitude Control Pneumatics System. Two cold gas tanks (16-inch diameter spheres)

containing pressurized gaseous nitrogen are oppositely mounted in Quadrants 1I and IV at a

radial distance of 50.6 inches from the vehicle centerline. Pneumatic lines are run from the

tanks to the nozzle-valve assemblies, and the entire system is provided with wire heating

elements and super-insulation as required for thermal control of the nitrogen.

The 24 nozzles (eight each for pitch, yaw, and roll control, respectively) are located on the

outer edge of the solar arrays at the -_X and _-Y axis locations. They are oriented with op-

posing nozzles per control axis at each specific mounting location (yaw and roll control noz-

zles at the 4-X axis locations, pitch and roll nozzles located along the _-Y axis).

3.1.3 Power. The electrical power generation system is a photovoltaie system utilizing sili-

con cells mounted on 15 panels which are essentially trapezoidal in shape. The panels are

rigidly mounted on 16 support ribs extending radially from the spacecraft structure. The

panel surface is located at approximately spacecraft station 0.75.

3.1.4 Computer and Sequencer. The computer and Sequencer Subsystem consists of the

required command processing and storage devices and timers which initiate various space-

craft functions. The required electronic equipment is located in Bay No. 14.

3.1.5 Propulsion Subsystem. The Propulsion Subsystem consists of the Retro-Propulsion

System and the Midcourse Correction and Orbit Adjust System. The Retro-Propulsion System

consists of a modified Minuteman solid fuel engine mounted with its thrust axis along the

spacecraft Z axis; thrust vector control is provided by injection of liquid fuel contained in
a torus tank surrounding the nozzle throat.

The Midcourse Correction and Orbit Adjust System provides small vernier corrections to the

transit trajectory as well as Mars orbit adjustments. This system consists of four mono-

propellant thrust chambers located on the X and Y axes at stations 29.60 and 42.75 radius

with their thrust vectors parallel to the spacecraft Z axis. Thrust vector control is by nozzle
vanes.

The engines mount directly to the underside of each of the four cylindrical fuel tanks. Two

pressurized helium spheres of 20-inch diameter are used for propellant transfer and are

mounted between the fuel tanks. The complete system with associated valves, regulators,
plumbing, etc. is mounted on its own modular structure.

3.1.6 Engineering Mechanics. The Engineering Mechanics Subsystem provides basic support

and protection for all other spacecraft subsystems. It, in turn, includes the Thermal Control,
Separation and Deployment, and Vehicle Structure subsystems.



VC220FD113

3.1.6.1 Thermal Control. Thermal control of the spacecraft bus is provided by louvers on

the equipment modules and a super-insulation blanket which surrounds the entire bus surface

with the exception of the thermal louvers on the equipment bays.

3.1.6.2 Separations and Deployments. Table 3-1 summarizes the pertinent details of the

Pyrotechnic Subsystem as well as other deployment devices. The controller for the pyro-

technic devices is located in Bay 16.

TABLE 3-1. SEPARATION AND

DEPLOYMENT SUMMARY

"I'ypt, of

Comp<mcnt Mechanism

l_,ooster - Spacecr aft S*,par ation

Adapl_r

High Gain Unl¢_:king a]_]

Antemla I" _ployment

,'_,c o_la r V U nl_king and

l_w Gain Dcp]ovment

Antenna

Magnetometer Unlockin_ and

Deployment

l_]anet Svan Unlo('kint_ and

l)latfol'm D_ployment

Capsule

Sterile (:artiste, ¸

Capsule ejection

Emergency Separation

Separation

No. of

S*.ries

Items

l

I

1

Type of

[nitiator

Squib

Squib

Squib

Squib

Squib

A('tuator

Pneumatically Actuated

Thruster-Release

Pin-puller and motor

Pin-puller and

Spring-damper

l)in-pullel • and

Spr ing-damper

4 Pin-pullers and

i linear actuator

C:tpsule Manu(acturer Responsibility

1 l One separation nut

J per bolt pneumatically

actuatc_

3.1.6.3 Spacecraft Structure. The space-

craft configuration with the basic arrange-

ment of equipment is shown in Figure

3-1. The spacecraft bus structure pro-

vides for the overall mounting of equip-

ment as well as serving as the load

carrying media between the capsule and the
launch vehicle shroud. The bus structural

arrangement has been designed as two sep-

arate module sections; (1) an upper bus

module, station 49.25 to 101.25, and (2) a

lower bus module extending from station

0.00 to 49.25. The modules are joined at

the production break at station 49.25 which

consists of thirty-two tension bolts designed

to carry axial and shear loads across the

joint.

The upper bus module primarily contains the equipment bays, divided into sixteen modular

packages. In addition, the module serves as the primary mounting support for the forward
thrust cone adapter to the modified Minuteman engine. The structure is designed as a sixteen-

sided polygon in the equipment support bays consisting of longerons and shear carrying skin

sections. The longerons serve to transmit axial loads through the section and also provide

mounting support for the equipment modules. The equipment modules are designed integrally

with the structure to carry primary shear loads through thermal radiating cover plates which

provide for heat dissipation and thermal control of the components. Thirty-two structural

load carrying doors are provided adjacent to the equipment bays for ready access to the main

system harness and connectors.

The lower bus module serves as the mounting structure for the fixed solar array, medium

and high gain antennas, relay antenna, and the planet scan platform. The module also

shrouds and houses the midcourse propulsion system, and the gas jet system together with
associated equipment.

The lower module structure is designed into two separate submodule sections for ease of

assembly and installation of equipment. The lower portion contains the solar array and

antenna supports and provides integral mounting structure for the Attitude Control system.

This arrangement permits modular removal of the attitude control subsystem without dis-

assembly of interconnecting plumbing joints and fittings. The upper portion of the module

(MC/OA submodule) provides mounting and modular installation of the midcourse propulsion
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system which may be benchassembled as a separate unit. The submodular sections are
joined at the production joint at station 19.25.

The lower bus module structure is constructed as a cylindrical sheet-stringer stiffened ar-
rangement. Primary shear is transferred through beadedshear panels and then, in turn,
through the solar array honeycombpanels to the bus adapter section. Sixteen tubular support
members provide axial load continuity for the lower bus modulebetweenthe production break
at station 49.25 and the adapter interface connection at station 0.00.

4.0 PACKAGING OF ELECTRONIC BAYS. The electronic equipment is packaged in sixteen

bays of the equipment module. This equipment is assembled into a unifying structure to pro-

vide load and thermal paths which can be integrated with the vehicle structure. When bolted

into the vehicle, the electronic assembly provides rigid support for the electronic equipment

and externally mounted items as well as protection against environmental factors.

The assemblies are of standardized size and shape. To be consistent with system require-

ments, functional subsystems are arranged in one or more bays to enhance spacecraft relia-

bility by increasing ease of fabrication, testing, and configuration management. Sharing of a

bay by two or more functional subsystems is avoided where possible.

The equipment allocations for the various bays are shown in Figure 4-1. The location of the

bays with respect to the vehicle axes is shown in Figure 3-1. Each electronic bay assembly

has approximately 15% spare subassembly volume to accommodate growth during develop-

ment. Relocation of the equipment can accumulate the available spare volume to provide an

empty bay if required. This can be accomplished without combining separate subsystems

into one bay.

The allocation of the equipment in the bays was done in a manner to provide center-of-gravity

location and thermal balance as well as the additional following criteria:

a. Radio Subsystem located next to antennas.

b. Science package next to planet scan platform.

c. Proximity of Data Encoder and Storage to Science DAE and Radio subsystem.

5.0 SPACECRAFT COORDINATE SYSTEM. (Refer to Figure 5-1, the Planetary Vehicle

and Booster Coordinate System for the following discussion.) The coordinate system consists

of three mutually perpendicular reference axes; the pitch (X), yaw (Y), and roll (Z) axes which

form a conventional Cartesian coordinate system. The roll axis is defined normal to the

primary reference plane (A) (defined below) with +Z FWD, bisecting reference plane (B) (de-

fined below) as it passes through the center of the equipment module structure. The yaw axis

is defined coincident to the secondary reference plane (B) and parallel to the primary refer-

ence plane (A), bisecting bays 12 and 13 in the -Y and bays 4 and 5 in the +Y direction. The

pitch axis is defined as being normal to the yaw (Y) axis forming a conventional right-hand

system. The +X direction bisects Bays 1 and 16. Positive pitch, yaw, and roll angles and

moments are defined as clockwise when looking from the origin along the positive reference

axis. This is a conventional right-hand coordinate system in all respects.
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Bay No. Assembly Function

1/3 POWER SUBSYSTEM - Battery No. 1;

Charge Regulator No. 1; Main Buck

Regulator No. 1; 2.4 Kc Inverter

No. 2, 3 _ No. 1

1/3 POWER SUBSYSTEM - Battery No. 2,

2 Charge Regulator No. 2; Main Buck
Regulator No. 2; 2.4 Kc Inverter No. 1;

3 _ Inverter No. 2

3 SCIENCE ELECTRONICS

4 SPARE

5 SCIENCE ELECTRONICS

6 SCIENCE DAE

1/2 DATA STORAGE SUBSYSTEM 3 ea.

7 Tape Recorders, 3 ea. CLM, 1 ea. PBS

1/2 DATA STORAGE SUBSYSTEM 3 ea.

8 Tape Recorders, 3 ea. CLM, 1 ea. PBS;

1 ea. Power Supply

9 RADIO SUBSYSTEM

COMMAND SUBSYSTEM Command Detector_

10 Command Decoders, Command Access

Switch, Power Supply

1/2 RADIO SUBSYSTEM Transponders

11 No. 2 and 3

1/2 RADIO SUBSYSTEM 2 ea. TWT's, 1 ea.

12 Solid State Exciter, 1 ea. Diplexer

Assembly, 1 ea. Transponder

13

14

15

16

RE LAY RADIO SUBSYSTEM

COMPUTER AND SEQUENCER SUBSYSTEM

GUIDANCE AND CONTROL SUBSYSTEM

Integrating Gyro & Accelerometer Poackage,

A/C Electric, Auto Pilot Electr.

1/3 POWER SUBSYSTEM--- B---_TERY No. 3,

Charge Regulator, PS&L, Pyro Controller,

Synchronizer, Charge Control

Total

*Weight estimate based on PIR 5200-JHC-008

Weight does not include harness trays, cablir

**Power estimates based on PIR 5200-JHC-008

represents worst case.

Figure 4-1. Equipment Allocation

for Sixteen-Sided Configuration

/



_ight* (Est)

(Ib)

74

Power**

(Est)*

(Watts)

78.5

No. of System

Connections

8-10

Volumetric Efficiency

%

6O

74 17.3 8-10 60

45 33

45 33

55 30 8

55.5 18 4 92

60.5 12.2 4 92

18 8.2 15-16 28

30 20.2 12 48

26.6 15 4

43.3 110 4

25 10 4

35 30 13

28.4 65.8 13

68.5

683.8

10

112

27.3

508.3

re later inputs from Subsystem Engineers.

,_and other hardware.

PIR 4428-07 Rev. C and VB236FD101 and

45

79

44

52

50

79

60 Aug.
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The primary reference plane (A) is defined as the planetary vehicle adapter separation plane.

The secondary reference plane (B) is the imaginary plane generated by the yaw (Y) axis (fixed

by the nominal intersection of the bays 4 and 5, and bays 12 and 13) and a perpendicular from

the yaw (Y) axis to the primary reference plane (A). The allowable alignment tolerances

between the primary (A) and secondary (B) reference planes are defined in Section 7.0 of this

document, and a general location of the reference plans are shown in Figure 3-1.

VOYAGER Station 0.00 is defined as the Flight Spacecraft Separation Plane, and is the pri-

mary reference plane (A}. Positive station numbers run up the Spacecraft in the +Z direction.

6.0 MASS PROPERTIES. Table 6-1 presents weight, center of gravity, moments and prod-

ucts of inertia information at specific times in the mission. This information is presented

with the center-of-gravity of the capsule assumed on the spacecraft roll axis for two condi-

tions, the aft and forward positions of the capsule allowable envelope. A third condition with

a three-inch offset of the capsule center-of-gravity in the forward position of the envelope
is also given.

TABLE 6-1. MASS PROPERTIES

Flight Sequence Case Weight
Description No. (Ib)

Launch - (on pad)
1 17289 67. 12

1-Pla._etar y Vehicle

Transit Antenna

Deployed 2 17176 67.49

After Midcour ec
3 15780 71.03

Correction

After Rstro Burn

(Orbiting) 4 7322 91.41

PSI> Deployed 5 7322 90.91

After Capsule 8 4572 42.47
Sepsxation

After Orbit Adjust 7 4266 43.52

Launch - (on pad)
1 17289

1 - Planetary Vehicle

Transit Antenna
2 17176

Deployed

After Mideour se
3 15780

Correction

After Retro Burn
4 7322

(Orbiting)

PSP Deployed 5 7322

After Capsule 6 4572
Separation

After Orbit Adjust 7 4268

Launch - (on pad)
1 17289

1- Planetary Vehicle

Transit Antenna
2 17176

Deployed

After Midcour se
3 15780

Correction

After Retro Burn
4 7322

(Orbiting)

PSP Deployed 5 7322

After Capsule 8 4572
Separation

After Orbit Adjust 7 4266

76.50

76.93

81.31

113.52

113.02

42.47

43.52

Forward CG

78.50

70.93

81.31

113.52

113.02

42.47

43.52

Aft CG on 3000-1b Capsule

Y loz Io_ Ioy Wzx Wz y Wxy

0.41 0.23 8187 14747 14497 - 22.5 - 15.9 30.7

O. 23 O. 05 8179 14720 14314 12.6 61.2 80.3

O. 25 0.06 7577 13831 13425 9.6 80.5 80.3

0.54 0.12 6997 11542 11136 - 7.7 56.5 80.2

I. 17 I.66 7626 12203 11348 -120.0 -217.4 300.8

1.83 2.61 3970 3634 2781 - 30.8 - 90.0 299.1

1.96 2.79 3841 3554 2701 - 32.5 - 92.8 298.7

Forward CG on 30O0-]b Capsule

0.41 0.23 8187 23362 23109 - 36.8 - 23.8 30.7

0.23 0.05 8179 23307 22901 4.8 59.3 80.3

0.25 0.06 7577 22141 21735 0.9 58.5 80. 3

O. 54 O. 12 699l 18013 17607 - 26.4 52.2 80.2

1,17 1.66 7626 18709 17855 -160.9 -275.6 300.8

I, 83 2.61 3970 3634 2781 - 30.6 - 90.0 299. I

1.96 2.79 3841 3554 2701 - 32.5 - 92.8 298.7

on 3000-1b Capsule with 3-inch Offset

0.41 0.75

0.23 0.58

0.25 0.83

0.54 1.35

I. 17 2.90

1.83 2.81

1.96 2.79

Center of Gravity in Inches

from Ref.

8191 23366 23109

8184 23312 22901

7581 22146 21735

70OO 18016 17607

7623 18706 17855

3970 3634 2781

3841 3554 2701

Inertia abot._ the Center of

Gravity (Slug f12)

- 36.8 258.9 29.9

4.6 341.2 79.9

0.9 331.8 79.8

- 26.4 262.9 79.2

-160.9 - 63.9 298.5

- 30.6 - 90.0 299.1

- 32.5 - 92.8 298.7

Pr_luct_Izmrt/aehoutthe

Canter ofGrav_y (81uglq 2)
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Table 6-2 presents the uncertainty in the spacecraft center-of-gravity determination. The

uncertainty is provided as an arithmetic sum of error contributions and as a root sum square

total. Uncertainties in distance from the Z axis are totaled separately as coordinate-

independent contributions. The antenna and scan package movements are considered variables

and summed by coordinate and are presented as coordinate-dependent contributions.

Coordinate-dependent and coordinate-independent contributions are combined to show total

center-of-gravity uncertainty.

TABLE 6-2. UNCERTAINTY SUMMATIONS

Sources of CG Radius or After Booster Before Cannister

_ Error Weight or Weight Tolerance Radius Separation Sepaxation

Cao_inate _, Per I_la_e Tolerance (Spacecraft (Spacecraft

Independent _ (In.) = 17000 lb) : 15300 Ib)

l)hase 1 2 3 4 5 Pha_e t Phase 2

p p2 x 0 -4 ¢ln__I in} [in._} ,inD} p2 x 0 -4

2900 2900 2900 2900 O. 0085 O. 72 O. 0095 O. 90

CG Measurement _rors

IDry Spacecra/t Minus (ibs) 2900 i 0.05

Before Orbit

Insertion

(Spacecraft

15100 Ib)

Phase 3

O p2 X 10 .4
ltn. I lin,21

0. 0096 0.92

Solid Motor (lhs)

Capsule (lba) 3000 3000 2800 _800 ± 0.05 0. 0088 0.77 0. 0098 0.9( 0. 0099 0.99

Solid Motor 0gin) 9500 9500 9500 1300 1300 i 0.03 0. 0168 2.82 0. 0186 3.46 0. 0189 3.57

Assembly Location Errors

Capsule (lbs) 3000 3000 2800 2800 ±0.10 0. 0176 3.10 0. 0196 3.84 0. 0185 3.42

Platter Scanner (lha) 150 150 150 150 150 m0.10 0. 0009 0.01 0. 001 0.01 0. 001 0.01

SelidMoter (|ha) 9500 9500 9500 1300 1300 i0.10 0.0557 31.0 0.062 38.50 0.0628 39.40

MCSPvopellsmtErrora

After Orbit

Insertion

(Spacecraft

6700 lb)

Phase 4

p p2 x_0-4
Ikn.) lin "_

0. 0216 4.66

0. 0224 5.01

0. 0425 18.10

After Capsule

Release

(Spacecraft

39001b)

Pha_e 5

,21
0,0371 13.75

0,075 56.3

0.0410 17.50

0.0022 0.48 0.004 0.16

0.0194 3.76 0.033 11.22

Unequal Filling(%) _2.13 _2.13 =e2.13 i2.13 _2.13 42 0.0052 0.27 0.006 0.36 0.006 0.36 0 013 1.69 0,023 5.3

Unequal Usage(%) 0.38 0. 38 0.38 0.38 0.38 42 0.0009 0.0I 0. 001 0.01 0. 001 0.01 l0 0024 5.76 0,004 0. 16

Subtotals 0.1144 38.71 0.1275 4804 0.1277 48.67 [0.1653 56.96 0.176 87.89

Coordinate- Depend ent

Antemm Rotation 50 Pounds All Phrase8

-X Coatr ilmtion 0. 0496 24.6 0. 055 30.2 0. 056

+y Cotl_-itmtloa 0. 0066 0.4 0. 007 0.5 0. 007

+X Coatr ibutlon O. 0377 13.7 O. 043 18.5 O. 042

Planet Scs_ner Movement 150 Pounds All Phases

-X Cont_cibuti_

+X ConlxlhUti_n

I _y Conwibutlon

Coordinate S_ms Extreme

Uncertainty

-X

+X

+Y

-y

31.4 0.126 159.0 0.217 470.0

0.5 0.017 2.9 0.029 8.4

17.06 0.096 92.0 0.165 272.0

-X 0.084 70.5 10.144 207

÷X O. g60 3140 0.962 9800

-Y 0.236 557 0.406 1650

0.164 0.183 0.184 0.375 0.535

0.152 0.171 0.170 0.821 1.303

0.121 0.135 0.135 0.182 0.205

0.114 0.127 0.128 0.401 0.582

0.079 0.088 0.090 0.169 0. Z88

0.672 O. 082 0.095 O. 573 1.01

0.063 0.070 0.070 0.074 0.127

0.0_2 0. 069 0. 070 0.248 0.425

Total RSS Uncertainty

-X

+X

+Y

-y

7.0 ALIGNMENT ACCURACY. Table 7-1 defines the mechanical alignments and alignment

tolerances deemed necessary for successfully meeting the various mission phase accuracy

requirements. All alignment tolerances specified in Table 7-1 are three sigma (normal

distribution) unless otherwise specified. In most cases, the effects of structural and thermal

deformations have not been included; in the mission phases where these and other factors

are of significance, adequate safety margins are included as a conservative measure.

12
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TE LE COMMUNICATIONS SUBSYSTE M

1.0 SCOPE. This document describes the 1971 Voyager Flight Spacecraft Telecommunica-

tion system. The requirements placed on the subsystems, the operation during a typical

mission, and the performance parameters are given. Complete graphs of the telemetry,

tracking and command performance are included.

2.0 APPLICABLE DOCUMENTS. The following documents contain information which applies

to the Telecommunication System:

JPL Documents

EPD-283

MC4-310A

Planned Capabilities of the DSN for Voyager

Functional Specification, Mariner C Flight Equipment,

Telecommunic ation System

"Contractor Performance Measures of the Telecommunication

System," letter from A. Gluckson, 17 May 1965

GE Documents

VC211SR101

VC220SR101

VC220FD112

VC220FD113

VB233AA101

Mission Objectives and Design Criteria

Design Characteristics and Restraints

Flight Sequence

Layout and Configuration

Telecommunication Trade-Off Studies

3.0 FUNCTIONAL DESCRIPTION. The 1971 Voyager Telecommunication System represents

a logical extension of the techniques and equipment designs developed and demonstrated by

JPL on the Ranger and Mariner programs. The increased size of the Voyager spacecraft

has permitted significant increase in storage capacity and in reliability through equipment

redundancy. The increased size of Voyager, coupled with the increased capability of the

DSIF, permits a large increase in transmission capability. _A_,,_,,_...... ,T,_,_use ,_ev..........._nt_gr,tad cir-

cuits for digital functions has reduced the weight of many elements of the Voyager Telecom-

munication System, compared with their counterparts in the Mariner System.

The Telecommunication System described in this document is the result of many tradeoff

studies and the use of engineering judgment based on past experiences. A ground rule was to

keep the system conceptually simple and based on proven techniques wherever possible. A

50-watt power amplifier was selected as a reasonable step forward in the area of power

amplifiers. A 7.5-foot diameter parabolic antenna was selected as the best compromise from

weight, simplicity, and reliability considerations. A strong program on optimum redundancy
was undertaken to maximize reliability versus weight.

In the following pages, a telecommunication system is described which is the result of the

considerations indicated above, as well as many others which are documented in the tradeoff
studies.
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3.1 Communication Requirements. The Spacecraft Telecommunication System must per-

form the following general functions:

a. Telemeter spacecraft and capsule engineering data throughout the mission. Tele-

meter data from interplanetary science instruments throughout the mission, and

data from planet scan instruments during the orbital phase. Provide a relay an-

tenna, and transmit capsule engineering and science data that was stored during

capsule de-orbit and entry phases up through capsule impact.

b. Receive commands from the stations of the DSIF, and decode and provide switch en-

closures or quantitative data to the spacecraft and capsule subsystems.

c. Provide for range rate, range and angular tracking of the spacecraft by the DSIF

stations.

The above general requirements are expanded by mission phase to delineate the requirements

imposed on the system by the mission operations in the following section.

3.1.1 Launch Phase. Two phases of the launch phase are considered: pre-launch and launch

through injection.

ao

b.

Pre-launch. In the 45 to 60 days before launch, all operational modes must be

checked out. The telecommunications subsystems will be checked by use of the

umbilical and by radio link.

Launch Through Injection. From launch to separation of each spacecraft from the

booster, radio communications must be accomplished through parasitic antennas on

the shroud. The DSIF stations No. 71 at KSC and No. 72 at Ascension may view the

spacecraft during ascent to parking orbit. Depending on the length of the parking

orbit (< 90 minutes) communications with the other stations of the DSN may be pos-

sible for brief periods. Communications are required for the transmission of engi-

neering data from the spacecraft and capsule. Command for back-up to on-board

commands, and range rate and range tracking are also required. Telemetry data

will also be relayed via the launch vehicle. The transmitted telemetry spectrum will

be compatible with DSN automatic acquisition.

3.1.2 Acquisition Phase. Depending on the duration of the parking orbit, the spacecraft may

be in view of Johannesburg, Woomera or possibly the Goldstone station during injection and

acquisition of celestial attitude references. During the acquisition period, and subsequently

during cruise in the heliocentric transfer trajectory, the spacecraft will come into view of all
the DSIF stations.

During acquisition, the spacecraft may initially tumble at rates up to 3 degrees per second.

After the tumbling rates are damped and the spacecraft becomes stabilized to the Sun, the

spacecraft will roll to calibrate science instruments and then to acquire Canopus. In order

to provide communications prior to Canopus lock, the antenna must provide coverage at cone

angles up to at least 100 degrees for all roll positions. The high gain antenna will be used to

verify Canopus acquisition.
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Telemetry, commandand tracking requirements are the same as during launch, except that
spacecraft interplanetary science data must be transmitted. The required transmission capa-
bility is 2.5 x 106bits per day. The goal is 5 x 106bits per day (an average of 58bps).

3.1.3 Interplanetary Cruise (Before First Maneuver). The spacecraft will be fully stabilized.

Coverage by the DSIF stations will be continuous. The spacecraft interplanetary science in-

struments will store up to 106 bits of data during a solar flare. The telemetry subsystem will

transmit this data at a high rate. The command subsystem must accept quantitative com-

mands that specify the turns and velocity magnitude that the spacecraft must accomplish for
trajectory corrections.

3.1.4 Interplanetary Trajectory Correction. The first trajectory correction occurs 2 to 10

days after launch. It is assumed that the spacecraft may assume any attitude during the

maneuver. During the turns to and from the stabilized motor burn attitude, continuous com-

munication is not required. After achieving the motor burn attitude, telemetry is required to

verify that the correct attitude has been achieved. Command is required so that the burn may

be inhibited if the proper attitude was not reached. Storage of science and engineering data

is required while the spacecraft is not in the normal cruise attitude. Tracking is not required.

Later trajectory corrections have the same requirements.

3.1.5 Interplanetary Cruise. After a maneuver, the stored data will be dumped at a high

rate. All other requirements are the same as the first cruise phase.

3.1.6 Mars Orbit Insertion. The requirements are the same as for earlier maneuvers.

3.1.7 Orbital Operations.

After two orbits, high rate planet scan data is stored. Data is collected at rates up to 50,000
bps. The required storage capacity is 5 x 107 bits; the goal is 5 x 108 bits. After a recorder

is full or the DAE indicates no more data to be stored, transmission of the stored data may

begin. In addition to the planet scan science data, spacecraft engineering data and science
instrument housekeeping data shall be transmitted in real time. The maximum transmission

rate shall not exceed 15,000 bps. After the second spacecraft achieves orbit, the rate from

the two spacecraft together shall be less than 15,000 bps. After six months, the data trans-

mission capability shall exceed 5 x 107 bits per day, with a goal of 108 bits per day. During

capsule checkout prior to capsule separation, data shall be transmitted at a rate of 100 bps.

Commands shall be received for orienting the spacecraft to the capsule separation attitude.

Provision shall be made for handling up to six quantitative commands for the capsule as well

as updating capability for up to ten Computer and Sequencer commands for the capsule. Dur-

ing the capsule separation maneuver, communication requirements are the same as for earlier

maneuvers. While the spacecraft remains in the separation attitude, the capsule relay data

will be received via a 400 mc antenna provided. The relay antenna shall provide coverage

such that the antenna gain in db will exceed the factor G, given by:

G (db)= - 5 + 20 log10 (range to capsule in thousands of km)
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After capsule impact andresumption of cruise attitude by the spacecraft, the data stored in
the relay subsystem recorder shall be transmitted to the DSIF stations.

3. i. 8 Mars Orbit Trim. During orbit trim maneuvers, communication requirements are
the same as in earlier maneuvers.

3.2 System Description. The Voyager Telecommunication System is composed of four sub-

sys _ms. These subsystems are: (1) radio, (2) telemetry, (3) data storage and (4) command.

A simplified block diagram of the Telecommunication System is given in Figure 3-1.

3.2.1 Radio Subsystem. The radio subsystem, Figure 3-2, is capable of transmitting at

either three or fifty watts, at S-band. The three-watt power amplifier is employed during

launch and acquisition; the fifty-watt power amplifiers are used throughout the remainder of

the mission. The power amplifiers are driven by the exciter section of the transponders_ in

which the telemetry data and ranging signal phase modulate the carrier. The receiver section

of each transponder demodulates the command or ranging signals transmitted by the DSIF sta-

tions, and provides the coherent carrier reference for the exciters for range rate tracking.

The command subcarrier signal is processed in the command subsystem; the turn-around

ranging signal is filtered and limited in the transponder.

Four S-band antennas are located as shown in Figure 3-3. During launch, the fixed primary

low gain antenna is rf-coupled to the launch vehicle shroud antenna. After separation the

primary low gain antenna provides essentially hemispherical coverage, with the center of the

beam near the sun pointing (-Z) axis. Acceptable gain is achieved at cone angles up to 110

degrees in the direction of earth in the early cruise phases {approximately the -X direction).

The 7.5-foot high-gain parabolic reflector antenna may also be used in the early cruise

phases after the spacecraft is fully stabilized. It is stowed behind the solar panels during

launch, and is deployed after injection. It is steered by commands from the Computer and

Sequencer subsystem so that it can point to Earth throughout the cruise and orbit phases of
the mission.

During maneuvers it is not planned to swing the high gain antenna around, but the capability

could be provided so that the high gain antenna could be used as a back-up means of verifying

the maneuver attitude, or to provide the best possibility of obtaining tracking data during

motor burn, if this should be required. The secondary low gain antenna is deployed on the + X

axis. It provides a toroidal pattern, with the axis of the toroid along the X axis. Its cover-

age is broader than the primary low gain antenna, and it is therefore the preferred antenna

for use during maneuvers.

The fourth S-band antenna is the fixed medium gain antenna of the Mariner C-type which pro-

duces a beam of elliptical cross section. This antenna is provided as a back-up to the high

gain antenna, and for the 1971 mission will support a data rate of 933-1/3 bps for four months
after encounter.

A 400 mc antenna is provided for the relay subsystem. This antenna is mounted on the + X

side of the vehicle as shown in Figure 3-3, and is supported far enough away from the body
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Figure 3-1. Telecommunication System
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Figure 3-2. Radio Subsystem
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+Z

ANTENNA

PRIMARY LOW

GAIN ANTENNA
MEDIUM GAIN

ANTENNA

-Z

TO SUN

RELAY ANTENNA

SECONDARY LOW

GAIN ANTENNA

Figure 3-3. Antenna Locations

so that it may view the capsule during descent through capsule impact, while the spacecraft

maintains the attitude from which the capsule was separated.

3.2.2 Telemetry Subsystem. The Telemetry subsystem has five basic modes of operation

(as given in Table 3-1) in which engineering, capsule, and science data are collected and

processed for storage or transmission. During normal cruise and orbital operations, all

non-stored data is transmitted at 116 2/3 bps on a 268.8 kc subearrier, while all recorded

data is simultaneously transmitted at 3,733 1/3, 7,466 2/3, or 14,933 1/3 bps. During ma-

neuvers and emergencies, engineering data is transmitted at 7 7/24 bps. Stored science and

engineering data is transmitted at 933 1/3 bps and 29 1/6 bps respectively during the orbit

science back-up mode in ease of loss of the high-gain antenna system.

A functional block diagram of the telemetry subsystem is given in Figure 3-4. Analog engi-

neering data is multiplexed mud conditioned, if required, by the commutator. The multi-

plexed m_alog data is encoded into seven bit words by the ADC. The encoded mmlog data is

time-multil)lexed with digital engineering data and presented to the data selector. The data

selector time-multil)lexes the engineering data with the digital capsule and/or real time DAE

data.

The two for mat programmers an(l their associated PNG's provide functional redundancy, mid

provide as \veil a means for effectively running two commutators at the same time. This fea-

ture is useful during maneuvers in which one format must be stored m_d a different one trans-

mitted.
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TABLE 3-1. DATA TRANSMISSIONMODES

Mode Title Description

I A Manuevcr

1B

3A

3B

4

Capsule Separation

Cruise

Orbit

Earth Occultation

Cruise P.ccorde r

fleadout

Capsule Checkout

Transmitted - Maneuver engineering data, including attitude verification cnanncls,

transmitted at 7 7/24 bps.

Stored - Collection rate uf 116 2/3 bps.

5_ 1/3 bps maneuver, motor burn, aml capsule engineering data

58 1/3 bps cruise _cience data.

Transmitted - Ma.nuever engineering and capsule data transmitted at 7 7/24 bps.

3 31/48 bp_ maneuver engineering data

3 31/48 bps capsule status data

Stored: Manuew r engineering dam only, eullected at 116 2/3 bps.

Transmitted - Cruisc/Orbil engineering and cruise _cience data transmitted at

116 2/3 bps.

58 1/3 bps cruise/t_rbit engin'*eering

58 1/3 bps cruise sctencc

Transmitted - Stared data from planet scan, and fields and particles instrument_

is transmitted :it 14,933 1/3; 7,466 2/3; or 3,733 I/3 bps. Engineering data

(58 1/3 bps) and DAE orbit data (58 1/3 bps) transmitted at 316 2/3 bps.

I_lckup rates of 933 I/3 bps togetm,r with 29 1/6 bp._ are also available.

Stored - Planct scan, and fields and particle daua stored on recorders.

As abo_e but all data stored. Science pla.yback is inhibited.

Transmitted - Stored data, either maneuver -r flare data. tranamitted at

3733 1/3 bps.

Cruise/Orbit er_ineerlng anti cruise science data transmitted at 116 2/3 bps

as in Mode 2.

Transmitted - Stored data from planet scan and fields and particles instrum(,nts

is transmitted at 14,933 1/3 or 7,466 2/3 bps. Engineering data (34 7/12 bps)

and Capsule checkout data (102 1/12 bp_) transmitted at 116 2/3 bps.

Science data stored as in normal orbit operations.

DIGITAL OAE DATA

DIGITAL CAPSULE DATA

f / A/D I

IANALOGJ----3------ i ] ]

.........TOR _-. D,G,T,..DUMP.
/ °ATAl-------I ....... II CLO.

FROMALL) I_ I II A/O t' "1TRANSFER
SUBSYSTEMS"I '_ ' t t ' Ic°NvERTER/ q REG,STER

/ IDECK DRIVEl IDECK DRIVE[ I

| I_"'NNEL._ I[C.ANNEL"ID'G'_,_Ec'_DU'_.
• D!G_TAL ENG!NEERtNG DATA - EVENT ",_,.J

_VENTDATA [ COUNTERS

D ATA

SELECTOR

DATA

DATA
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RT DATA TO DATA STORAGE SUBSYSTEM

C:

c

o-

STORED DATA FROM DATA STORAGE SUBSYSTEM
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/ DIGITIZE

IDUMP
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--I_ FREGUENCYI _ "1 pHA_R _ S SAMPLE

II DIVIOER h I'1 .... _ I DIGITIZE

I 1,--,1' 'I,--'t PwoRDSYNC
RATE/ H 4,.ol

FORMAT

PROGRAMMER
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FORMAT

PROGRAMMER

[CHANNEL B)

WORD ADDRESSES

WORD ADDRESSES

SUBCARR_R

MODULATOR

TO EXCITER I

TO EXCITER 2

TO EXCITER 3

Figure 3-4. Telemetry Subsystem
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The format programmer has the basic function of selecting the data source, and determining

the number of words to be clocked out of the data source.

The subcarrier modulator receives two inputs: (1) the time-multiplexed real time data

stream consisting of engineering, capsule and/or real time DAE data, and (2) the stored data

input consisting of recorded planet scan data, recorded fields and particle data or recorded

maneuver data. Each input is combined with synchronization information (PN) and placed on

a subcarrier (2 fs)- In addition, the real time data stream modulates a 268.8 kc subcarrier.

The two channels are linearly summed, as in the case of orbit operations, or only the real

time data channel is transmitted, as in the case of normal cruise operations.

3.2.3 Data Storage Subsystem. The data storage subsystem as shown in Figure 3-5 provides

for the storage of digital data from the science and telemetry subsystems. The data storage

subsystem is composed of six magnetic tape recorders and their associated control and

power supply electronics. It performs the following primary functions:

a. Storage of spacecraft maneuver engineering data, cruise science data, and capsule

diagnostic data during trajectory corrections.

b. Storage of science data in orbit from fields and particle instruments, ]:R scanner,

IR/UV spectrometers, and two video instruments.

c. Storage of high rate science data during solar flares.

L
DATA IN

CONTROL

MANEUVERDATA
MTR I

FIELDS AND
PARTICLES DATA

MTR 2

I R SCANNER
DATA
MTR 3

_ IR/UV SPECTRUM
DATA

MTR 4

Vl DEO IMTR 5

VIDEO 2MTR 6

! ,

MANEUVER DATA

TELEMETRY SYNC AND SPEED RANGE

DATA OUT

ENGINEERING DA

DATA OUT

i-_ SYNC

CONTROL

CONTROL ALL MTR
STATUS

SENSORS

PLAYBACK
SEQUENCE

CONTROL

+3.5V[__

DATA STORAGE

POWER SUPPLY

+3.5V LOGIC POWERS--

CONTROL

,I.R E PA I R AND

CONTROL

,i_ REPAIR

2400 CY

Figure 3-5. Data Storage Subsystem
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The recorders are all physically identical peripheral drive, parallel-recording types, with

identical tape pack sizes. The units differ only in having one or two motors, depending on

the record/playback speed ratio. Each recorder is primarily associated with one data input,

and recording may proceed independently on any or all units. Playback is sequential, one

recorder at a time. Functional redundancy is achieved by allowing units to exchange input
functions in case of recorder failure.

3.2.4 Command Subsystem. The command subsystem, Figure 3-6, performs the functions

of detecting and passing execute pulses or digital information streams to various spacecraft

users as addressed from the ground via the radio subsystem. It is basically a modification

and extension of the Mariner B and C command systems. Command data may be relayed to

the spacecraft through any one of the three channels shown on the block diagram. There are

two command bit rates that may be used:

a. A 15 bps rate, which can be attained through any of the three receiving channels for

high rate programming of C and S, and/or DAE functions.

b. A 1/2 bps rate, available through receiving channels A and C.

The command subcarrier is demodulated in the Detector, and the command data signal is

matched-filtered. The Manchester coded data bits are checked for errors in the Program

Control Unit, which recognizes the word synchronization pattern and generates the required

timing signals for discrete and quantitative commands. The Decoder Access Unit selects the

decoder configuration to be used by decoding the first two bits of each command. The outputs

of the two decoders are in series, and normally both decoders operate to produce a command.

In the event of failure of one decoder, it may be bypassed by the Decoder Access Unit. The

Command Decoders provide dc isolated switch closures for each discrete command output.

The quantitative command data bits are transferred to the addressed subsystem through iso-

lated switches also. The Command Subsystem has the capability for up to 246 discrete and/

or quantitative commands, which exceeds the requirements defined in the "Flight Sequence",

VC220FDl12, by 23% thus allowing for growth.

3.3 Operation. In the following section, the operations of the telecommunication subsystems

are described. Table 3-2 summarizes the operations by mission phase.

3.3.1 Launch Operations. During the portions of the launch phase in which the two space-

craft are mated to the booster, the communication systems on the booster will relay the space-

craft telemetry data signal and will provide the primary means of obtaining tracking data. No

command capability will be provided, although normally no commands are required. Radio

links with the two spacecraft provide the following capabilities:

a. Back-up direct telemetry data

b. Emergency command capability

c. Acquisition by the DSIF stations of the spacecraft signal prior to separation

The radio links during launch are through parasitic antennas on the shroud which are rf-

coupled to the primary low gain antenna on each spacecraft. Because of the limitations of rf

9
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Figure 3-6. Command Flow Diagram

power and dc voltage which must be observed in order to prevent breakdown as the vehicle

passes through the altitudes of critical pressure, a three watt solid state transmitter is em-

ployed. This transmitter is diplexed with a receiver to the antenna.

The data collection and transmission requirements during launch are for spacecraft and cap-

sule engineering data. There is no data storage requirement. Spacecraft and capsule engi-

neering data, and interplanetary science data is transmitted throughout the mission (except

during maneuvers) at a rate of 116 2/3 bps on a 268.8 kc subcarrier. The same data rate

and subcarrier were chosen for use in launch. Not only does this provide a capability which

satisfies the launch telemetry requirements without adding an additional data rate, sampling

format or subcarrier modulator, but it provides a free spectral band of greater than 400 kc

about the carrier, so that a DSIF automatic acquisition sweep of _= 150 kc can be readily ac-

commodated without the possibility of false lock on a sideband.

3.3.2 Acquisition. After injection and separation from the booster, the telemetry, tracking

and command requirements are the same as during launch, except that the cruise science in-

struments are energized. These instruments are continuously operating, and the average

rate at which data is generated corresponds to 29 and 58 bps for the specified requirement

and goal respectively. Adding 58 bps to the expected spacecraft engineering and capsule data

rate requirements leads to a rate consistent with the 116 2/3 bps rate selected.

The vehicle may initially tumble at rates as high as 3 degrees per second until the attitude

control system damps out the motions. After acquiring the Sun and stabilizing in pitch and

10
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yaw, the spacecraft rolls to calibrate the science instruments. In order to provide nearly

continuous coverage the primary low gain antenna is provided. The pattern has a broad lobe

so that for any orientation of the vehicle tumbling motion with respect to the ground station,

communications will be possible for a period of time long enough to achieve synchronization

and transmit a command or obtain telemetry data. At the short range at which injection takes

place, very low vehicle antenna gains can be accepted. Relatively narrow lobes are useful.

For example, with a lobe of 90 degrees, the time in the lobe is at least 30 seconds. For the

116 2/3 bps telemetry system, the mean time for acquisition of bit and word sync is 18.9 sec-

onds*, and a frame period is 3.8 seconds. For command**, mean time for sync acquisition

is less than 1/4 second, while the time to transmit a discrete command is only 1 second.

Thus, it is conceivable that, if necessary, a command could be successfully accomplished
even under these extreme conditions.

As described in Section 3.4.3, two low-gain antennas are used. The primary low-gain an-

tenna was chosen for telemetry during launch and injection. Either the primary or secondary

low-gain antenna may be used for command by selecting the transmitter frequency. If range

rate tracking is desired, the primary low-gain antenna must be used.

3.3.3 Interplanetary Cruise. After acquisition of celestial references, normal cruise oper-

ations are required. The telemetry transmission is switched to the steerable high-gain an-

tenna to verify Canopus acquisition. During cruise, the science instruments collect data at

the normal rate (a capability for 58 bps is provided) except during solar flares, when the col-

lection rate is assumed to be as high as 15,000 bps. The capability to store 108 bits at this

rate for subsequent transmission is provided. The stored data is transmitted simultm_eously

with the real time science, engineering, and capsule data by employing frequency division

multiplexing. Also during the cruise phase, the spacecraft will perform trajectory correc-

tion maneuvers. In order to orient the motor in the proper direction, the vehicle may assume

any attitude. Further, the magnitude of the velocity change to be accomplished cannot be

determined before launch. Therefore, the command system must provide for trm_smitting

the turn and velocity magnitude data to the Spacecraft. This data, in the form of quantitative

commands, is addressed to the user subsystems by the command decoder.

3.3.4 Interplanetary Trajectory Corrections. As the vehicle turns to the attitude at which

the motor will be fired, it is deemed impractical to maintain the high-gain antenna oriented

to Earth. Therefore, if communications are required during the turn, a low-gain antenna

system must be used. During early maneuvers it would be feasible to maintain the normal

cruise data transmission rate of 116 2/3 bps for the science, capsule and engineering data.

However, during late maneuvers, only a much lower rate can be accommodated; with an an-

tenna gain of zero db, a rate of 116 2/3 bps can only be supported to a range of 55 x 106 km.

The direction of the turns may cause a null in the antenna pattern to be directed to the Earth,

so that communications during the turn cannot be guaranteed. However, after the spacecraft

stabilizes at the proper attitude for motor burn, it is possible to use a low-gain antenna and

assure that nulls are avoided. Because the secondary low-gain antenna provides such wide

*VC233FDI06 Voyager Telemetry Subsystem, Section 5.0

**VC233FDI03 Voyager Command Subsystem, Section 5.0
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coverage, the normal procedure is considered to include only two turns. If the desired atti-

tude would result in a null in the antenna pattern being directed to Earth, the procedure would
have to be altered to include a roll so that the null could be avoided.

As discussed in the Task A study, it would also be possible to use the high-gain antenna for

telemetry after reaching the maneuver attitude, by providing at least 180 degrees pointing

arc in a plane including the vehicle roll axis from the -Z to +Z directions. In this case it

would be necessary to choose a particular roll attitude to obtain coverage. Use of the high-

gain antenna has the advantage of confirming that the spacecraft has achieved the proper ma-

neuver attitude. However, it requires programming the antenna reorientation and carrying

it out, as well as switching telemetry transmission modes if telemetry during the turn is re-

quired. For these reasons, the present design does not employ the high-gain antenna during

maneuvers in the primary operating mode; it uses instead the secondary low-gain antenna.

With the 50-watt power amplifiers and a 5-cps ground receiver carrier loop bandwidth, a

data rate of 7 7/24 bps can be supported to a range of 240 x 106 km. This rate provides cap-

sule data and considerable spacecraft engineering data, including attitude sensor data to con-

firm that the proper maneuver turns have been made. Because the data rate is so much less

than the normal engineering data rates and because continuous coverage cannot be guaranteed,

the normal engineering data, cruise science data, and capsule data is stored during the ma-

neuver, for transmission after the Spacecraft returns to the normal cruise attitude.

Command capability is required to back up on-board commands and to inhibit motor burn if

there is a malfunction. Either of the two low-gain antenna-receiver combinations may be

used for command by selecting the appropriate frequency of the ground transmitter.

3.3.5 Mars Orbit Insertion. The telecommunications requirements are the same as during

interplanetary trajectory connections. Communications during the turns and telemetry re-

ception during motor burn are not required.

3.3.6 Mars Orbital Operations. During the first two orbits, on-board sensors are used to

establish the time reference to initiate the orbit sequence of operations of the scientific in-

struments. Depending on the exact orbit, Earth and Sun occultations may occur soon after

achieving orbit. Reacquisition of Canopus a_L_,-"..... _,,_ u,^_.._ i'_nn.._.. ............mnneuver is not accom-

plished during the occultations. Therefore the maneuver telemetry mode is used, in which

7 7/24 bps engineering data is transmitted through the secondary low-gain antenna, while 116

2/3 bps engineering, capsule and science data are stored for transmission after reacquisition.

After transmission of the stored data, using the high-gain antenna, the normal cruise mode

of operation is resumed.

Subsequent to the second orbit, normal orbit operations begin, and the planet scan science
data is stored as it is collected. A capability of 4 x 108 bits is provided. Transmission may

begin as soon as a recorder is full or the DAE indicates playback should start. Data from

the interplanetary science instruments is also recorded. The recorders are read out in se-

quence, each recorder being available for new data as soon as it is emptied. The recorders

may be read out at rates of 14933 1/3, 7466 2/3 and 3733 1/3 bps, consistent with the con-

straint that the data rate not exceed 15,000 bps. When the second Spacecraft achieves orbit

and begins transmitting science data, the maximum data rate from the two Spacecraft

13
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together may not exceed15,000 bps. The rate of 37331/3 bps may be maintained to a range
of 390 x 106 km, which exceedsthe maximum end of mission range for a late 1973encounter
(arrival January 26, 1974).

Concurrently with the high rate science data from the recorders, spacecraft science andcap-
sule engineering dataare transmitted at 1162/3 bps on a 268.8 kc subcarrier. Commands
maybe received to backup on-board commands. Rangeand range rate tracking may be used
for orbit determination.

Before capsule separation, orbit trim maneuvers may be required. The command system is
required to receive turn andvelocity data as for interplanetary trajectory correction maneu-
vers. During the maneuver, telemetry data transmission is reduced to 7 7/24 bps, and en-
gineering andcapsuledata are recorded for transmission after the maneuver is complete.
Commandcapability is required after achieving the maneuver attitude.

Also, prior to capsuleseparation, capsule check-out operations require the transmission of
100bps data. Normal science data storage and playback may be accomplished simulta-
neously. However,theSpacecraftengineeringdata transmission rate is reduced so that the
capsule checkout data maybe accommodatedwith the 1162/3 bps data rate.

During capsule separation, operations are required as in a maneuver. After separation,
capsule data are received and stored by the relay system, which is not part of the Spacecraft
telecommunications system, although a 400 mc relay antennais provided. Following capsule
impact, normal orbital operations are resumed, andthe telecommunications requirements
are the same as before. The stored relay data may be read out.

3.4 Alternatives. In the following sections are discussed some of the principal alternatives

considered in the system design, and the rationale for the approach selected. Included are:

(1) data rate selection, (2) time versus frequency multiplexing, (3) antenna system consider-

ations, and (4) error control coding.

3.4.1 Data Rate Selection. In this section, the selection of the data rates for the transmis-

sion of data is discussed. The rates selected for the transmission of stored data are 14,933

1/3 bps, 7466 2/3 bps, 3733 1/3 bps and 933 1/3 bps. Real time engineering, capsule and

interplanetary science data are transmitted at 116 2/3 bps, and 29 1/6 bps. During maneu-

vers, engineering data is transmitted at 7 7/24 bps.

For the selected radio subsystem parameters of 50-watt transmitter power and a 7.5-foot

antenna, the maximum usable data rate of 15,000 bps (14,933 1/3 bps is provided) may be

readily achieved at nominal encounter times for 1971 and 1973 opportunities, and maintained

well into the orbit phases. When the second spacecraft successfully reaches orbit and begins

transmitting high rate data, the maximum usable rate from each spacecraft is 7500 bps (7466

2/3 bps is provided). After several months in orbit, the system data rate capability under

worst case conditions drops below 7500 bps. Therefore, the data rate of 3733 1/3 bps is

also provided for the primary data transmission system. This rate can be maintained

through the entire mission, even when worst case negative tolerances hold.

14
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The specified minimum science data return capability of 5 x 107bits per day corresponds to
anaverage continuous transmission rate of 580bps; the design goal is twice as high. The
system capability exceedsthe requirement by more thansix to one. Two backup configura-
tions for the radio subsystem canbe used: the first uses the 3-watt amplifier with the high
gain antenna; the seconduses either of the two 50-watt amplifiers with the medium-gain
Mariner C type antenna. A lower science data rate of 933 1/3 bps is provided to lengthen the
coverage period of these backupsystems. An even lower data rate such as 466 2/3 bps would
lengthen the coverage of the 3-watt transmitter backupby 60 days, but would not extendthe
coverage of the medium-gain antennasystem significantly. It would also increase the speed
range required of the tape recorders beyondthe range that may be accomplished with a single
motor. Therefore, a data rate of 933 1/3 bps was chosen.

The data return capability is less than the data storage capability. For example, at the high-
est transmission rate of 14,933 1/3 bps, the total quantity of data that can be returned in the
period of oneorbit is 3.8 x 108bits for the selected 1,000 x i0,000 km orbit, which has a
period of about 7 hours. Also, the estimated science data collection rate yields about 2.5 x
108bits per orbit. On the other hand, the data storage capacity assignedto the collection of
planet scan science is 4 x 108bits, excludingthe 108bit capacity assignedto the collection
of fields and particle science data. Therefore, the storage subsystemhas anexcess capacity
which can be used to accommodatelonger orbit periods or partial loss of capacity due to fail-
ures, andto provide operational flexibility to prolong the period betweencollecting data if
desired.

A higher rate than 1162/3 bps for the transmission of real time data could have beenprovided
without requiring a significant changein the system. This rate was selected to be no higher
than necessary to satisfy user requirements to avoid increasing the ground data handling re-
quirement. During the six-month interplanetary cruise phase exceptduring maneuvers), the
interplanetary science data is allocated 58 I 1o1/o bps, the capsule approximately one bps, and
spacecraft subsystems, 57 1/3 bps. During capsulecheckout prior to separation, the 102
1/2 bps capsule data utilizes the majority of this transmission capability; the remaining 14
7/12 bps capacity is used for real time engineeringdata (during normal orbit operations,
interplanetary science data is stored for transmission at the high rates). After capsule sep-
aration, the spacecraft and DAE engineering data share the capacity.

Under normal conditions, whenthe full link transmission capability is available, the real
time data transmission reduces the power available for the high rate data by less than 0.9 db.
If the backup transmission systems are used, however, so that the high rate must be reduced
to 933 1/3 bps, the 1162/3 bps datawould cause a 2.1 db loss. For this reason, the real
time data transmission rate is reduced to 29 1/6 bps, so that the loss is held below 0.9 db.

During maneuvers and emergencies, the low-gain antennasare used. A coherent transmis-
sion system is chosento satisfy the low data rate requirements. A rate of 7 7/24 bps can be
supportedby a zero db gain antennato a range of 254x 106 km under worst case conditions.
This range exceedsthat required for the capsule separation maneuver of 120x 106km for an
early 1971encounter by a factor of 2, giving an additional margin aboveworst case tolerances
of 6 db (for a late 1973encounter, the surplus margin is 3 db).
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3.4.2 Time Versus Frequency Multiplexing. Frequency multiplexing was chosen over time

multiplexing based on tradeoffs in the following three areas: (1) implementation, (2) DAE

interface, and (3) transmission efficiency. The additional transmission losses are offset by

savings in hardware and the simplification of the DAE interface. A summary of the consider-
ations in the three areas is given below:

3.4.2.1 Implementation. It was assumed that real time data must be transmitted during
periods of stored data playback.

a.

b.

Frequency multiplexing of two subcarriers (stored data and real-time data) requires

an additional modulator and an analog summer. Both suppressed and non-suppressed

subcarriers were considered. From an implementation standpoint, the suppressed

subcarrier modulator is preferred since it requires about one-fifth the hardware.
The implementation of the summer is similar to the Mariner C summer.

Two time multiplexing schemes were considered: (1) sampling real time data con-

tinuously and (2) sampling real time data only during "no data present" periods
while playing back stored data.

. Continuous sampling of real-time data requires a storage element to store the

data until a "no-data present" period occurs on the tape, at which time the

stored real time data is read out (Task A approach). Assuming 106 bit blocks

of recorded data as a maximum, and a transmission rate of 15,000 bps, ap-

proximately 67 seconds are required to read out the data. For a real time col-

lection rate of 117 bps, a 7800-bit memory and its associated control circuitry
are required.

. Sampling and transmitting only during a "no data present" period, though re-

quiring a minimum of hardware, results in a varying and long sampling inter-

val. The "no-data-present" period will occur at different intervals, depending

on the science instrument and/or the start-stop time of the recorder in the

record mode. Assuming again a 106 bit block of data as a maximum, the min-

imum sampling interval would be 67 seconds.

3.4.2.2 DAE Interface. For the DAE interface, it was found that:

a.

b.

Frequency multiplexing in no way constrains the DAE/data storage interface. Data

can be presented to the recorders in any block size and to all at the same time.

For the time multiplexing schemes considered, a constraint of 106 bits maximum

block size is imposed on the DAE in order to make the schemes practical. In addi-

tion, formatting of the data into blocks with associated labeling is required by the
DAE.

3.4.2.3 Transmission Efficiency. To compare the transmission efficiency of the two gen-
eral techniques the following assumptions are made:

a. The time multiplexing technique is ideal in that real time data is interlaced with

stored data, with no gaps in the resultant data stream.
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b. The frequency multiplexing technique is implemented as described in this report.
A single set of modulation indices have beenselected such that both channels thresh-
old simultaneously in the 3733/117bps and 933/29 bps modes. Additional losses in
efficiency have been acceptedin the 14933/117bps and 7467/117bps modes, in order
to eliminate the elements required for additional modulation index switching.

c. For both techniques, 25%of the total transmitted power is allotted to the RF
carrier•

de E/N o for the composite time multiplexed data is 5.9 db; for frequency multiplexed
data it is 5.9 db for stored data and 8.0 db for real time data.

Since total transmitted power is proportional to the SNR referenced to a one-cps bandwidth in

the thresholding channel divided by the modulation loss associated with that channel, the fol-

lowing defines the ratio of total power required:

+

where:

L
m

L
ms

R
S

RRT

E/N
0

(E/No) s

= modulation loss in time multiplexed channel (0.75)

= modulation loss in stored data channel for frequency multiplexing (0. 615)

= bit rate of stored data

= bit rate of real time data

= ratio of signal energy per bit to noise density for time multiplexed data (5.9)

= ratio of signal energy per bit to noise density for stored data channel (5.9)

mk ...... _+{,_cr offioi_ncv comparison is shown in Table 3-3
t ll_:_ I K:90 _AbAAA_ _ ...... _ -- •

TABLE 3-3. TRANSMISSIONEFFICIENCY

LOSS WITH FREQUENCY MULTIPLEXING

FM

R s (bps) RRT (bps)

[4933 117

7467 117

3733 117

933 29

TM

(R s + RRT) 0)ps)

15(150

7584

3850

962

FM Efficiency FM Loss

(db)

0.826 -0.82

(I.833 -0.79

0.845 -0.73

0.845 -0.73

3.4.3 Antenna System Considerations.

The S-band antennas are the high-gain

steerable antenna, the fixed medium-gain

antenna, and the primary and secondary

low-gain antennas. A 400 mc relay an-

tenna is also provided. In this section, the

changes made to the Task A designs and

the alternatives considered during the Task

B study are discussed.

3.4.3.1 High Gain Antenna. The steerable high-gain antenna is the same as recommended

in the Task A study, and is a 7.5-foot parabolic reflector antenna, providing a beamwidth of

4 degrees and a peak gain of 32.5 db. In the course of the study both smaller and larger

steerable antennas were considered. The nominal power gain product of the 7.5-foot antenna/
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50-watt power amplifier combination is about 90,000; becauseof pointing losses, the worst
case power gain product is 62,500. This combination will support a data rate of 4900bps at
a range of 328 x 106kin, which is the end of mission range for the early 1971encounter con-
sidered. For a late 1973encounter, a rate of 3950bps may be supported at the end of mis-
sion range of 375 x 106km. Thus, evenfor a late 1973encounter, the data rate goal of 1160
bps may be achievedwith a much lower power gain product of about 19,000, which is a factor
of 3.23 less than the worst case product of the proposed system. Either the transmitted
power could be reduced to below 20 watts, or the antennadiameter could be decreased to
about 4 feet. However, the higher data rate capability of the proposed system affords the op-
portunity of obtaining a large amount of additional scientific data at the short ranges near en-
counter, as shownin Table 3-4. For example, with the proposed system a data rate of
15,000 bps canbe maintainedfor a period of 2-1/2 months for an early 1971encounter, com-
pared with two weeksfor the minimum capability system considered, with a power gain prod-
uct of 19,000. Of course, if both spacecraft successfully achieve orbit, this increased capa-
bility cannotbe takenadvantageof, becauseof the data rate restriction for both spacecraft of
15,000 bps. However, with the proposed system a data rate capability of 7500bps can be
maintained for almost 4-1/2 months, compared with less than 2 months for the minimum sys-
tem. For a late 1973encounter, 7500bps canbe maintained for over 2 months, compared
with less than 10days for the minimum system.

TABLE 3-4. COMPARISONOF DATA
RATE CAPABILITY OF PROPOSED

SYSTEMWITH THE MINIMUM SYSTEM

l}ala I_tt('

P rop_,s{,d 3_ stvm

30 x_atts, 7 1/2 fcs)t

P(; 62,5{)1)

Minimum ,_" st {, m

5(1 w:ltt_, I f('cL

t5, Ot)o I}p_

F :t r ly [;Itt ¸

1971 1973

75 d:ly_ 2<} da)'_

I.l days

7,50O hl)s

F:a rly ate

1!)7 L }73

1:15 da}s 72 days

54 days 6 day_

An antenna as large as ten feet was also

considered. The peak gain would be 2.75 db

greater than the 7.5-foot antenna, but the

pointing loss would be greater by 1.4 db for

the same 1.5 degree pointing error.

Therefore, the net increase in worst case

gain is only 1.35 db. The added weight (at

least 50 pounds) and the increased difficulty

in stowing and deploying ruled out such a

large antenna.

The 7.5-foot antenna is a reasonable design

for Voyager. Preliminary studies of the

system pointing error show that the three _ error will be less than 1.5 degrees, correspond-

ing to a gain loss of 1.6 db. An analysis of the effect of thermal gradients for worst case at-
titudes with respect to the Sun indicates that the distortion will be much less than 1/16 wave-

length, and will cause negligible gain degradation. A structural design analysis has been

made to ensure that the required strength to withstand vibration and acceleration loads can be

obtained within the allocated weight. Thus, the 7.5-foot antenna is selected because of the

large increase in data return capability it affords, and because its design can be carried out
with high confidence of success.

3.4.3.2 Medium-Gain Antenna. As a backup to the steerable high-gain antenna, a fixed

medium-gain antenna of the same type as the Mariner C high-gain antenna is selected. Dur-

ing the Task B study, a computer program was prepared to enable alternate antenna configura-

tions and aiming points to be readily evaluated. The program computes the worst-case an-

tenna gain, taking into account pointing error, as a function of time in orbit. Figure 3-7 shows
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the results for the Mariner C antenna for a typical 1971 trajectory with an early arrival date

(November 1, 1973). The system data rate capability is plotted as a function of range, and

time referenced to encounter, for different aiming points of the antenna. The aiming points

are designated as the cone and clock angles to which the peak of the beam is pointed. En-

counter occurs at cone and clock angles of 42 ° and 282 ° respectively. As time passes, the

cone angle to the Earth increases to a maximum of about 43 degrees, and then decreases.

The communication range increases after encounter until after the end of the nominal mis-

sion. If the peak of the antenna beam is aimed at the Earth at encounter, the period of com-

munication coverage is the shortest.

The period of coverage may be increased by aiming the antenna at lower cone angles so that

the peak of the beam points to the Earth at some time after encounter, compensating for the

increased communication range. However, this increased coverage is accomplished at the

expense of obtaining a high data rate for a longer period of time shortly after encounter. For

example, comparing the curves for the extreme cases considered which correspond to aiming
points of 42 °/282 ° and 36 °/278 ° , the former will support the lowest data rate for the return

of planet scan data of 933 1/3 bps until 120 days after encounter, while the latter will support

it until 150 days after encounter. However, with the beam aimed at 420/282 ° , 7500 bps may

be supported to 20 days after encounter, while with it pointed at 36 °/278 ° , 7500 bps can not

be achieved at all after encounter. Thus the total data return is much greater when the beam

is aimed at the cone and clock angles to the Earth at encounter, even though the total cover-

age time is shorter. Assuming that the increased data return is more valuable than the

longer coverage, aiming the antenna at the Earth at encounter is more desirable, and is

therefore selected. Similar plots were made for other possible fixed antenna configurations.
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For the 1971trajectory resulting in an early encounter, higher-gain antennasthan the
Mariner C antennawouldbe desirable, based on the criterion of maximizing the data return.
For example, a 3 x 5-foot antennawith a peak gain of 25 db, compared with the gain of 23.5
db for the Mariner C antenna, will support 7500bps for 40 days after encounter and 933 1/3
bps for about 120 days. More detailed studies should be madeconsidering other arrival
times and antennaconfigurations as well as the data return optimization criteria. For the
present design the already developedandproven Mariner C design provides a powerful
backup capability.

3.4.3.3 Low-Gain Antennas. To meet the communications requirements during all mission

phases at least two low-gain antennas are required. Type and location of these antennas are

influenced by factors such as size and shape of the planetary vehicle and its varying attitude

with respect to Earth, ease of stowage and deployment, redundancy and backup considera-

tions, and interference by other deployed elements (high-gain antenna and planet scan package).

A test program was conducted with the objective to evaluate, by actual measurement, the

relevant performance characteristics of several candidate low-gain antennas in the presence

of the interfering vehicle. Measurements were performed on a scale model basis, using a

scale factor of 1:5 at a test frequency of 5 x 2.2 = 11.0 Gc. This scale factor results in a

vehicle model of reasonable size and in model antennas which can be built with practical

tolerances. Figure 3-8 shows the configuration used. It shows the model of the vehicle with

the two low-gain antennas mounted and with mockups of the deployed high-gain antenna and

planet scan package. It should be noted that the vehicle model shape had to be selected before

the preferred configuration was finalized. The model envelope is representative of a vehicle

with a large capsule, except for the transition between the cylindrical spacecraft body and the

capsule. This transition should be gradual by a cone tapering down to the diameter of the

spacecraft body. Measurements were also made with a small capsule model (12-foot

diameter).

Three antennas, shown in Figure 3-8, were investigated:

a. A crossed slot, Mariner C-type antenna with a hemispherical pattern

b. A parallel plate antenna with a toroidal pattern

c. A turnstile antenna over a conical ground plane with a flat-nosed hemispherical

pattern.

All three antennas were initially adjusted for a desirable "free space" pattern and for optimum

on-axis circular polarization. The impedance match at the test frequency was accomplished

by external stub tuning. These preliminary pattern measurements were made on a short out-

door range (15 feet long, 18 feet above ground); the circularity measurements were made on

a short (4-foot), absorber-lined indoor range. Pattern and circularity measurements were
then made with the antennas mounted on the vehicle model. These measurements were made

on an indoor, anechoic chamber range (120 feet long x 40 feet wide x 24 feet high). The en-

tire room (which is also used for radar cross section measurements) is lined with broadband,

high-frequency absorber material. All test equipment, except for the source antenna, is lo-

cated outside the chamber. Due to the near-isotropic character of these low-gain antennas,
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SCALE MODEL WITH TEST ANTENNAS MOUNTED ON INDOOR RANGE 

MARINER C TYPE 
CROSSED SLOT ANTENNA 

PARALLEL PLATE ANTENNA TURNSTILE ANTENNA OVER 
CONICAL GROUND PLANE 

Figure 3-8. Antenna Tests on Lon7 Gain Antennas 
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range reflections are a problem and considerable effort was expended to determine the nature

and magnitude of the reflections and to reduce them to an acceptable level by selecting the

proper range geometry and by the use of additional RF absorber material.

The measuring program included tests under the following conditions:

a. Various boom lengths for the crossed slot antenna

b. Various boom lengths for the parallel plate antenna

c. Various look angles for the parallel plate antenna

d. Various orientations of the high-gain antenna and planet scan package

Patterns were measured in planes where shadowing by the vehicle body or reflections from

the vehicle body were judged to be critical for the configuration under test. For the config-

uration shown in Figure 3-8, patterns were measured in a sufficient number of roll planes to

prepare signal level contour plots for the entire 4 _r solid angle.

The significant results and conclusions can be summarized as follows:

ao For maximum reliability it is desirable to have at least one low-gain antenna

mounted in a fixed position. A modified Mariner C-type antenna selected as the

primary low-gain antenna meets this requirement best. When mounted in the pre-

ferred configuration as shown, this antenna will provide coverage at high cone

angles for the near-Earth phase. By tilting it away from the -Z axis, blockage by,
and reflections from, the rocket motor are minimized. If the nozzle is RF-

transparent, tilting the antenna would not be required. A longer fixed support would

be desirable to make full use of the broad pattern that can be obtained from this type

antenna. The present envelope restrictions however, prohibit this. With an opti-

mized design the following minimum gain levels should be obtained in the X-Z plane:

Angle Off Thrust Axis (-Z Axis) Gain

110 ° (near Earth) -5 db

90 ° (near Earth) 0 db

0° (-Z axis) +2 db

40° (encounter) 0 db

bl The secondary low-gain antenna should be as omnidirectional as possible since (it is

used during maneuvers) and should complement the primary low-gain antenna, while

providing maximum possible gain in the direction of the -Z axis. The size of the

planetary vehicle (spacecraft and capsule) dictates the use of a boom-deployed an-

tenna, to reduce the shadow region. The measurements on the model vehicle with a

large capsule, using a 5-foot (full size) long support boom, show that the coverage

at the -6 db gain level is reduced to 67% of the entire 4 _r solid angle, from 87%
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obtainablewithout shadowing. An optimized design should result in the following
nominal gain levels in the X-Z plane:

Angle Off Thrust Axis (-Z Axis)

-90 ° (near Earth)

0 ° (-Z axis)

+40 ° (encounter)

Gain

-_ db (pattern null)
0 db

-1.5 db

c. Measurements on the toroidal pattern anteima with smaller boom lengths show un-

acceptable ripple in the plane of the toroid due to reflections off the vehicle body in

addition to an increased shadow region.

d. A broad hemispherical pattern, similar to the pattern of the primary antenna, was

also considered for the secondary low-gain antenna. This pattern would have maxi-

mum gain in the direction of the +X axis and would eliminate the null of the toroidal

pattern. This would be at the expense of gain in the hemisphere centered about the

-Z axis and at the expense of omnidirectional coverage. It is concluded that the

toroidal pattern is the best choice for the case of a vehicle with a small capsule

(1971). Further detailed studies are required to optimize for specific, large-
capsule configurations.

e. Altering the position of the high-gain antenna and the planet scan package did not

show any significant effects on the radiation characteristics in the X-Z plane. More

complete investigations are required to confirm this observation.

f. The desired flat-nosed hemispherical pattern was not readily obtained on the turn-

stile antenna. No measurements with this antenna mounted on the spacecraft model

were performed.

g. The test program improved the skill in development and design of antennas of this

type and demonstrated the adequacy of the test facilities for acceptance and qualifi-
cation testing.

3.4.3.4 Relay _Amte.n_na_ The 400 mc relay antenna selected is a turnstile above a ground

plane. Figure 3-9 shows the required gain of this antenna as well as the idealized gain ob-

tained plotted as a function of the angle between the line of sight to the capsule from the

spacecraft and the spacecraft +Z axis, This angle is based on the spacecraft maintaining the

attitude it had at capsule separation until capsule impact. The required gain was calculated
using the formula:

G = -5+ i0 log 10R

where:

G = the required antenna gain in db

R = the range from the spacecraft to capsule in thousands of kilometers

During descent from orbit, the capsule is generally in the +Z direction as viewed from the

spacecraft; the range increases to a maximum of about 1800 km at capsule entry. The
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angular excursion of the line of sight from

separation to entry is less than 15 degrees.

As the capsule enters, the communication

range decreases and the angle increases

between the +Z axis and the line of sight.

For the atmosphere corresponding to a 5

millibar (mb) surface pressure, the line of

sight has moved 20 degrees toward the +X

axis at impact; for a 10 mb atmosphere,

the line of sight has moved to near the

+X axis at impact.

The beamwidth of the selected antenna is

broad enough so that the antenna may be

fixed to the spacecraft body for this tra-

jectory. The peak of the antenna beam is

pointed 40 degrees off the +Z axis in the

_oo X-Z plane. The principal obstruction to

the antenna view is the capsule biological

barrier. For the 1971 capsule, it was as-

sumed that the barrier is less than 12 feet

in diameter, and the angle from the beam

center to the edge of the barrier is greater

than 60 degrees. The antenna gain at this

point will be more than 5 db below the peak gain of 5 db. The effect of reflections off the

barrier must be studied in depth, but it is expected that the pattern degradation will be ac-

ceptable. The nominal gain margin of the selected antenna above the minimum requirement

is about 4 db at capsule impact for the 10 mb atmosphere, and is 8.5 db for the 5 mb

atmos phere.

For the case shown, a single fixed antenna will satisfy the requirements. More detailed

studies must be made for a variety of spacecraft orbits and entry trajectories, and to deter-

mine the effect of the vehicle and biological barrier on the antenna pattern.

3.4.4 Error Control Coding. Error control coding was again reviewed for use in the telem-

etry link. A more powerful code than was considered in the Task A study was examined, and

the results of the studies are reported here. The code is a "regular bi-simplex" (63, 7) code

which provides at threshold a theoretical performance improvement (compared to no coding)

of 2.3 db on the basis of equivalent bit error probability, and 3.4 db on the basis of equiva-

lent word error probability.

The principal reason it was not recommended was that it is not a proven deep-space tech-

nique, and therefore a development program with attendant uncertainties in cost, schedule

and realizable performance must be undertaken. Because it appears to offer a significant

improvement in performance for a small reliability penalty, it is recommended that the de-

velopment of the system be carried out so that it may be considered for future VOYAGER

spacecraft. For this reason, the work which has been carried out to date in estimating the
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performance capability of the code and in defining an approach to implementing anencoder
and decoder, including a synchronization scheme, is described in the following sections.

3.4.4.1 Selection of the Code. From the class of all binary group codes one code, the

(63,7), has been selected as the most promising for application to the Voyager telemetry

link. Initially, attention was focused on this code because: (1) its seven-bit word length is

the same as that of the data; (2) its performance closely approximates that of the (64, 7) bi-

orthogonal code (and also that of the (127, 7) regular simplex code, which is generally thought

to be the optimum seven-bit code); and (3) the integer ratio (9) of total digits to information

digits simplifies the necessary timing circuits. Investigation of the performance of the (63, 7)

code and the complexity of the decoder (correlator) required at the receiver confirmed that it

provides a very good balance between power of performance and complexity of implementa-

tion. This investigation is presented in the following three sections.

3.4.4.2 Performance of the (63, 7) Code. For direct transmission without any error correc-

tion coding the probability of error of a seven bit word is:

= 3
= _ 2 + (_) Pl (1)P7 1 - (1- pl )7 7Pl (72) Pl - "'"

where Pl is the probability of error of a single bit. For optimum signals optimally detected,

in white gaussian noise, Pl is given as a function of the ratio of the signal energy per bit to
the noise spectral density by :1

Pl = R//2E/No/ (2)

where

1 ;_ -t2/2dt---- -- e

R (x) 2_ x

In order to give a good estimate of the performance of the (63, 7) code, it is necessary first

to investigate some closely related codes.

There is general agreement (although no proof) that, for a fixed number of information bits

per word, the optimum code for the white gaussian noise channel is a regular simplex code.

The signals of such a code can be constructed from those of an orthogonal code by shifting

the origin of the signal vectors of an orthogonal code to the point which is the sum of the sig-

nal vectors. Hence the performance of a regular simplex code is readily obtained given that

of an orthogonal code. There is a cyclic group code having 2m-1 total digits, m information

1 Eq. (2) is derived in many places, including:
"On Coded Phase Coherent Communications", A. J. Viterbi, IRE Transactions on Space

Electronics and Telemetry, SET- 7, No. 1, March 1961.
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bits, and a Hamming distance of 2m-l, for every positive integer m, which is a regular sim-
plex code. For m = 7, such a code has 127 digits and a Hamming distance of 64, and can cor-

rect 31 or fewer errors per word.

Signals which form a regular bi-simplex code can be obtained from the signals for a regular

simplex code by including the (negative) complements of all the signals. There is a group

code version of a regular bi-simplex code also. It has 2m-1-1 total digits, m information

bits, and a Hamming distance of 2m-2-1. For m = 7, this is the (63,7) code, which has

Hamming distance 31 and can correct 15 or fewer errors per word.

Assuming correlation detection, which is optimum, the theoretical probability or word error

for the white gaussian noise channel is plotted in Figure 3-10 for the (127, 7) regular simplex
code, the (64,7) biorthogonal code, and no coding. 1

From the binary code version of a biorthogonal (64,7) code it is possible to construct a regu-

lar bi-simplex (63,7) code by deleting one digit. By this process, the distances between

some of the code words will be reduced, but none will be increased. From these observa-

tions a lower bound on the probability of error for the regular bi-simplex (63,7) code can be

obtained; however, it is of little value since it falls to the left of the curve for the (127,7)

regular simplex code. Now an upper bound on the probability of error for the regular bi-

simplex (63, 7) code is provided by shifting the curve for the probability of error for the bi-

orthogonal (64, 7) code to the right by 10 log 32/31 = 0. 138 db, because if all the distances of

the (63,7) code were increased by the factor 32/31 the resulting distances will equal or exceed

those of a (64, 7) code whose minimum distance is 32/31 times that of the original (63, 7) code.

This bound on performance of the regular bi-simplex (63,7) code is also plotted in Figure

3-10. Because the number of distances affected by the code alterations is very nearly one-

half the total number of distances, an excellent estimate of the performance of the (63,7)

code will result by a curve just halfway between the bound and the curve for the (64, 7) code.

Such an estimate along with the curve for no coding is shown in Figure 3-11.

For a regular bi-simplex code a good estimate of bit error probability is obtained by taking

one half the word error probability, because, given a word error, all words other than the

transmitted word and its complement are nearly equally likely to result; i. e., the resulting

word is selected nearly at random and so any digit has nearly equal probability of being a

"1" or a "0". Figure 3-12 shows this estimate of the probability of bit error for the regular

bi-simplex (63,7) code along with the probability, Pl of error without coding.

Since the performance of the regular bi-simplex (63,7) code so closely approximates that of

the regular simplex (127,7) code as well as that of the biorthogonal (64, 7) code, it suffices to

limit consideration of seven-bit codes to only one of these codes. Because of the integer

ratio of total digits to information bits of the (63,7) code, it requires less complex timing

1. Ibid.
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circuitry for encoding and decoding than do
the others. As the eneoder must be aboard

the spacecraft, the (63, 7) code is to be

preferred over the others.

The improvement obtained by using a code

is most conveniently expressed as the db

increase in E/N o required to achieve some
specifiederror rate without coding over

that using the code. From Figures 3-11

and 3-12 it is evident that the improvement

depends upon whether word error rate or

bit error rate is specified as well as the

error rate or E/N o . Table 3-5 lists some

repcesentative data obtained from the fig-

ures. The last line of the table indicates

the limiting value of improvement as E/N o

approaches infinity. *

• For a derivation, see: "Word Error Rate

for Group Codes Detected by Correlation

and Other Means", C. M. Hackett, Jr.,

IRE Transaction on Information Theory,

Vol. IT 9, No. 1, pp. 24-33, Jan. 1963.
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TABLE 3-5. IMPROVEMENTFOR (63,7)
CODE

E/N o

No Coding

(db)

5.22

6.47

7.33

8, 17

8.79

Probabi lity

of Word Error

3.45 x 10 -2

1.00 x 10 -2

3.45 x 10-3

1.00 x 10-3

3.45 x 10-4

0

Improvement

Based on

Probability Word Error

of Bit Error (db)

5.00 x 10-3 3.41

1.46 × 10 -3 3.63

5. O0 x 10 -4 3.79

1.46 x 10 -4 3.97

5.00 x 10 -5 4.08

o 5.37

Improvement

Based on

Bit Error

(db)

2.37

2.82

3.11

3.38

3.56

5.37

It is generally true that a good error cor-

recting block code shows more improve-

ment on a word-error basis than on a bit-

error basis, and that the improvement in-

creases with E/N o . Thus it is important

to specify as accurately as possible the
conditions under which the code will be

applied so that its performance can prop-

erly be assessed.

For the VOYAGER telemetry link, the

highest acceptable bit error rate is speci-
fied to be 5X 10-3. From the above

analysis, it is estimated that the theoretical

improvement afforded by the (63, 7) regular bisimplex code under this criterion is 2.37 db.

If the data comes naturally in 7-bit blocks, the appropriate criterion is word error rate, and
for a word error rate of 3.45 X 10 -2 (corresponding to a bit error rate of 5 X 10-3), the im-

provement is 3.41 db. As indicated above, both measures of improvement increase with

E/No, both having an asymptotic limit of 5.37 db.

If the data occurs in blocks of length other than 7 (or a multiple of 7), and a 7-bit error cor-

recting code is used, the proper measure of improvement lies between that for bit error rate

and that for word error rate. For any specified format, it is possible to calculate an esti-

mate of improvement, using no more approximations than were used above.

3.4.4.3 Encoder-Decoder. The functional design and operation of the encoder-decoder will

be broadly described in this section. Many variations in detail are possible, and may in

fact be desirable, but their discussion will be sacrificed so that attention can be concentrated

on the basic features of the encoder, decoder, and the requisite synchronization. A simpli-

fied diagram of the encoder-decoder is shown in Figures 3-13 and 3-14 respectively.

3.4.4.3.1 Encoder. The input data is assumed to be a stream of binary digits. The encoder

takes the input data 7 bits at time and generates 63-digit (cyclic) code words. A 63-digit

pseudo-random binary pattern is generated and added mod-two synchronously with the code

word. The resulting digits are Manchester-coded and then used to phase modulate the car-

rier. The pattern enhances the difference between any code word and every sequence which

results from the end of one code word and thestartof the next, so thatword synchronization is

better achieved. Manchester coding removes the spectrum of the data from the neighborhood

of the carrier so that it can be easily tracked as doppler and oscillator instability cause

variations.

3.4.4.3.2 Decoder. To obtain data from the incoming waveform the decoder must:

a. Recover half-digit synchronization

b. Determine word synchronization

c. Determine the most likely transmitted code words
d. Convert these code words into data bits
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Word synchronization is established by cor-

relating the incoming waveform with local-

ly-generated signals at each possible word

phase, and determining by the highest out-

put level which word phase is most likely.

This technique depends on the correlation

being high when synchronization is correct,

and low when synchronization is incorrect. *

As shown in Figure 3-14 the incoming

waveform following translation to baseband

consists of the Mod 2 sum of a PN pattern

(P), code words drawn from a regular bi-

simplex code (C), and a subcarrier (2 fs}"

The pattern and code digits are of equal

duration, while the subcarrier rate is one

cycle per digit. The combined signal
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Figure 3-14. Error Control Decoder

* S. W. Golorab et al., '_Dtgital Communications With Space Applications,

pp. 142-159, Prentice-Hall, 1964.
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enters the 2fs detector* where the subcarrier is recovered, althoughwith a 180degree am-
biguity in phase. The 2fs detector provides half-digit timing to the timer, which drives the
pattern generator anddata code generator. The timer also causes the generators to slip bits
during the sync acquisition interval, and presets the generators whenproper bit andword
timing have been found. The pattern generator produces a P' + 2fs' sequencewhich is mul-
tiplied by the incoming waveform. The pattern P' is identical to the received pattern P, but
P' is in general phase-shifted with respect to P when sync acquisition begins.

The composite waveform is then fed to a bank of 64 integrators. Oneof these corresponds
to the all-zero code word, while the other 63 are driven from the data code generator with
the remaining words in the code vocabulary. After integration by an integrate-and-dump fil-
ter in eachchannel, the correlations (which are bipolar) are fed to the greatest absolute value
detector. This detector selects the channel having the level of greatest magnitude, and feeds
this level through an A/D converter to one of 126registers. If the initial phasechosenby the
timer is called (arbitrarily) sync position 1, then the greatest absolutevalue resulting from
this sync position is entered in register 1.

The timer then causes the pattern and code generators to slip a half-digit to sync position 2,
and the greatest absolutevalue resulting from correlation over this word interval is entered
in register 2. The procedure is repeated until all of the 126possible sync positions have
been used.

At this point a decision could be madeas to the most likely sync position by determining which
register holds the greatest value. The probability of error is reduced, however, by further
averaging. The procedure described aboveis repeated two or more times and at each subse-
quent sync position the greatest absolutevalue is addedto the value held in the register cor-
responding to that sync position. After a predetermined number of cycles, the register hold-
ing the greatest sum is located by the greatest value detector, andword sync position is
determined from the position of this register in the register bank. The timer slips the phase
of the pattern andword code generators to this position, anddata is decoded. To guard
against subsequentloss of synchronization, one of the registers continuesto operate as data
is decoded. If the value summed over a given number of words fails to exceeda threshold,
resynchronization is initiated.

The code word correlations uponwhich the word decisions are based can be implemented in
either an analog or digital fashion; in the preceding discussion, analog was assumed.

4.0 INTERFACE DEFINITIONS. The detailed boundary definitions and interface character-

istics between the telecommunication subsystem and other spacecraft systems are specified

in the individual subsystem functional descriptions.

5.0 PERFORMANCE PARAMETERS. This section summarizes the parameters and per-

formance characteristics of the telecommunications system.

*J. C. Springett, "Telemetry and Command Techniques For Planetary Spacecraft,"

Technical Report No. 32-495, pp. 28-29, JPL, Jan. 15, 1965.
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5.1 System Parameters. Tables 5-1 and 5-2, together with Figures 5-1 and 5-2, give the

values of the significant parameters that determine the performance of the telemetry and

command links. The parameters have been grouped into four categories (Transmission Mode,

Channel, Reception Mode, and Polarization Loss) such that their combinations provide all

inputs to the design control tables for the selected links. Sample design control tables for

telemetry and command links have been included in Appendix A to indicate changes made in

the normal format to describe the characteristics of the recommended system.

In addition to the parameters contained in Tables 5-1 and 5-2 are the following characteris-

tics of the telemetry, command, and ranging channels (see VC233FD103 for characteristics

related to command word structure).

5. i. 1 Telemetry

a. Type of Encoding.

1. 7.3-bps channel: single-channel, square-wave, phase-shift keying with PN

sync, 9 PN bits per data bit (NRZ).

Waveform = data $ PN@ 2f .
s

2. ll7-bps channel: single-channel, square-wave, phase-shift keying with PN

sync, 9 PN bits per data bit (MNRZ) on 270-kc square-wave subcarrier (fo)"

Waveform = data • PN$ 2fs @ f.

3. 14933/117; 7467/117; 3733/1: /; 933/29: two-channel, square-wave, phase-

shift keying with PN sync, 9 l_N bits per data bit (NRZ lower channel, MNRZ

upper channel); upper channel (117 or 29 bps) on 270-kc square-wave subcar-

rier (fo)"

Waveform = K 1 data 1 @ PN 1 @ 2fs 1 + K 2 data 2 @ PN 2 @2fs 2 _fo

b. Channel Requirements.

1. Engineering measurements:
2. Event counters, 4.

c. Word length: 7 bits.

d. Transmission rates.

1. 7.3 bps.

2. 117 bps.

3. 933/29 bps.

e.

394.

4. 3733/117 bps.

5. 7467/117 bps.

6. 14933/117 bps.

Threshold telemetry data signal-to-noise ratio in a l-cps noise bandwidth that re-
sults in the minimum acceptable telemetry bit error probability (5xi0-3).

i. 7.3 bps : 15.12 db/cps 5. 4733 bps : 41.6 db/cps

2. 29 bps : 22.64 db/eps 6. 7467 bps : 44.6 db/cps

3. 117 bps : 28.67 db/cps 7. 14933 bps : 47.6 db/cps

4. 933 bps : 35.6 db/cps
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5.1.2

f. Meanbit acquisition time as a function of threshold SNR.

1. 7.3bps : 181sec 5.
2. 29.2 bps : 75.8 sec 6.
3. 117bps : 18.9 sec 7.
4. 933bps : 2.36 sec

Command

a. Number of Commands

1. Discrete : 183 _ 246 available
2. Quantitative: 23 J

b. Modulation Type: Digital PSK with PN sync

c. Transmission Rate

1. Sub-bit rate: 1 or 30 SBPS

2. Command bit rate: 1/2 or 15 BPS

5.1.3

d.

3733 bps : 0.590 sec

7467 bps : 0°296 sec

14933 bps : 0. 148 sec

Threshold command data SNR in a 1-cps noise bandwidth that results in the minimum

acceptable bit error rate (2x10-6).

1. 13.2 db for 1 SBPS

2. 25.2 db for 30 SBPS

e. Mean bit sync acquisition time at the threshold SNR.

1. 4.25 minutes per code try at 1 SBPS

2. 15.5 seconds per code try at 30 SBPS

Ranging

a. Type: DSIF Mark I.

b. Maximum unambiguous range.

1. Short code :

2. Lunar code :

3. Planetary code:

Code Components.

10,000 km

800,000 km
40 x 106 km

e.

Component

Clock

X

A

B

C

D

E

Short

2

ii

31

63

127

Bit Length

Lunar

2

ii

31

7

15

Planetary

2

7

11

23

31

47

103
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Figure 5-1.

z

z
z
l..d
l-
z

I

0

TELEM

COMMAND_

| I

LAUNCH : MAY 3, 1971

ENCOUNTER : NOV. I, 1971

J

ENCOUNTER

80 160 ::)40 320 400 480

TIME (DAYS)

I I I I I I I I I I I I

I0 18 39 79 125 172 ;)25 280 324 330

RANGE (KM xlO 6)

Primary Low-Gain Antenna Gain Versus Time and Range (Includes All

Pointing Losses)

I I

ON-AXIS GAIN (TELEMETRY)

.... _MD)----'------OM--AN---- ------

\"
LAUNCH : MAY 3,1971

Ib
ENCOUNTER: NOV. I, 1971

25

5

I00

I

27

I0

Figure 5-2.

ENCOUNTER

140 180 220 260 300 :540
TIME (DAYS)

I I I I I I I I I I I I

39 58 79 103 125 150 172 200 225 255 280 304

RANGE (KM x I06)

Medium-Gain Antenna Gain Versus Time and Range (Includes All

Pointing Losses )
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d. Threshold signal-to-noise ratio in a 1-cps noise bandwidth that results in minimum

acceptable performance for the ranging system: 16 db.

e. Maximum acceptable code acquisition time at threshold.

1. Short code: 380 sec (6.3 minutes)

2. Lunar code: 1625 sec (27.0 minutes)

3. Planetary code: 1545 sec (25.8 minutes)
+0

f. Ranging phase-lock-loop threshold noise bandwidth: 0.8 -0.16 cps

g. Transponder turn-around ranging channel noise bandwidth: 2.5 + 0.25 mc

h. Modulation Index (both transmitters: 1.0 • 0.1 radians

i. Carrier Modulation Loss: -5.5 +11:5 db

j. Ranging Modulation Loss: -1.5 +0.6-0.5

5.2 Performance Summary. Figures A-1 through A-29, showing the performance of the
telecommunication links versus range, are included in Appendix A. Tabular summaries of

the results for telemetry and command are given in Tables 5-3 and 5-4. The "greyout"

range is given for each link. Listed values of received carrier power and channel perform-

ance margins correspond to that range. They include all adverse tolerances and are, there-

fore, worst-case values.

Four cases are given in Figure A-29 for the ranging channel. For nominal link para-

meter values, the 210-ft/100-kw ground station and 50-watt/High-Gain spacecraft mode

provide ranging to 1.7 x 109 km. This range is reduced to 5.5 x 108 km if the 85-ft/100-kw

ground station is used. Assuming worst-case tolerances in both up- and down-links, the

range capability of the above systems are reduced to 109 km and 3.2 x 108 km, respectively.

Command (either 1 or 30 sbps) and telemetry (117 bps) transmitted simultaneously with rang-

ing result in approximately a 2-db loss in performance in the ranging channel.

5.3 Performance Definitions. The following definitions shall apply to the overall telecom-

munications system performance.

5.3.1 Performance Margin. The performance margin is defined as the ratio of the nominal

received signal level (carrier or modulation) to the nominal threshold signal level expressed

in db. It shall be considered acceptable when the margin is positive and equal to or greater

than the magnitude of the linear sum of the adverse system tolerances. When the perform-

ance margin drops below the sum of negative tolerances, the channel shall be defined to be

in the "greyout" area. When the performance margin is negative, the channel shall be de-
fined to be in the blackout area.

5.3.2 Nominal Received Signal Level. The nominal received signal level is defined as the

received signal level calculated from the nominal system parameters (gains, losses, and

power levels). The calculation excludes, as far as possible, all arbitrary margins, pads,
or unknown factors.
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TABLE 5-3. SUMMARYOF TELEMETRY LINK PERFORMANCE

Transmission

Mode

3 -Watt

Parastic

3 -W art

Primary I.ow-Gain

50-Watt

Itigh-Gath

50-Watt

Primary Low-Gain

50-Watt

Medium-Gain

3 -Watt

High-Gain

50-Wail

High-Gain

50-Watt

Medium .-Gain

3 -Watt

High-Gain

50-Watt

Secondary Low -Gai,

Channel

117 BPS

117 BPS

Auto -track

117 BPS

I17 BPS

117 BPS

Auto-track

117 BPS

117 BPS

117 BPS

117 BPS

117 BPS

117 BPS

117 BPS

117 BPS

117 BPS

117 BPS

Carrier 1-Way 2 -Way DataMth. *

Reception Range Power Track Track Demodulator

Mode (KM) Received (Carrier) (Carrier) (Carrier)
(dbm) (db) (db) (db)

DSIF 71 1,41 x I03 -140.6 12.5 10.5 2,5

DSIF 72 8.3 x 104 -150.7 12.5 10.5 2.5

Acquisition 1.46 x 103 -137.1 0 0 5. O

Acquisition 6.9 x 103 -150.6 12.5 10.5 2.5

05 ft 5.8 X 105 -157.9 12.5 10.5 2.5

Acquisition 1.64 x 104 -137.1 0 0 5.0

Acquisition 7.76 x 104 -150.6 12.5 10.5 2.5

85 f_ 6.69 x 106 -157.9 12.5 10.5 2,5

210ft 2.16 x 107 -159.9 12.5 10.5 2.5

85 ft 5.68 x 108 -157.9 12.5 10.5

21Oft 1.88 x 109 -159.9 12.5 10,5

85 ft 2.32 x 107 -157.9 12.5 10.5

210 ft 6.3 x l07 -159.9 12.5 10.5

I
85 ft [2.5 x 108 -157.9 12.5 10.5

210 R 2.9 x 108 -159.9 12.5 10.5

85 _ 1.62 x 108 -157.9 12.5 10,5

210 _ 5.30 x 108 -159.9 12.5 10.5

117 BPS

117 BPS

14983/117 210 R l. 95 x 108 -140.1 26.3 24.3

7467/117 210 _ 2.75 x l0 q 143.1 23.3 21.3

3733/117 210 tt 3.9 x 108 -146.1 20.3 18.3

7467/117

3733/117

933/29

210 fl 1.3 x 108 -143.1 23.3 21.3

210 R 1.75 x 108 -146.1 20.3 18.3

210 _ 2.5 x 108 -152.1 14.3 12.3

37_3/'117 ZlO _ t. kl X i0 _ -i45. i 20.3 18.3

933/29 210 _ 2.21X 108 -152.1 14.3 12.3

7 BPS 85 ft 7.24 x 107 -167.2 7.0 5.0

7 BPS 210 ft 2.4 x 109 -169.2 7.0 5.0

* Range at which performance of weakest channel equals the sum of the negative tolerances in that channel.

2.5

2.5

2.5

2.5

2.5

2.5

2,5

2.5

16.3

!3.3

10.3

13.3

10.3

4.3

10.3

4.3

0

o

Data Sync

A A

(db) (db)

Data Sync
Subcarrier B B Figure

(db) No.
(db) idb)

3.0 0 7.2 A-I

3.0 0 7.2 A-9

16.5 13.5 20.7 A-3

3.0 0 7.2 A-4

3.0 0 7.2 A-5

16.5 13.5 20.7 A-6

3.0 O 7.2 A-7

3.0 0 7.2 A-8

3.0 O 7.2 A-8

3.0 0 7.2 A-9

3.0 0 7.2 A-9

3.0 0 7.2 A-1O

3.0 0 7,2 A-10

3.0 0 7.2 A-II

3.0 0 7.2 A-11

3.0 0 7.2 A-12

3.0 0 7.2 A-12

10.3 9.0 6.0 13.2 A-13

9.6 I 0.0 2.0 10.2 A-13

8.8 3.0 7,2 A-13

9.6 6.0 3.0 10.2 A-14

8.8 3.0 O 7.2 A-14

7.3 0 0 5,7 A-14

8.8 3.0 G 7.2 A-15

7.3 0 0 5.7 A-15

2.6 [ A-16

2.6 _ A-t6
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TABLE 5-4. SUMMARY OF COMMAND

PERFORMANCE

Minimum
Reception Transmission Channel Figure

XTodt, Mode (SBPSI Range* No.

(Kin)

DSIF 71 1 4.12 x 103 A-17

30 1.93 x 103

I)SIF 72 1 3.4 x 10 6 A-f9

:in 1.59 x ll) 6

%¢quisltlon i 2.54 x 105 A-19

:_o 1. 19 x l(15

Acquis,tmn 1 2.34 x 106 A-2O

3o 1. 1 x 106

_-_ It loll kx_ 1 1.8 x 108 A-21

30 0.9 x 108

_5 ft/100 k_ 1 5.26 x 10 q A-22

:{(I 1._ x 10 q

210 ft 'lOO kw 1 7.95 x 199 A-23

30 3. 72 X 1(I _

_5 ft 10(I kw 1 2.11 X 10 '_ A-24

30 1.11 x 10 "_

_,5 ft/400 kw 1 4.22 x 10 _ A-25

30 '2,22 x 108

210 ft, 100 kw 1 6.3_ x l0 q A-26

30 2, 99 X 10 _4

q5 ft_100 kw 1 3.0 x 10 _ A-27

30 2. _ X 109

Ili_h-Gain q5 ft/100 kx_ 1 5.5 x 10 9 A-29

30 2.57 x 109

• Ran_,. at whi(.h p,.rformanc,, margin ol ,_,.akest channel equals the sum of the

negative tolerances in that channvl. Minimum carrier power received and

wor_t-caaeperformance margins at this range are as follows:

I SBPS 30 SBPS

('arrier po_er -142.4 dbm -1411.3 (ibm

-'-_av track 5.7 (lb 7.6 dh

Data demodulat_)r ¢(?arri(.r) 0.0 db 1.9 db

Data o. 7 db 0.0 db

Subcarrier t_.7 db O. 0 dh

P a r ,'L_ I l it

Pa rn_,_ flic

Parasitw

Primar_ I o_ -Gain

Primary I ,_x_ -(ia_n

Primar_ I ,)w (lain

Primary I ox_ -Gain

Secondary 1 ow-Gain

S(.condarv low Gain

'_econdarv I ow-Gain

Medium -Gain

5.3.3 Nominal Threshold Signal Level. The

nominal threshold signal level shall be the

received signal level required to achieve a

specified threshold signal-to-noise ratio in

the effective noise bandwidth of the detector

or demodulator given the system noise spec-

tral density.

5.3.4 Threshold Signal-to-Noise Ratio. The

threshold signal-to-noise power ratio shall

be the signal-to-noise ratio required at the
detector that will result in the minimum ac-

ceptable system performance,

6.0 PHYSICAL CHARACTERISTICS. The

detailed physical characteristics are speci-

fied in the individual subsystem functional

descriptions.

APPENDIX A. PERFORMANCE CURVES

Appendix A contains performance curves (Figures A1 through A-29) for the telecommunication

links for both the prime modes and major backup modes of operation. Two sample design

control tables (Tables A-1 and A-2) are also included to define parameters and to indicate the

method of calculation.
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D

TABLE A-I. SAMPLE DESIGN CONTROL TABLE (TELEMETRY)

Channel 14933/117 BPS, Mode 50W, Hi-Gain/210 ft.

No. Parameter

-_-_ Transmitting Antenna Gain

4_
5

7

6

9

I0

,11

1

15

16

17

18 i

Total Transmitter Power

Transmitting Circuit Loss

Transmitting Antenna Pointing Loss

Space Lass

2295 MC, R 108 KM

Polarization Loss

Receiving Antenna Gain

Receiving Aateuna Pointing Loss

Receiving Circuit Loss

Net Circuit LOSS

Total Received Power

!_eeetver Noise Spectrat Deaslt-j (N/B}

T System = 35"K

Carrier Modulation Loss

Received Carrier Power

Ctrrter APC Norse EN_ 12BLO = 40 cgs)

CAP_RIER PERFORMANCE-TRACKING (one-way_

Threshold SNR in 2RLo

Threshold Carrier power

Performsmee Margin

CARRIER PERFORMANCE-TRACKING Itwo-way}

Threshold SNR in 3BLo

Threshold Carrier Power

Performmtce Margin

CARRIER PER FORMANC E -TEL EM ET_Y

Threshold SNR tn 2BLO

Threshold Carrier Power

Performance Margin

DATA CHANNEL A

Modulation LOss

Received Dlta S_arrter P<l_er

Bit Rate (l/T)

Required ST/N/B

25

26

27

28

TABLE A-2.

Channel 15BPS, Mode 85 ft; 100 k'w/Hi-Gain

parameter

Value rolera

47.0 .0

-3.0 L2

32.5 L4

-1.5 ..5

-259.7 ).O

0.0 ).0

61.9 i._

-0.3 ).3

O.C ).C

-170. I 3.1

-123. ] 4._

-183. •_ 0.(

-6.( 1,:

-L29. : O.q

16._ 0.1

0.1 0.

-166., O.

37.: -%5

2. .0.0

-164. .0, O

85. _7,5

10. ,0.0

-156. +0.0

27. +7.5

-2. +0.5

! -lgS. +5.3

41. *0.0

5, +0,5

ce I NO.

.0 29

L5 30

).6

).0 31

L0

33

).10

t.O

).0

_.O

3.2

37
3.2

38
1.0

39

40
1.7

41
4.9

42
0.5

43
,0.0

44
1.5

46
.4.9

46

47

-0.0
49

-1.6

-4.6

49

5O
-O. 0

61
-1.6

-4.9

53

54

-0.6

-3.8

-0.0

-0.5

Parameter

Threshold Subcarrler Power

performance M srgin

SY'NC CHANNEL A

Modulation LoaS

Receiver SYNC 6ubcarrier Power

34

35

36 I

SYNC APC Noise BWi2BLo 311.2 cps)

Threshold SNR in 2_LO

Threshold Subcsrrier Power

performance Margin

SD BCARRIER PERFORMANCE

Modulation Loss

Received Subcarrier Power

Subcarrier APC Noise BW(2BLo = 1 cps)

Thremhold SNR in 2BLo

Threshold Subcarrier Power

performance Margin

DATA CHANNEL B

ModtflaUon Lois

Received DIte Subcmrrte_ Power

Bit Rate (l/T}

Required ST/N/B

Threshold Suhcarrter Power

Perfomav_ve Margin

SYNC CHANNEL B

MOdul atlon Lo_s

Receiver SYNC Subcarrier Power

SYNC APC Noise BW(2BLO = 1 clm)

Threehold SNR in 2BLO

Threshold Subcarrier Power

Performance Margin

COMMENTS:

SAMPLE DESIGN CONTROL TABLE (COMMAND)

CARRIER pERFORMANCE-TRACKING (one-way)

Threshold SNR in 2BLo

Threehold Carrier Power

per_orvatnce M _lltu

CKRRIEIt PERFORmAnCE-TRACKING (_o-w_)

Thremhold 8NR in 2BLO

V_lu(

80.0

0.0

5).1

-0.1

-259.0

-0.3

30.3

-1.3

-3.9

-183.2

-103.2

-166.2

-0.9

-104.1

13, O

2.6

Tolerance

+0.5 ] -O.O
+0.0 -0.0

*1.0 -1.0

+0. t -0. O

+0.0 -0.0

+0.3 -0.4

+1.0 -1.0

• 1.3 -0.0

+0.9 -0.9

+4.9 -3.3

+5.1 -3.3

• l,1 -1.1

.0.2 -0.2

+5.4 -3.5

+0.2 -0.2

I

Lif
* I -0.0

p_rameter

201 Threshold Carrier Power
Performance Margin

CARRIER PERFORMANCE-COMMAND

22 Threshold SNR ttt 2BLO

23 Threshold Carrier Power

24 Performance M trgin

DATA CHANNEL

25 Modulation Lo4S

_6 Recetved Data Subcarrier Power

27 Bit Rate (I/T)

g8 Required ST/N/B

29 Threshold Subcarrler Power

30 Performance Margin

SURCARRIER SYNC CHANNEL

31 Modulation Lass

32 Received 6YNC Subcarrier Power

33 SYNC APC Noise BW (2_h_O = 9.4 tIN)

34 Threshold SNR in 2BLO

35 Threshold Subcarrier power

36 Performsnce Margin

COMMENTS:

falue 1 Tolerance

-135.6 *0. -t.5

0.4 +6. -4.3

2.1 I *O. -0.0

-lg3.2 l+5. -3.8

0.5 I _0. -0.4

:6.9 I *O.0 -0,0

-145.8 *0. -I. 4

_0,6 [+6. -4.2

t4.O _1.3 -1,6

-137.1 ¢'6,0 -4.8

0.0 0.( -0.5

26.2 0.( -0.O

-157.0 O.( -1.5

19.9 "7.l -4.8

-14.O _1.3 -1.6

-137.1 _6.0 -4.6

20.7 _0.0 -0.0

8.0 _0.5 -0.5

-154.5 _0.5 -1.5

17.4 ;,7,5 -5.3

-14.0 +1.3 -I.60

-137.1 +6.0 -4.8

0. O +0.4 -0.4

2t.6 +O,O -0.0

-161.6 +0.4 -1.4

24.5 +7.4 i -5.3

I i
Value Tolergnee 1

-149.4 +1.3 -1.3

45.3 +6.7 -4.8

8.5

-144.7

40.6

I m Total Transmitter Power

2 i Tranamittin_ Circuit LOss

3 Transmitting Ante_a Gain

4 Trar_mi_ttng Aureola Pointing Loss

5 Space Loss

2113 MC, R = 10 8 KM

6 Polarization

7 _eCelv_ug Ante_ Gate

8 Receiving Antenna Pointing LOss

9 Receiwlng Circuit Loss

I0 Net Circuit LOSS

11 Total Received Power

12 Receiver Noise Spec_ Deltsity (N/B)

T System = 1750°K

13 i Carrier Modulation LOSS

14 R_etved Carrier P_wer

15 Carrier APC Noise BW (2BLO = 20 cpa)

16

17

15

19

-9.2

-112.4

O.O

13.2

-153.0

40,6

-9.2

-112.4

-4.0

16.4

-153.

I 41.4

0 -0. O

3 -1.3

7 -5.6

.6 -0._

.7 -4.0

.O -O,O

.0 -O,0

.1 -'..X

.8 1-5,1

_.8 [-0,7

;.7 -4.0

L8 -0.8

L0 _0.0

L.9 -1.9

1.0 -6.9
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Figure A-3. Link Performance Versus Range (Telemetry)
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Figure A-4. Link Performance Versus Range (Telemetry)

43



VC233FD101
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Figure A-5. Link Performance Versus Range (Telemetry)
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RADIO SUBSYSTEM

1.0 SCOPE. This document is a functional description of the 1971 VOYAGER Radio Sub-

system and its components. Its purpose is to provide detailed information on the subsystem

configuration, indicate the expected performance, and define subsystem interfaces with other
spacecraft elements.

2.0 APPLICABLE DOCUMENTS. Reference to the following documents is required for com-
pleteness in this description.

VB233FD102 - VOYAGER Radio Subsystem.

VB233A__102 -Alternate Mechanizations Considered, Radio Subsystem.

Final Report (WF2840) S-Band Transponder, Mark I, 20-Cycle Bandwidth, JPL Contract

No. 950413, Motorola, Inc., July, 1964.

VC233FD103 - Command Subsystem.

VC220FD109 - Telemetry Criteria

3.0 S-BAND RADIO. This section describes the S-band portion of the radio subsystem.

The capsule relay antenna is included.

The proposed Radio Subsystem is designed to satisfy the requirements of the "VOYAGER

Performance and Design Requirements Specification" dated 9/17/65 and the "VOYAGER 1971

Preliminary Mission Description" dated 10/15/65. These requirements are summarized
here.

The VOYAGER Radio Subsystem is required to perform the following basic functions:

a. Receive the RF signal transmitted to the spacecraft from the DSIFo

b. Coherently translate the frequency and phase of the received RF signal by a fixed

ratio (240:221).

c. Demodulate the received RF signal and send a compusite command _,,_'_1 to ,h_....

Command Subsystem.

d. Transmit a modulated RF signal to the DSIF stations, using the translated RF signal

(from item b above} or an independent frequency source.

e. Phase modulate the transmitted signal with a composite telemetry signal.

f. Receive and re-transmit a range code signal via a turnaround ranging channel.

In performance of these functions, the subsystem configuration is further constrained by the

following additional requirements:

a. The nominal transmitter power level shall be 50 watts.

b. Up-link communications with the spacecraft shall be accommodated from prelaunch

through end-of-mission by a low-gain nonsteerable antenna.
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Ce Capability for downlink communications with the spacecraft from prelaunch through

end-of-mission shall be provided. During the cruise phase of the mission, the link

shall support a science data rate of not less than 2.5 x 106 bits per day, with a de-

sign goal of 5 x 106 bits per day. At the end of the six-month orbital phase of the

mission, the link shall support a science data rate not less than 5 x 107 bits per day

with a design goal of 108 bits per day.

3.1 Subsystem Description. A block diagram of the proposed Radio Subsystem is shown in

Figure 3-1. The configuration shown combines three transmitters and three receivers in

redundant fashion to ensure reliable performance of subsystem requirements. A condensed

list of radio components is given in Table 3-1.

The equipment listed is connected as shown to provide a conservative and uncomplicated ap-

proach to the Radio Subsystem design. General considerations of the design are reviewed in

the following paragraphs.

No single failure of the Radio Subsystem will result in failure to achieve mission objectives.

Multiple backup modes are provided for all required functions.

The antennas selected include a steerable high-gain antenna which provides capabiliVy for

transmitting the required science data rates when the spacecraft is operating in the stabi-

lized mode. The medium-gain antenna, which is neither steered nor deployed, functions as

a backup to the high-gain antenna and will support the required science data rates for several
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Figure 3-1. VOYAGER Radio Subsystem, Block Diagram
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TABLE 3-1. SELECTED LIST OF
RADIO COMPONENTS

Component

Mark I S-band Transponder

50-Watt Power Amplifier

3-Watt Solid State Power Amplifier

7.5-Foot High-Gain Antenna

Primary Low-Gain Antenna

Secondary Low-Gain Antenna

Medium-Gain Antenna

Diplexer

Hybrid Coupler Assembly

Antenna Switch

Quantity

months in Mars orbit. During early phases

of the mission, normal communication is

via the primary low-gain antenna which is

selected to provide nearly hemispherical

coverage, symmetrical about the roll axis.

The secondary low-gain antenna provides

the greatest angular coverage for maneuvers

and emergency conditions. A fixed low-gain

antenna is provided for the Relay Subsystem
for use during capsule descent from orbit.

Capability for transmitting telemetry is a

primary consideration, and multiple backup
modes are provided. Each of the three ex-

citers may be used as a source for two of the three power amplifiers. Similarly, the power
amplifiers may be connected in multiple combinations to the four antennas shown.

Two of the three power amplifiers operate at the specified level of 50 watts. Two devices,

the TWTA (traveling wave tube amplifier) and the ESFK (electrostatically focused klystron),

are being considered for this application. A parallel development program will be initiated

for these devices and their performance will be evaluated before a selection is made. Pos-

sibly, both devices will be used to guard against generic failures.

The third power amplifier is a solid-state unit operating with a minimum output of 3 watts.

The development of a reliable device operating at this level is considered to be reasonable

for VOYAGER. The 3-watt amplifier will be used from launch until acquisition when the
high-gain antenna with a 50-watt amplifier will be used. In the event that both 50-watt am-

plifiers fail or that a power shortage preclude_ their operation, considerable science data

can be transmitted during the orbit phase by using the 3-watt amplifier and the high-gain
antenna.

The performance of the design has been evaluated on the basis of the amount of data which

can be transmitted during ....... _ ....... ++_ _h .... • +h,_ ,_nn l'),,ring this phase, thebIlf_ UJ. U.Lb U._iJ_J.C_L_L.,L'JLJ. _F-,'LI_._..*, v_ _.+_ .+. ..............

primary mode of operation will be with 50-watt amplifier No. 2 and the high-gain antenna.

Backup for the high-gain antenna is provided by the medium-gain antenna. Should the 50-

watt power amplifier fail, backup is provided by the alternate 50-watt amplifier or the 3-watt

solid-state amplifier. Figure 3-2 shows data rate capability as a function of days in orbit

for the primary mode of operation and the major backup modes. Note that the required

science rate is easily sustained in the primary mode and each of the backup modes will

support the lowest data rate of 933-1/3bps for several months in orbit. The datapresented is

for adverse system tolerances (i.e., the data rates shown are "grey out" rates).

Up-link communication is accommodated by three receivers. These receivers operate on

separate frequencies and each remains ON at all times. From prelaunch until separation,

communication is restricted to Receiver No. 1 via the primary low-gain antenna and a

parasitic shroud antenna. After acquisition of Sun and Canopus references, any of the three

receivers may be used for command purposes at any time. During periods when the

3
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Figure 3-2. Data Rate Capability Versus

Days in Mars Orbit

spacecraft is unstabilized, operation is re-
stricted to Receivers 1 and 3 which are

normally connected to the primary and

secondary low-gain antennas, respectively.

Table 3-2 summarizes the performance of

these modes for various command rates and

ground station configurations. The data pre-

sented is based on adverse system tolerances,

except that antenna gains for normal space-

craft attitude were used.

Each of the receivers is combined with an

exciter in the form of a Mark I S-band trans-

ponder. The transponders will be the same

design used on Mariner C, with minor modi-

fications directed primarily at achieving

greater reliability and improved perform-

ance. When operated in the coherent mode

for two-way tracking, the transponder

translates the frequency and phase of the

received signal by the required ratio of
240:221. When the receiver is not phase-

locked to a signal from earth, the exciter auto-

matically derives its source from an auxiliary

noncoherent oscillator. Each of the transponders is equipped with a turnaround ranging channel

which may be turned ON or OFF by command.

The number of RF switches used is minimal when the amount of equipment is considered.

There is a maximum of two RF switches in a given transmit path. During a normal mission

these switches would never be energized. The use of RF switching for the interface between

the exciters and power amplifiers is avoided by using a strip transmission line hybrid-

coupler assembly. Whenever possible, switching operations are performed in the component

power supplies.

TABLE 3-2. RADIO SUBSYSTEM

COMMAND CHANNEL

PERFORMANCE

Spacecraft Low-

Gain Antenna

l )rima ry

l ) rimary

_econda ry

Secondary

])rimar_

Primary

Soctindary

Secondary

I  , W,L7,t
i

3,t

I

3O

I

30

1

30

Minimum*

Range (kin)

1.8 x 108

0.9 x 108

2.11 x 108

9.9 x 107

7.95 x 108

3.72 x I08

6.38 x 10 8

2.98 x 108

Automatic switching for the radio subsystem

is intentionally limited to essential oper-

ations. The objective was to maintain a

simple and conservative approach yet satisfy

the requirements for an automatic space-

craft. The only switching operations are the

changeover from the 3-watt power amplifier

and primary low-gain antenna combination to

the 50-watt amplifier No. 2 and high gain

antenna, and the change to the secondary low

gain antenna and 50-watt amplifier No. 3

during maneuvers. The choice of receiver
and exciter for normal cruise operation is

optional. One possibility is to receive via

G round

Antenna/Powe r

(Kw)

85'/i00

85'/100

85'/|00

85'/100

210'/100

210'/100

210'/lO0

210'/100

* Assumes Adverse System Tolerances

4
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O
the primary low-gain antenna and transmit via the high-gain. Another alternative is to re-

ceive and transmit via the high-gain. Selected failure mode switching designed to preserve

telemetry would also be implemented, but the number of modes would be limited to reduce

the complexity of the design. All other failure switching would be performed by command
from the DSIF stations.

3.1.1 Antennas

3.1.1.1 High-Gain Antenna. The high-gain antenna is a rigid 7.5-foot diameter parabolic

reflector having a 28.8-inch focal length. Studies of various antenna types, both rigid and

erectable, have shown that the parabolic reflector meets all electrical and mechanical per-

formance requirements and is the _most simple and conservative high-gain antenna approach

for this application. A reflector of honeycomb sandwich construction would provide the

smallest, lightest, and least complex antenna assembly. However, overall spacecraft sys-

tems considerations, including solar pressure, prohibit the use of a solid surface reflector.

Accordingly, a mesh type construction is employed to reduce the opaque frontal area of the

antenna. The reflector surface is formed of aluminum mesh supported by a framework of

six radial ribs and three rings as illustrated in Figure 3-3.

The high-gain antenna feed is a turnstile radiator located at the focus of the parabola. De-

tails of this feed, basically the same as that used for the Mariner C high-gain feed, are shown

in Figure 3-4. The antenna has two orthogonal axes of freedom with respect to the space-

craft. The antenna can be rotated 170 degrees about the main gimbal axis which is parallel

to the vehicle y-axis. Limited motion (_-15 degrees) about the second gimbal axis then per-

mits the high-gain antenna beam to be directed at Earth throughout the life of the mission

with the vehicle in the cruise attitude. By providing a capability for 225 degrees rotation

about the y-axis, the antenna could also be directed at Earth during maneuvers for any ori-
entation of the thrust axis (z-axis). This would be accomplished by rotation of the antenna

about the main gimbal axis, and rolling the vehicle about the thrust axis.

3.1.1.2 Primary Low-Gain Antenna. The primary low-gain antenna is a crossed-slot radi-

ator similar to the Mariner C low-gain antenna as illustrated in Figure 3-5. The slot

parameters and other physical details are modified slightly to provide a more neaiqy
hemispherical radiation pattern.

ATTACHMENT--

ARM \

SUPPORT RINGS

.EE0 \\

FEED SUPPORT TRUSS

3o. _:O_oF

I

Figure 3-3. High-Gain Antenna Figure 3-4. High-GainAntenna Feed Detail
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The crossed slots are fed through a low-loss, circular waveguide section which also
serves to support the radiator at a sufficient distance from the vehicle to minimize pattern
obstruction and distortion within ±110degrees of the antennaaxis. Designand location of the
circular waveguidesection must take into accountthe effects of any thermal distortion which
might occur during enginefiring. The antennawill be installed on the solar panels near the
-x axis. It is canted25degrees from the -z axis to reduce the effects of reflections from
the nozzle, as well as to minimize the portion of the pattern that is blocked by the nozzle.
The resulting pattern coverageenables the primary low-gain antennato be used during ac-
quisition of attitude references and during early cruise phasesfor the worst case trajectories.
A gain of at least 0db will be available in the cruise mode during all but very early mission
periods. During prelaunch and launch phases, energy is coupledthrough the primary low-
gain antennato a parasitic antennaon the shroud.

3.1.1.3 Secondary Low-Gain Antenna. The secondary low-gain antenna consists of four

dipole elements spaced 90 degrees apart around a combination feed and support structure

as shown in Figure 3-6. The four dipoles are fed in phase and oriented at about 30 degrees

with respect to a plane containing their centers. The radiation pattern of this antenna is

approximately toroidal in shape and circularity of polarization is excellent over most of the

pattern. Installation is such that the toroidal-shaped pattern lies in a plane parallel to the

vehicle y-z plane (i. e., the antenna axis of symmetry is parallel to the vehicle x-axis). The

antenna is supported at a sufficient distance from the vehicle to provide a clear field of view

over ±45 degrees from the plane of the dipoles. Thus, the pattern of the secondary
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Figure 3-5. Primary Low-Gain Antenna Figure 3-6. Secondary Low-Gain Antenna
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low-gain antennawill enablethe entire 4_ solid angle to be covered during maneuvers if the
vehicle may be rolled about the thrust axis. The secondary low-gain antennaprovides an
excellent pattern for periods of transition betweencruise and maneuver attitudes.

3.1. 1.4 Medium-Gain Antenna. The medium-gain antenna will provide a backup capability

for the high-gain antenna and will support science data for a substantial period in Mars orbit.

It is a Mariner-C type fixed parabolic reflector having an elliptical aperture. The major

axis of the aperture is 46.0 inches and the minor axis is 21.2 incheso The reflector is con-

structed as a rigid, lightweight, aluminum honeycomb sandwich. The feed utilizes two turn-

stile radiators similar to the high-gain antenna feed. These elements are fed through a

strip transmission line power-dividing and phase-shifting network. The antenna will provide

a fan-shaped beam approximately 15.5 degrees by 7.5 degrees wide at the half-power points,
and the peak gain will be 23.5 db. The medium gain antenna will be oriented to maximize the

data return for the encounter period of the mission. This antenna will provide 7433-1/3 bps

for 20 days after an early encounter, and will support the lowest transmission rate of 933-1/3

bps for 120 days after encounter.

3.1. 1.5 Relay Antenna. The design selected for the 400 MC relay antenna is a crossed

dipole over a fiat groundplane as shown in Figure 3-7. Two crossed, half-wavelength dipoles

are fed by a coaxial split balun transformer. One dipole is slightly longer than a half wave-

length, the other slightly shorter to obtain circular polarization on axis. A flat groundplane

spaced a quarter wavelength provides unidirectional radiation. The antenna provides at least

D,POLES

I" COAXIAL

" k _. _COAXIAL

F "i

Figure 3-7. Relay Antenna-Turnstile
Over Ground Antenna

+5 db gain on its axis, tapering off to -0.5 db

at ±60 degrees including polarization loss.

The antenna assembly is fi_ed-mounted off

the back of the solar array on the + x side,

pointing 40 degrees away from the + z axis.

The angular clearance to the edge ot a typi-

cal small capsule is more than 60 degrees

off the pattern axis. The antenna is fed by

Type RG-142 coaxial transmission line with

Type-N terminals. For prelaunch checkout

of the complete relay subsystem, an r£ Lest

probe will be attached to the spacecraft and

will be connected to the spacecraft umbilical

by small size coaxial cable (RG-188).

3.1.1.6 Antenna RF Transmission Lines.

The principal rf transmission line used be-

tween the electronics package and the an-

tennas is a semi-rigid, aluminum jacketed

coaxial cable with a 1/2 inch diameter

(Spiroline). For the transitions across an-

tenna deployment axes, RG-142 coaxial

cable will be employed. It will also be em-

ployed at one of the gimbal axes of the high-

gain antenna where the required motion is
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relatively small. Wherever the flexible cable is used, it will be kept sufficiently warm to
insure that flexibility is maintained. A rotary joint will be usedat the main gimbal axis of
the high-gain antenna. The rotary joint will be of the choke-coupled variety andwill not
have metal-to-metal contacting surfaces except for the mechanical bearing. Type N con-
nectors will be used to mate all antennatransmission line components.

3.1.1.7 RF Test Probes. Each of the five antennas will be provided with an RF test probe

to accommodate prelaunch checkout of the complete radio subsystem. These will be small

coaxially-fed stub elements loosely coupled to the spacecraft antennas. The medium-gain

antenna test probe will be permanently mounted to the antenna structure. For the deploy-

able antennas, the test probes can be permanently mounted to the antennas, but in some cases

it may be more desirable to mount the probe on the spacecraft structure so that it will be in

the field of the stowed antenna. The latter approach eliminates the necessity for routing

probe cables across the antenna deployment axes. The RF test probes will be connected

through RG-188 coaxial cable to the spacecraft umbilical connector.

3.1.2 Transponders. Three transponders are used in the radio subsystem design of Figure

3-1. Each transponder consists of a phase-lock receiver, solid state exciter, and their as-

sociated power supplies and is required to perform the following functions:

a. Receive and demodulate an RF signal from the DSIF via the spacecraft antennas.

b. Provide coherent translation of the frequency and phase of the received signal by a

240:221 ratio for coherent two-way Doppler tracking.

c. Provide a turnaround ranging channel which demodulates the range code to base-

band and conditions it for modulation on the transmitted signal.

d. Generate a stable RF carrier at a level suitable for driving the power amplifiers.

e. Modulate the carrier with telemetry and ranging signals.

The proposed transponders have the same basic configuration as the Mariner-C transponder;

however, minor modifications directed at obtaining greater reliability and improved per-

formance will be considered. The basic Mariner-C design is selected for its proven re-

liability and demonstrated performance. A complete description of that design is presented

in the "Final Report, S-Band Transponder, Mark I, 20-Cycle Bandwidth"_ dated July 31,

1964.

A thorough analysis of transponder performance and investigation into known problem areas

is planned. This will include a review of performance history available on the transponders

for Mariner to determine areas of deficiency. Any modifications found necessary or de-

sirable will be carefully reviewed before they are implemented. A condensed description of

transponder operation and brief discussion of modifications under consideration are pre-

sented in the following paragraphs. The areas considered are based on Motorola experience

with the flight transponders for Mariner and Lunar Orbiter. Figure 3-8 is a block diagram

of the transponder for reference during the ensuing discussion. A photograph of the Mariner-C

configuration is shown in Figure 3-9.

8
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3.1.2.1 Receiver Description. The receiver is the familiar phase-lock design with a nomi-

nal noise figure of 8 db and a carrier threshold sensitivity of -153 dbm. As indicated pre-

viously, the characteristics are essentially those of the Mariner C receiver. The noise

bandwidth of the carrier tracking loop is adaptive to received signal level, and varies from

20 Hz at receiver threshold to 233 Hz for strong signal inputs. This provides capability for

tracking high Doppler rates at strong signal strength, and preserves the narrow bandwidth

desirable near threshold. The loop transfer characteristics at threshold are patterned after
the mathematical model:

H(s) =

3
i+-- S

:+3- s+ 9_ s2

4_L 32flL2

where 2ill is the two-sided loop noise bandwidth.

A coherent AGC system which responds only to the received carrier level provides an ac-

curate analog of received signal strength for telemetry purposes. In addition, it serves as

an indication of receiver lock and, as such, exercises control over the signal source for the

transponder exciter. When the receiver is phase-locked to a signal from DSIF, the exciter

derives its source from the coherent receiver Voltage Controlled Oscillator (VCO). Alter-

nately, when the receiver is out of lock, as indicated by the absence of receiver AGC, the

exciter is automatically switched to derive its source from a more stable auxiliary crystal
oscillator.

Demodulation of command information on the received signal is an auxiliary function of the

phase detector in the carrier tracking loop. By virtue of the phase relationships necessary

for receiver lock and the bandwidth established, the command subcarrier appears at the

carrier loop error point. After suitable conditioning, this information is passed on to the

command subsystem.

Because of the position of the command spectrum and the adaptive characteristic of the trans-

ponder carrier loop, some filtering of the command signal can occur when the received sig-

nal strength is high. The effect of this filtering has been analyzed and the results are pre-

sented in "Command Subsystem," CII-VC233FD103. The analysis indicates that distortion

of the command spectrum which might be introduced by the proposed carrier loop design

would not adversely affect the performance of the Command Subsystem. Also, analysis

has shown the command spectrum will not adversely affect the transponder performance or

the performance of the DSIF receiver, Doppler, or ranging subsystems.

3.1.2.2 Receiver Modifications. The most significant modification under consideration for

the receiver is the development of a low noise RF mixer with a nominal noise figure of 8 db.

Advances in the state-of-the-art since completion of the Mariner design indicate this goal

can be obtained along with a substantial improvement in reliability. The diode contacts used
in the present mixer package are recognized as a weak area. The X36 Local Oscillator (LO)

10
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multiplier would be redesigned as part of the mixer package in a configuration which reduces
LO spurious outputs. Other minor modifications being considered for the receiver include:

al

bo

Co

Modification of the first I-F amplifier to extend its dynamic range and reduce its

noise figure.

Modification of its frequency divider to eliminate potential instabilities in the cur-

rent design.

Modification of the AGE dc amplifier to improve the temperature stability of the

current design.

Investigation of known deficiencies in the following areas is also planned:

a.

Do

Co

The receiver out-of-lock frequency drifts considerably with time and temperature.

The source of drift will be determined and corrected, if possible.

The time delay of the turnaround ranging channel has been known to vary with

temperature and is not reproducible from unit to unit. The channel will be analyzed

to determine the source of instability.

The monitoring point lead filtering and power lead decoupling will be examined to

determine whether low frequency susceptibility and rfleakage can be further reduced.

3.1.2.3 Exciter Description. The exciter portion of the transponder generates a stable

S-band modulated carrier at a level which is suitable for driving the power amplifiers. The
_.l for theo,s,._ source carrier may be either the coherent receiver vco or the stable self-

contained auxiliary crystal oscillator. Figure 3-8 shows the physical as well as functional

breakdown of the exciter. Two modules, the auxiliary oscillator and the X30 multiplier, are

used. The auxiliary oscillator module contains the alternate crystal oscillator, a X4 multi-

plier, and the exciter phase modulator. The modulator accepts preconditioned telemetry and

ranging signals and modulates them on the carrier at indices up to 4.0 radians peak when

converted to S-band. The modulator bandwidth extends from dc to 2 MHz. The X30 multi-

plier module amplifies the modulated signal and multiplies it by a factor of 30 to provide the

_ -- U(_I-IIU, U U. b.mJ U. (a .

3.1.2.4 Exciter Modifications. The development of a new X30 multiplier for the exciter is

considered essential. The current design is known to exhibit excessive nonharmonic spur-

ious outputs under certain conditions of temperature and supply voltage. These spurious

outputs can cause false lock when the turnaround ranging channel is open. An alternate ap-

proach which does not exhibit these instabilities has been under development at Motorola for

some time. Its operation is essentially as follows.

The X30 multiplier is required to convert a 0 dbm signal at 76.5 MHz to a 26 dbm signal at

2295 MI-Iz. Figure 3-10 is a block diagram of the alternate design being considered. The

input signal is coupled through an isolation amplifier to a X2 transistor frequency multiplier.

Both of these stages provide gain; however, a two-stage transistor power amplifier at 153 MHz

provides the major amount of power to drive the X15 varactor multiplier chain. The varactor

multiplier chain requires a nominal input of 2 watts at 153 MHz to produce 0.5 watt of output

11



VC233FD102

153 MHz
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Figure 3-10. Block Diagram of the X30 Module of the Transmitter-Exciter

power at 2295 MHz. The X5 varactor multiplier is a lumped constant circuit with a three-

section helical resonator filter at the output. The X3 varactor multiplier is a distributed

constant strip transmission line circuit which contains a three-section interdigital bandpass

output filter. This basic configuration has been successfully employed in the LEM Trans-

ponder to produce 1.4 watts at S-band, and in the Apollo Block II Transponder to deliver 0.6

watt. A similar design produces 0.2 watt in the FM transmitter of the Apollo Block II system.

This design has demonstrated reliable, stable, and efficient operation over extended temper-

ature ranges. A 3-db bandwidth of 90 MHz at the output frequency is being realized on the

Apollo hardware with adc to rf efficiency of nearly 15%.

All spurious harmonic outputs are down 60 db at the transmitter output terminals with no

evidence of the parametric instabilities which can cause "ring-around" or "false-lock"

problems in the transponder. All components have been well derated to comply with Apollo

reliability design goals. With a 50°C heat sink temperature, no semiconductor has an op-

erating junction temperature greater than 75 ° C. The components are plotted in polyurethane
foam for maximum resistance to mechanical stresses.

Additional modifications to the exciter would include changes in the auxiliary oscillator module

to obtain improved oscillator stability and to reduce the variations in sensitivity of the phase

modulator. This transponder module has already been redesigned for the Lunar Orbiter trans-

ponder and the improvement verified. The development of low-noise oscillators for both the

auxiliary oscillator and the vco is also planned. These oscillators would allow the use of nar-

rower tracking bandwidths in both ground and flight receivers. Finally, an additional output

from the auxiliary oscillator module at 76 MHz will be required for driving the 3-watt solid

state power amplifier.

3.1.2.5 Receiver and Exciter Power Supplies

The power supplies for the transponder are proposed as shown in Figure 3-11. They are re-

quired to perform the following functions:

a. Furnish regulated and filtered +15 vdc and -15 vdc to the receiver

b. Furnish regulated and filtered -15 vdc and -25 vdc to the transmitter

c. Permit remote switching of dc power to the turnaround ranging channel

d. Permit remote switching of power to the receiver and the exciter.

The Mariner C transformer-rectifier unit will be used as a basis for this design. Series

regulators will be used to provide filtering and regulation for each output. Overall power

supply efficiency will be approximately 75%. The filtering now provided in the transponder

is effective primarily at radio frequencies. As a result, the power supply must be well regu-

lated to reduce the receiver and exciter susceptibility to low frequency ripple and transients.

12
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The undesirable effects of insufficient regu-

lation and filtering are distortion of the re-

ceiver command output due to receiver vco

frequency modulation and modulation of the

down-link carrier because of the high gain

in the video section of the turnaround rang-

ing channel. The low frequency suscepti-

bility problem is most economically solved

by the addition of regulation in the power

supply.

3.1.3 Power Amplifiers. The proposed

VOYAGER radio subsystem uses three

power amplifiers. Two of these amplifiers

operate at the specified output level of 50

watts. The third amplifier is a 3-watt solid-

state device which satisfies the requirements

of early mission phases and serves as a

backup during the orbit phase.

3.1.3. ! 50-Watt Power Amplifier. _Two de-

vices are being considered for the 50-watt

Figure 3-11. VOYAGER Receiver and application, the TWTA (traveling wave tube

Exciter Power Supplies amplifier) and the ESFK (electrostaticaUy

focused Idystron). A survey of the 50-

watt devices available indicates these are most suitable for VOYAGER. The nominal gains

of the ESFK and TWTA are 26 db and 30 db respectively. This maintains exciter drive

requirements at a reasonable level. Both operate at relatively high efficiencies near 35%.

Prototype models of these tubes have already been built and operated at power levels in the

50- to 100-watt range. The most significant argument in favor of the TWTA is the fact that

it is presently being used in many of the major space programs and has been flight proven.

The ESFK, although not yet flight proven, offers potentially the highest efficiency. Also, it

does not have an external magnetic i ieid.

Both the TWTA and the ESFK will require development efforts. Although prototypes have

been built, these models do not yet satisfy the requirements for VOYAGER. The power am-

plifier for VOYAGER must operate efficiently to conserve spacecraft prime power and to

minimize thermal dissipation. This calls for improvements in the tube design such as de-

pressed collectors, greater thermal dissipation from the collector, and higher beam effic-

iencies. The power supply must be improved to more efficiently convert do power to usable

power for the tube. Other areas in the amplifier design requiring development effort include

size and weight reduction, temperature stability, and external magnetic field reduction. The

development program for a 50-watt power amplifier for VOYAGER will be a parallel effort

between a TWTA manufacturer and an ESFK manufacturer. The parallel development called

for is to insure against failure of one type of device to meet the VOYAGER schedule. The

final selection of a specific power amplifier will not be made until a valid comparison of the
devices is complete.

13
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3.1.3.2 Three-Watt Solid State Power Amplifier. The 3-watt solid state amplifier will also

be a development effort; however, the goal is considered practical and can be achieved well

within the cons traints of the VOYAGER schedule. Some of the factors which led to the se-

lection of this device for the third power amplifier are:

a. The solid-state device can be safely operated during the launch phase of the mission

eliminating the need for a separate launch beacon for telemetry.

b. The use of a single device from the prelaunch phase into the cruise phase eliminates

the need for switching operations and allows convenient diplexing with a receiver to

accommodate up-link communications during this period of the mission.

c. Operation at a power output level of 3 watts, when used with the high gain antenna,

will provide a good backup for the transmission of science data during the orbit

phase (See Figure 3-2).

d. Three watts is a reasonable level for advanced solid-state amplifier-multipliers

operating at S-band.

Motorola is currently working on S-band power amplifier - multipliers operating at these

levels and above. The proposed device is a X30 multiplier which would be used in place of

the standard X30 multiplier in the transponder exciter. The transponder design would be

modified to provide a suitable output for driving the new multiplier. General considerations

of the 3-watt power amplifier design are presented in the following paragraphs.

A block diagram of the proposed configuration is shown in Figure 3-12. The required fre-

quency multiplication (X30) is the same as for the exciter X30 module; however, the multi-

plication order of the individual stages must be altered to accommodate the higher output

power of +35 dbm. A X5 frequency multiplier operating between 153 MHz and 765 MHz

cannot reliably handle more than 10 watts of input power. To overcome this limitation, it is

necessary to put X3 and X2 multiplier stages at the high power levels and to perform the basic

transistor power amplification at 383 MHz. The required input power for the varactor

multiplier chain is 12.5 watts. Recent investigations have shown that reliable and efficient

transistor amplifiers can be built for this application.

As shown in Figure 3-12, the X5 varactor frequency multiplier follows a buffer amplifier and

operates at a relatively low power level. The output of the X5 multiplier is carefully filtered

to minimize spurious outputs of the transmitter. T he basic power amplification is then per-

formed at 383 MHz prior to the X3 and X2 varactor multiplier stages.

383 MHz

+ 41 DBI,1

- H_D,,_ H _1 I---_THTRAN AMPL VARACTOR TRANS AMPL RANS AMPL TRANS AMPL VARACTOR VARACTOR +35 DB_I0 DB_A I MULT MULT MULT | 2295 MHI

,j

Figure 3-12. Three-Watt Solid-State Power Amplifier
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The power amplifiers, the X3 multiplier, and the X2 multiplier will be built in dielectric

loaded strip transmission line in order to reduce size, maximize efficiency and to allow

reliable reproduction of the design. Conventional lumped constant circuits will be used in

the buffer amplifier stage and X5 frequency multiplier stage.

A similar design is currently under development under a company sponsored program. As

part of this effort, a 375 MHz power amplifier is being designed to deliver 40 watts of power

to a X6 multiplier chain. A 10-watt output at 2250 MHz is the design goal of this transmitter.

This effort is scheduled to be completed by April 1966. The power supply for the 3-watt

power amplifier will be similar to the transponder power supplies described in Section

3.1.2.5. A design goal of the proposed power supply will be an efficiency of 80%. When

combined with the efficiency of the amplifier, this results in a maximum power drain of
50 watts.

3.1.4 Diplexero The principal function of the diplexer is to provide low-loss coupling of a

transmitter and receiver to a single antenna. It also performs essential filtering of the re-

ceived and transmitted signals. Three diplexers are used in the proposed radio subsystem

to perform these operations in a manner which minimizes circuit losses and simplifies

switching requirements. The specifications established for these diplexers are shown in
Table 3-3.

The factors of this specification which control the diplexer design are those which specify

rejection of unwanted signals. The approach taken was to minimize the passband insertion

loss within these constraints. The insertion loss specified assumes the use of resonators

with an unloaded Q of 4000. This will require a coaxial resonator having an inside diameter

of 1.5 inches. The center conductor of the resonator will be about 1.2 inches long, and

if 0.7 inch of clearance is allowed between the free end of the conductor and the enclosure,
the total outside length will be approximately 2 inches.

The transmit arm of the diplexer uses five of these resonators to meet the specified re-

quirements. The approach to the receiver arm is modified slightly so that part of the filter

----Jm_"ha..............ln_t_ in _ fixed relationship_ to the receiver. The purpose is to provide a controlled

TABLE 3-3. DIPLEXER SPECIFICATIONS

Parameter P_eceive Arm Transmit Arm

Center Frequency (fo)

Insertion Loss in the Band,

fo ± 3 MHz

VSWR in the Band,

fo ± 3 MHz

LO Rejection

Image Rejection

Rejection at Transmit Freq.

Rejection at Receive Freq.

Harmonic Rejection

Operating Power Level

2113 MHz

0.8 db maximum

1.2:1 maximum

60 db minimum at

f ± 45 MHz
o

60 db minimum at

fo _ 90 MHz

100 db minimum at

fo * 180 MHz

100 db rain. at 2f°

and 3f °

2295 MHz

0.4 db maximum

1,2:1 maximum

100 db minimum at

fo ± 180 MHz

50 watts

point of reflection for image signals from the

receiver mixer so that the phase of this

reflection can be adjusted for optimum noise

figure. The resulting filter is divided into

two pieces. The required specifications are

satisfied with a broadband three-resonator

filter as part of the diplexer and a relatively

narrow-band preselector assembled as part

of the transponder.

3.1.5 RF Switching. The RF switching for

theRadio Subsystem is accomplished by

ground command and a limited amount of

on-board sequencing. In the nominal mis-

sion modes no RF switching is required.
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Wherever possible, switching functions are performed at the component power supply level,

that is, the exeiters and power amplifiers are switched ON and OFF via their respective

power supply switches (see Figure 3-1). In the event of component failures, the radio

subsystem design allows for operational switching in the RF path. This is provided between

the RF diplexers and the antenna system by two RF transfer switches and a coaxial single-

pole double-throw switch. It is the purpose of these switches to permit antenna selection in

order to preserve near nominal communication links between DSIF and the spacecraft. They

are used only in the event of a subsystem failure.

3.1.5.1 Transfer Switch. The mechanical rf transfer switch was selected for the proposed

subsystem because it allows a simple connection of multiple receivers, transmitters, and

antennas. Other switching techniques considered generally resulted in a sacrifice of a capa-

bility, reliability, or a significant increase in circuit losses. Transfer switches of the type

proposed are now under development for the Apollo program. Two companies, Transco

Products, Inc. and the Electronic Specialty Co. are building prototypes of transfer switches

for Apollo. It should be noted that the switches are activated only in the event of a subsys-

tem failure. A major consideration of the proposed subsystem design was to achieve a

simple configuration with a minimum amount of rf switching. The use of the transfer switch,

as indicated in the design of Figure 3-1, is intended to provide maximum versatility in case

of failure yet maintain a simple conservative connection for the nominal mission.

The proposed switch is a mechanical latching device which would weigh approximately 7
ounces and have the dimensions 1.2 x 1.2 x 1.8 inches. The insertion loss of the switch will

be less than 0.2 db and the isolation between outputs greater than 45 db. The VSWR of the

switch will be less than 1.15:1.

3.1.5.2 Coaxial Switch. The proposed coaxial switch is a mechanical single-pole double-

throw switch. A typical coaxial switch would weigh approximately 6 ounces and would have
the dimensions 2.5 x 2 x 1 inches. The switch action will be make-before-break, thereby

permitting switching with rf power applied.

3.1.5.3 Hybrid RF Coupler Package. To eliminate operational switches in the rf path of the

Radio Subsystem, hybrid couplers were used to provide the interface between the exciters and

power amplifiers. A block diagram of this interface is shown in Figure 3-13. RF coupled

power monitors are utilized at the output of the exciters and the power amplifiers. The out-

put from each power monitor is conditioned for telemetry transmission to assess the per-

formance of a particular exciter or power amplifier. These outputs are also used for failure

mode sensing. To reduce the number of connectors and individual components, the exciter

power monitors, the hybrid couplers, and the 3-db attenuators were combined in a strip

transmission line package as shown in Figure 3-14. The weight of the package will be ap-

proximately 6 ounces.

4.0 INTERFACE DEFINITIONS. This section of the report is a tabulation of Radio Subsys-

tem signal interfaces.
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TLM OUTPUT

EXCITER NO. I

TLM OUTPUT

EXCITER NO. 2

TLM OUTPUT

EXCITER NO.3

i
POllER

MONITOR

I
POWE R

MONITOR

i
P_/ER

MONITOR

!
3DB HYBRID _"'J I TERM.

COUPLER

i ._ 3DB HYBRIDCOUPLER I T° P°wEB
AMPLIFIER NO. 2

I "
! TO POWER

3DB PAD AMPLIFIER NO. 3

Figure 3-13. Exciter-Power Amplifier Interface

4.1 Input Signals

4.1.1 RF Input. The Radio Subsystem is designed to receive and demodulate an rf signal
from the DSIF. Tentative receive frequencies for the three receivers used are:

Receiver

No. 1

No. 2

No. 3

Spaeecraft A

2117. 405092 MHz

2117. 064034 MHz

2116. 722994 MHz

Spacecraft B

2110. 243056 MHz

2110. 584105 MHz

2110. 924154 IVIHz

An additional receiver operating on a fourth frequency would serve as a spare for both space-
craft.

TOPOllER t + TOPO_RARIPLWi(R 3 AEIPt.IF_R 2

P:k /::&

Ti, I
!

?" m POllERMOIMTOR POllERiOICiTOM POMERMONITOR m

I @ @ 0l i
t t +

FROmEXCITER _ FROMEXCITER ] FROMEXCITER |

(A) TOPVIEm

EXCITER 2 EXCITER 3 LXCITER I

POmER POllEN POWER

MONITOR MONITOR MONITOfl

OUTPUT OUTPUT OUTPUT

t t t
(M ._OEvt_

Figure 3-14. Hybrid Coupler Assembly

4.1.2 Telemetry. The Telemetry Subsys-

tem provides a composite telemetry signal

to the phase modulator input of each ex-

citer (three exeiters are used). The com-

posite signal is the linear sum of two sub-

carriers used for transmission of engineer-

ing data and science data. The exciter

phase modulator input impedance is 1000

ohms resistive. The telemetry rates used

consist of the following combinations.

Science Data Engineering Data

Rate (bps) Rate (bps)

14933.33 116.66

7466.66 116.66

3733.33 116.66

933.33 29, 16

Emergency Rate 7.29
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4.1.3 Command. Changes of the Radio Subsystem mode of operation may be achieved by

command from DSIF. This action is performed via the Command Subsystem which provides

a pulse to initiate change of state of the following functions:

1. Exciter No. 1

2. Exciter No. 2

3. Exciter No. 3

4. Power Amplifier No. 1

5. Power Amplifier No. 2

6. Power Amplifier No. 3

7. Receiver No. 1

8. Receiver No. 2

9. Receiver No. 3

10. Antenna Transfer Switch No. 1

11. Antenna Transfer Switch No. 2

12. Backup Antenna Switch No. 3

13. Ranging

on/off

on/off

on/off

on/off

on/off

on/off

on/off

on/off

on/off

Norm/Rev

Norm/Rev

Norm/Backup

on/off

4.1.4 Computer and Sequencer. During the normal operations, the C&S automatically se-

quences the Radio Subsystem through three modes: launch mode, exciter No. 1, power

amplifier No. 1; cruise mode, exciter No. 2, power amplifier No. 2; maneuver mode, ex-

citer No. 3, power amplifier No. 3

4.1.5 Power. The spacecraft power subsystem provides the following inputs to the radio

subsystem:

.

.

A 50-VRMS 2400 Hz square wave from a source regulated ±2% or better. The max-

imum power consumption is 30 watts.

Unregulated power from a 34 to 62-volt dc source. The maximum power consump-
tion is 147 watts.

4o 2 Output Signals

4.2.1 RF Output. The Radio Subsystem is designed to transmit a modulated rf signal to

DSIF. Tentative transmit frequencies assigned to the three exciters used are:

Exciter No. 1

Exciter No. 2

Exciter No. 3

Spacecraft A

2299.444444MHz

2299.074074MHz

2298.703704MHz

SpacecraR B

2291.666666 MHz

2292. 037037 MHz

2292. 407407 MHz

An additional exciter operating on a fourth frequency will serve as a spare for both space-
craft.

4.2.2 Telemetry. Telemetry points of the Radio Subsystem are tabulated in "Telemetry

Criteria", VC220FD109 and, therefore, are not repeated here. These signals are conditioned
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dc data outputs of the Radio Subsystem. The output impedance for all telemetry points is
1000 ohms resistive.

4.2.3 Command. The Radio Subsystem provides a composite signal to the Command Sub-

system from each of the three receivers used. The command channel output impedance is
100 ohms resistive.

4.2.4 Umbilical Functions. RF signals are transferred through the umbilical connector via
rf probes located near each antenna.

4.2.5 Direct Access Functions. The Radio Subsystem provides the direct-access test

points for checkout with the OSE as shown in Table 4-1. These points are provided in addi-
tion to telemetered outputs identified in Section 4.2.2.

TABLE 4-1. DIRECT ACCESS TEST POINTS

Test Point

Receiver No. l AGC

Receiver No. 2 AGC

Receiver No. 3 AGC

Receiver No. 1 SPE (static phase error)

Receiver No. 2 SPE

Receiver No. 3 SPE

Receiver No. I DPE (Dynamic phase error)

Receiver No. 2 DPE

Receiver No. 3 DPE

Receiver No. I ÷15v

Receiver No. 1 -15v

Receiver No. 2 +15v

Signal Charactc ristics

dc

dc

dc

dc

dc

de

Signal + Noise

Signal + Noise

Signal + Noise

dc

dc

dc

Test Point

Receiver No. 2 -15v

Receiver No. 3 +15v

Receiver No. 3 -15v

Exciter No. l -15v

Exciter No. 1 -25v

Exciter No. 2 -15v

Exciter No. 2 -25v

Exciter No, 3 -15v

, Exciter No. 3 -25v
I

• Pf*wer Amplifier No. 1 -ibv

Power Amplifier No, 1 -25v
J

Power Amplifier No. 2, all d-c voltages

', Power Amplifier No. 3. all d-e voltages

Signal Characteristics

dc

de

dc

dc

dc

dc

dc

dc

de

d_

dc

5.0 PERFORMANCE PARAMETERS. Performance parameters of the various Radio Sub-

system components are tabulated in this section of the report.

5. i Antenna Parameters. _'-- _.... ° _"_ "_+ ..... of the n_ Subsystem _vo desig_._ated

as the high-gain antenna, the medium-gain antenna, the primary low-gain antenna, and the
secondary low-gain antenna. The characteristics of these antennas and their associated

cables are summarized in Tables 5-1 and 5-2. The gain patterns of these antennas are

shown in Figures 5-1, 5-2, 5-3, and 5-4, respectively. The characteristics of the relay

antenna are also given in Table 5-1, and its gain pattern in Figure 5-5.

5.2 Receiver Parameters. The proposed design uses three receivers which are identical,

except for operating frequency. Each is integrated with an exciter to form a Mark I S-band

transponder. Their characteristics are summarized in Table 5-3; Figure 5-6 shows the

output characteristics of the receiver command channel as a function of received signal level.

5.3 Exciter Parameters. Three exciters, identical except for operating frequency, are used

in the proposed configuration. The performance parameters for these exciters are tabulated in
Table 5-4.
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TABLE 5-1. ANTENNA PERFORMANCE PARAMETERS

Parameter Hi-G_in

Type 7.5-ft Diameter

pa raboloid

+0.4

- relative to circular isotropic (db) 32.5 -0.6 (a 2295 MHz

Polarization Ellipticity - on axis (db)

Ellipticity - 3db pts (db)

VSWR (max)

Beamwidth - 3db (deg)

Beamshape

Bo res ight E rror

Weight (lb}

Antenna Cables

Weight (lb)

VSWR (Max)

" Insertion Loss (db)

Impedance (ohms)

Notes

I.

2.

3.

30.3 51 (a 2113 MHz

RHC (Note 3)

1.0 ±1 (:_2295 Mllz

4.0_2 (a 2113 MHz

1 0 +2.5 (_L2295 MHz
" -0.5

+2 5

4.0 -1:5 (_ 2113 MHz

1.2 Ic,2295 MHz

1.5 la2113 MIIz

4.0

See Figure 5-1

+0.2 d
.15 -0.15 egrees

45.0 ±2

2.73 ±0. I

1.2:1

I. 45 50. i

5O

Modified Marimer C Low-Gain (Crossed Slots)

Marimer-C Type High-Gain (46.0" x 21,2" parabola)

Right Hand Circular

Primary Lo--Gain

See Note 1

2.0 }0.5 ¢_ 2295 MHz

1.3 50.5 _! 2113 MHz

RCH

1.0 51.0 /, 2295 MHz

3.0 ,3.0 (" 2113 MHz

2.5 11 0 I_2295 MHz

4.5 13.6 (,2113 MHz

1.2 1-2295 MHz

1.4 la2113 MHz

See Figure 5-3

1.5 _0.25

....

Secondary l,.-Gain

Quad dipoles canted 30"

2.43 ±0.1 3.72 ±0.1 1.8 ±.1

1.2:1 1.2:1 1.2:1

1.17 *0.1 1.24 50.1 .36 5.1

50 50 50

Medium-Gain

See Note 2

+0 25
23.5 ' , 2295 MHz

-0.50

20.75 +1.3 /,2113 MHz
-1.5

RHC

1.0 _1.0 I, 2295 MHz

4.0 ±3.0," 2113 MIIz

+l.O

0 -0.5 '_ 2295 MHz

+0.5
-0.5 ¢__2113 MHz

-1.6

RHC

1.0 ±1.0 I, 2295 MIIz

1.5 ±1.0 (" 2113 MIIz

0.5 ±0.5 (" 2295 Mtlz

1.0 ±1 (u2113 MHz

1.2 (a 2295 MHz 1.2 O 2295 MHz

1.4 (a'2113 MHz 1.4 {,2113MHz

See Figure 5-4 See Figure 5-2

0.12 ±0.02 4.4 50.5

excluding mast

Relay

Turnstile over-

ground plane

5.0 50.5

_cl 400 mc

RHC

1.0 _I.0

6.0 ±1.0

1.2

90

See Figure 5-5

2.0 ±0.2 exclud-

ing support

0.55 ±. l0

1.2:1

0.8 _0.2

5O

TABLE 5-2.

Parameter

R-F Test Probes and Cables

Weight (lb)

VSWR (max)

Insertion Loss (db)

Impedance (ohms)

Rotary Joint

Weight (lb)

VSWH (max)

VSWR

Insertion Loss - max (db)

Transmit Ckt Losses (db)

PA N(,. I

PA No. 2

PA No. 3

l_,ceiver Ckt Losses (dh)

Rcvr No. 1

Rcvr No. 2

l_vr No. 3

ANTENNA TRANSMISSION LINE PERFORMANCE PARAMETERS

Hi-GaIn P rimary-Lo-Gain Secondary Lo-Galn Medium-Gain

0.19 ±.01 0.32 ±.01 0.32 ±.01 0.19 ±0.01

2:1 2:1 2:1 2:1

30 ±5.0 30 i5.O 30 55.0 30 ±5.0

50 50 50 50

0.35 ±0.05

1.1 @ 2295 MHz

1.2 lit 2113 MHz

1.02 (max)

0.2 (_ 2295 MHz

0.2 (a 21t3 MHz

2.72 t0.47

2.97 50.47

2.97 [0.47

3.15 ±0.75

3.85 i0.85

3.85 50.85

2.09 ±0,37

2.34 i0.37

2.34 ±O. 37

2.52 ±0.65

3.22 ±0.75

3.22 ±0.75

2.46 _:O, 37

2.47 ±0.37

3.34 ±0.75

3.34 ±0.75

1.58 50.37

1.58 i0.37

2.45 *0.75

2.51 ±0.75

Relay

.30 _0.05

2:1

30 .5

5O

2O
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33.0

32.5

32.0

31.5

N_31.0
N

__ 30.5

30.0

29.5

29.0

D

-2.0-1.5 -I.0 -0.5 0 0.5 1.0 1.5

ANGLE FROM ANTENNA AXIS (DEG)

26--

25

24

23;

22

z 21
z

20

19

18
2.0

m

/,
-I0.0

l 5 .0 0 5.0 I0.0

ANGLE FROM ANTENNA AXIS (DEG)

Figure 5-1. High-Gain Antenna Patterns Figure 5-2. Medium-Gain Antenna

Patterns

40 °

50 °

60 °

70 °

80 °

90 °

30 ° 20 ° I0 ° 0 10° 20 ° 30 °

\

\

40 °

50 °

60 °

70 °

80 °

90 °

Figure 5-3. Primary Low-Gain Antenna Pattern

5.4 Power Amplifier Parameters, Each of the three power amplifiers of the Radio Subsystem

will require development efforts. Tentative specifications for the amplifiers under consideration

are presented in Table 5-5.

21



Figure 5-4.

VC233FD102

90 ° 80 ° 70 o 60 ° 50 °

_K)o 80 ° 70 ° 60 o 50 °

Secondary Low-Gain Antenna Pattern

40 °

30 °

20 °

io o

o

io o

20 °

30 °

40 °

22

Figure 5-5. Relay Antenna Pattern (400 mc)



VC233FD102

TABLE 5-3. RECEIVER PERFORMANCE
PARAMETERS

TABLE 5-4. EXCITER PERFORMANCE
PARAMETERS

Parameter Value

Center F requency

Noise Figure

Strong Sigrml Carrier Tracking

Bandwidth

Threshold Carrier Tracking

Bandwidth

Threshold Sensitivity

Dynamic Range

Tracking Range

Carrier Tracking Loop Threshold

Transfer Function (mudel)

Carrier Tracking Loop

Predetection Filter Bandwidth

AGC Loop Bandwidth

Ranging Channel I-F Bandwidth

(3 db)

Video Ltmiter Rise and Fall Time

Ranging Channel Video Baodwidth

(3 db)

Input VSWR

2113 MHz nominal (See Section 4.1.1)

8 db ±1 db

233 cps (2_I_S)

20 cps (2_Lo)

-153 dbm ±1 db

-70 dbm to threshold

±3.0 parts In 105 (for R-F signals

> -120 dbm)

1 + _S

H(s)

3 9 8 21 + -- S + --

4_Lo 32_Lo 2

4.5 kHz

0.33 Hz to 0.85 Hz

3.3 MHz

70 as

100 Hz to 2 MHz

1.3:1 maximum

Parameter Value

O_t!_t Frequency 2295 MHz nominal (see Section

4,2,1)

+26 dbm ±0.5 db

1.3:1 maximum

1 part in 105 per vear

Residual PM less than 9 deg peak

in a 2o Hg phase coherent re-

ceiver

0 to 4 radians peak

within 17_ of straight line

1 radian per volt _5'_

O. 5 db BW de to 1 MHz

3.0 db BW 1. _ MHz rain

PM Modulator Input Impedance ] 1000 ohms resistive
1

Output Power

Output VS_R

Auxiliary Osc. Freq. Stability

Phase Stability

PM Modulator Dynamic Range

PM Modulator I,inearity

PM Modulator Sensitivity

PM Modulator Bandwidth

5.5 Diplexer Parameters. Performance

characteristics of the three diplexers used

in the Radio Subsystem are given in Table

5-6. Characteristics of the preselectors

which are assembled in the receivers are

also included,

5.6 RF _-_'itch and Coupler Parameters. The cha_racteristics of the rf switches used in the

radio subsystem are summarized in Table 5-7. Hybrid coupler parameters are given on the
schematic diagram shown in Figure 5-7.

TABLE 5-5. POWER AMPLIFIER

PERFORMANCE PARAMETERS

Parameter

Operating Frequency

RF Power Output

RF Power Input

Gain (saturatedl

Efficiency

DC power Input

Bandwidth (0.5 db)

Noise Fibre

Spurious (Output

VSWR (Input and Output)

Absolute Time Delay

Variation in Time

.........50-Watt TWTA or ESFK 3-Watt ,Sol d State P A :

- I 2.29to 2_30 gHz "-
5n _atts rain

TWTA -- 50 mw max

TWTA -- 30 db rain

ESFK -- 150 mw max

ESFK -- 25 db rain

93-1 '3_ rain

147 watts max

TWTA -- 5 MHz min

ESFK -- 3 MHz rain

2_ dh max

1.4l m¢_x

10 ns max

0.5 ns max

2.29 to 2.30 KI[7

3 watts rain

0 dbm ±1 db

_; min

50 watts max

5 Milz rain

Greater tha_ 50 d+, +_,-

Io_ full output

1.4:1 max

10 ns n_-x

TABLE 5-6. DIPLEXER PERFORMANCE

PARAMETERS

Parameter

Center Frequency nom)

Insertion loss (max)

Banckvidth (3 dh)

VSWR (max)

LO Rejection train)

Image Rejection (rain)

Rejection at Transmit

Frequencv (mini

Rejection at Receive

Frequency

Rejection at llarmonics oI

Receive Frequency (rain) 100 db

Diplexer

Receiver Transmit

2113 MIfz

0.3 db

45 MIIz

1.2:1

20 db

35 db

55 db

2295 MHz

0.4 dh

45 MHz

1,2:1

100 db min

Preseleetor

..m

211:1 Mllz

O, 5 dh

34 _i[Iz

1.21

64 dh

5O dh
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_-15

_20'

(-153 DBll)

CRYSTALFILTER

RESPONSE

l 10 100 lOOO

FREQUENCYI'CPS)

10.000

Figure 5-6. Receiver Modulation Response (Command Output)

TABLE 5-7. RF SWITCH PARAMETERS 6.0 PHYSICAL CHARACTERISTICS

Parameter

Insertion I,oas (max)

VS%VR (maxl

Isolation /mln)

Type

Size (inches)

Weight (oz)

Transfer Switch

0.20 dh

h 15'1

45 dh

I.atehing

l._xh2xl.2

7

Coaxial Sx_ itch

0.20 db

1.15:1

35 dh

Latching

2.Sx2xl

6

7
1

6.1 Packaging. The Radio Subsystem is

divided into seven subassemblies, each of

which has a rigid aluminum housing designed
to fit within the standard 6-inch dimension

of the spacecraft equipment bay. Electrical

connectors are external to this dimension.

Each subassembly chassis is a rigid alumi-

num housing designed to furnish the required

strength and stiffness to withstand the shock

and vibration inputs from the spacecraft.

Each chassis also serves as a conductive path for the power dissipated within the subassem-

blies. A good surface finish is provided on those faces of the chassis which are required to

transfer the dissipated power to the spacecraft thermal plate.

Wherever possible, spacecraft subassemblies are packaged in a standard modular form so

that the equipment may be adaptable to any bay. This approach is not entirely practical for

the Radio Subsystem because coaxial lead lengths must be minimized to insure low power

losses. Connector locations and subassembly mounting hole patterns also limit complete

standardization. Short coaxial lead lengths are maintained on the power amplifier outputs,

and the output connections from the subsystem are placed as close to the -y axis of the

spacecraft as possible. Figures 6-1 and 6-2 show isometric views of proposed configurations

for bay 12 and bay 11 respectively.
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I
I

,TOPI/I
OUTPUT _J

COUPLING - 6 OB tO.2 OB

ISOLATION - 30 OB(MINI

VSWR - I.i5 (MAX.)

SIZE WEIGHT- STRIPLINE

3/8X6 X21N

60Z

FROM EXCITER _1 _

NO. l 400 _ POWER MONITOR

MONITOR ##l

OUTPUT\1 i

FROM EXCITER

NO. 2 400 Mll / I I POWlER MONITOR

FROM EXCITER POWER MONITOR

NO. 3 _ Mill

1

1
I
I

! _o.MI
z ¢ l

DB COUPLER i

I I -- _722"

1

NOTE EXTERNAL PAOS ARE SELECILU !O OPTIMIZE DRIVE LEVEL i OF; I_I ,_ TICuL.R .. LIF.E, J ....

TOPA

rio 2

TOPA

NO 3

Figure 5-7. Hybrid Coupler Assembly

,0uvIRs

i E cl i ,

PI 1l

j

/i

tRaNsPONoIR _.lrma

I_I(CRllll

,Outm pl _1,

Figure 6-1. Bay 12, Isometric View

Figure 6-2. Bay 11, Isometric View
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6.2 Weight, Volume, and Power Dissipation. A listing of the weight, volume, and power

dissipation of each subassembly in the radio subsystem is given in Table 6-1. The total

subsystem weight is 78 lb (bay 12 = 49 lb, Bay 11 = 28.6 lb) and the volume is 2929 cu in.

(bay 12 = 1885 cu in., Bay 11 = 1044 cu in. ). Power dissipation is a variable dependent upon

the electrical duty cycle and the particular mission phase. Table 6-2 shows the power dis-

sipation for the various modes of operation.

TABLE 6-1. PHYSICAL CHARACTERISTICS RADIO SUBSYSTEM

Component

1.O Transponder No. 1

1.1 Receiver & P. S.

1.2 Exciter & P.S.

2.0 Transponder No. 2

2.1 Receiver & P.S.

2.2 Exciter & P. S.

3.0 Transponder No. 3

3.1 Receiver & P.S.

3.2 Exciter &P.S.

4.0 Power Amplifier No. 1

5.0 Power Amplifier No. 2

6.0 Power Amplifier No. 3

7.0 Dip]exer Switching Assembly

7.1 Chassis

7.2 Hybrid Coupler Assembly

7.3 Diplexer No. 1

7.4 Diplexer No. 2

7.5 DiplexerNo. 3

7.6 Transfer Switch No. 1

7.7 Transfer Switch No. 2

7.8 Antenna Switch

Volume (in.3)

522

522

522

162

162

162

877

q

49

49

49

3

3

5

ables

Weight (Ib)

13.3

13.3

13.3

3.0

7.5

7.5

13.35

4.5

0.5

0.5

1.9

1.9

0.45

0.45

0.35

9.5

Drain

Power

15.46

7.14

8.32

15.46

7.14

8.32

15.46

7.14

8.32

50.0

147

147

15 (20me)

10 (10ms)

10 (10ms)

watts)

Diss.

15.46

7.14

8.32

15.46

7.14

8.32

15.46

7.14

q.32

46.0

97

97

Failure Rate

(7 1000 hr)

1.7169

0.9266

1.7169

0.9266

1.7169

0.9266

1.05

1.05

1.05

O. 05/conn.

0.05/conn.

0.30

0.30

0.020 (qules)

0.200 (active)

0.020 (quies)

0.200 (active)

O. 0250 (quies)

0.250 (active)

TABLE 6-2. POWER DISSIPATION ALTERNATES - RADIO SUBSYSTEM

Component

1.0 Transponder No. 1

I.I Receiver & P.S.

I. 2 Exciter & P.S.

2.0 Trsnsponder No. 2

2.1 Receiver & P.S.

2.2 Exciter & P.S.

3.0 Transponder No. 3

3.1 Receiver P.S.

3.2 Exciter & P.S.

4.0 Power Amplifier No. 1

5.0 Power Amplifier No. 2

6.0 Power Amplifier No. 3

Totals

Cane 1

Diss. (watts)

Bay 12 Bay II

7.14

8.32

7.14

7.14

46

61.46 14.28

Mission or Prelaunch Checkout

Cane 2

Bay II

7.14

7.14

14.28

Ca_e 3

Diss. (watts)

Bay 12

7.14

97

Dlss. watts)

Bay 12

7.14

8.32

97

112.46 104.14

Bay II

7,14

8.32

7.14

22.60
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6.3 Subassemblies. The subsystem is packaged in the subassemblies shown in Table 6-1.

The following paragraphs describe the physical characteristics of these subassemblies.

6.3.1 Transponders. There are three transponders, each containing a receiver, exciter,

and their associated power supplies. The transponders utilize the same modular configura-

tion as the Mark S-Band Transponder used on Mariner C. The basic functional blocks are

in separate compartments, and the components are mounted to a "T-frame". This provides

good RFI shielding, excellent thermal conduction paths, and a structurally sound housing.

An assembly drawing of the transponder is shown in Figure 6-3.

6.3.2 Diplexers and RF Switching. These components are located in one enclosure. Since

there is a need for minimum cabling, many of the interconnections are made internally.

Each diplexer is located so that the output from the power amplifier is in close proximity.

6.3.3 Power Amplifiers. The power amplifiers take three forms. Power amplifier No. 1

is a strip transmission line multiplier similar in design to the Apollo Block II X30 multiplier.

The design is structurally and thermally compatible with the VOYAGER environments.

Power amplifiers No. 2 and No. 3 may be either traveling wave tube amplifiers or electro-

statically focused klystrons. Since both of these devices dissipate a large amount of power

in a concentrated location, they will be located so that the major heat source (the collector)

is as near the center of the thermal plate as possible. This will provide optimum effective

fin area for dissipation of the heat. This allows the plate to distribute this power over a

large area so that the temperature gradients remain small, and the power amplifiers
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operate within the required temperature limits. The thermal plate to which the power
amplifiers mount must be maintained between50 to 60°C for proper operation. It shouldbe
noted that only one power amplifier will be dissipating heatat anyone time.

6.3.4 Thermal Design. The Radio Subsystem is designed for conduction cooling with the

heat sink provided by the spacecraft thermal mounting plates. Subassemblies are located to

provide an optimized heat transfer path from component parts to the spacecraft thermal

mounting plate.

Table 6-3 presents the maximum allowable thermal mounting plate temperatures for the

various subassemblies. These limits must be observed if long system life and reliability

are to be achieved.

6.3.5 Shock and Vibration

6.3.5.1 Shock. The subsystem subassemblies and their attachments are designed to with-

stand theshock input of a 200g terminal peak sawtooth of 0.7 to 1.0 millisecond rise time.

Calculations show the subsystem will meet this shock environment with no structural deg-

radation. The equipment used on Mariner C, which is structurally similar, successfully

passed equivalent tests and flight environments.

6.3.5.2 Vibration. Interpretation of mission and test requirements shows that the random

vibration input to the Radio Subsystem input will result in an average acceleration level of

13.4g rms at the subassembly mounting locations with a sigma level of 40g. A worst case

study shows that the components may be subjected to 60g rms. The Mariner C equipment,

which was similar in design, successfully passed equivalent vibration tests. The VOYAGER

equipment will be designed to have resonant frequencies sufficiently low to yield internal g

loads of minimum values.

TABLE 6-3. MAXIMUM ALLOWABLE SUBASSEMBLY MOUNTING TEMPERATURES

Subassembly

Tra_ponder

Power Amplifier

(TWTA & ESFK)

Power Amplifier

(3-watt)

Dlplexer -SW Assembly

Recommended Prelaunch,

Launch and Mission

+20 to ,30

+50 to *60 *

*20 to +30

*20 to *30

Thermal Mounting Plate Temperature ('C)

-- Res ul_lkr_g-h lght " _ Resulting Type

Acceptance Test Approval Test

0to '50 -10 to *70

,30tO *80 *20 to *100

0 to _50 -lOt o.70

0to*50 -10to+70

* _ermal considerations on the spacecraft require high temperatures here for proper heat dissipation.

Resulting

Breadboard Test

-23 to *83

* 2 to _118

-23 to ÷83

-23 to *83
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FLIGHT COMMAND SUBSYSTEM

The Flight Command Subsystem is presented in the classified supplement of this report,
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TELEMETRY SUBSYSTEM

1.0 SCOPE. This functional description covers the 1971 VOYAGER Spacecraft telemetry

subsystem which performs the commutation and encoding of various spacecraft engineering

and scientific parameters for transmission to earth.

2.0 APPLICABLE DOCUMENTS. The following documents pertain to this functional

description:

CII VC220SR101 - Design Characteristics and Restraints

CII VC220FD109 - Telemetry Criteria

C !I VC233 FD101 - Telecommunication Subsystem

3.0 FUNCTIONAL DESCRIPTION

3.1 General. This section contains a functional description of the VOYAGER telemetry

subsystem. The functions of the telemetry subsystem and a summary of the basic operation

are followed by a more detailed description of the major functional elements.

3.1.1 Functions

a. Analog Signal Inputs. The telemetry subsystem accepts analog signals from the

VOYAGER spacecraft subsystems. The signals are conditioned by the subsystems

to three standard ranges; 0 to 100 mv, ± 1.6 volts, and 0 to 3.2 volts.

b. Serial Digital Inputs. The telemetry subsystem accepts serial NRZ data from the

Data Automation Equipment (DAE), Capsule, and Data Storage Subsystems (DSS).

c. Parallel Digital Inputs. The telemetry subsystem accepts parallel NRZ digital

data words from the VOYAGER Spacecraft Subsystems.

d. Event Signal Inputs. The telemetry subsystem accepts and keeps a cumulative

count of spacecraft events.

e. Signal Conditioning. The telemetry subsystem conditions analog signals to a stand-

ard 0 to 3.2 volt range for digitizing.

f. Encoding. The digitized analog signals, paralled digital signals, and event signals

are encoded into a 7-bit binary word format.

g. Commutation. The telemetry subsystem time division multiplexes real-time data,

including the digitized analog signals, accumulated event signals, parallel digital

signals, and serial digital signals, into a serial NRZ-M format for transmission

to Earth.

h. Synchronization. The telemetry subsystem generates a 63-bit length pseudo-noise

synchronization code, and provides bit, word, and frame synchronization.

i. Modulation. Two square wave subcarriers are frequency multiplexed to provide

the telemetry signal which modulates the RF carrier of the S-band link to Earth.

1
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One subcarrier is modulated with real-time digital data and synchronization in-

formation and the other modulated with stored digital data and synchronization
information.

Control and Timing. The telemetry subsystem provides suitable control and

timing signals to execute these functions in accordance with a set of operational

modes. The following transmission modes can be selected by either ground com-
mands or stored commands.

1. MODE 1A- Maneuver Mode
1

116-2/3 bps engineering and cruise science data stored on maneuver tape re-

corder; 7-7/24 bps maneuver engineering data transmitted.

2. MODE 1B-Capsule Separation Maneuver Mode

116-2/3 bps engineering data stored on maneuver tape recorder; 7-7/24 bps

maneuver engineering and capsule data transmitted.

3. MODE 2- Normal Cruise Mode

116-2/3 bps engineering and cruise science data transmitted.

4. MODE 3A- Normal Orbit Mode

116-2/3 bps engineering and DAE orbit data; 7466-2/3 bps stored science data

transmitted.

5. MODE 3B-Earth Occultation Mode

116-2/3 bps engineering and DAE orbit data transmitted and stored on maneu-

ver tape recorder. Science playback inhibited.

6. MODE 4-Cruise Recorder Readout MODE

116-2/3 bps engineering and cruise science data; 3733-1/3 bps stored data

transmitted.

7. MODE 5-Capsule Checkout Mode

116-2/3 bps engineering and capsule data; 7466-2/3 bps stored science data
transmitted.

3.1.2 Summary Description. The basic operation of the telemetry subsystem is described

below and is shown in Figure 3-1. The proposed subsystem independently encodes real-

time and stored data and frequency multiplexes their respective modulated subcarriers to

form the transmitted signal. The proposed configuration for the real-time data encoder will

be described first followed by a description of the encoding of stored data.

The proposed real-time configuration is a dual channel system which time-shares a single

commutator. Channel A performs sampling and digitizing operations in the first half of the

word time, while Channel B performs the same kind of operations in the second half of the

word time. This configuration allows storage of one data format while the same or a dif-

ferent format is being transmitted as well as providing cooperative multichannel redundancy



VC233FD106

1]
u

_]

iii _-
:::_:_i _

¢9
O

¢D

I



VC233FD106

for enhancement of the reliability of this basic telemetry function. The operation of each

of the dual channels is identical; therefore, in the interest of clarity, only one channel is

de scr ibed.

The frequency divider receives a 268.8-kc clock signal from the power subsystem. This

signal is divided down to give the appropriate telemetry subcarrier frequencies correspond-

ing to various commanded real-time bit rates of 116-2/3, 29-1/6, and 7-7/24 bps.

The selected 2fs output from the frequency divider drives a pseudo-noise (PN) generator

which generates a continuously repeating 63-bit psuedo random code. The 63-bit code is

equal in time duration to a 7-bit telemetry word, giving nine PN bits to one data bit. In

normal operating conditions, the PN generator is externally synchronized by the phaser.

The phaser ensures that the channel sampling period is in the correct half of the word in-

terval. Telemetry timing signals, bit sync, and word sync are also derived from the PN

generator.

The format programmer generates and/or distributes the timing and control signals which,
in accordance with a commanded mode, determines the format of the real-time data. The

format programmer controls the commutator by generating the high speed deck addresses

and the commutator group addresses, thereby determining what portion of the commutator

will be used, and hence establishing the engineering data format.

The commutator is a multispeed, multiposition device which time division multiplexes

analog engineering measurements into the analog-to-digital (A/D) converter. It consists

of a 48-position high deck, eleven 10-position medium speed decks sampled at 1/10 the high

speed deck rate, and thirteen 20-position low speed decks, sampled at 1/200 the high speed

deck rate. For those deck positions reserved for digital data, the commutator deck drive

generates the address of the appropriate accumulator register. The content of this register

is dumped into the transfer register by the dump pulse generated in the A/D converter.

The A/D converter converts each commutated analog input into a 7-bit binary word. The

conversion process is driven by the power subsystem clock signal input divided by two. The

digitizing sequence is initiated by word sync and is completed in less than one-half of the

word time at the fastest bit rate(ll6-2/3 bps). After conversion, the 7-bit word is parallel

dumped into the transfer register.

The transfer register is a parallel input, serial output device. The 7-bit input words are

received from the A/D converter digital data accumulators and from registers in other sub-

systems. The 7-bit word is shifted out serially, by bit sync, into the data selector.

The data selector receives the following inputs-

a. Engineering data from the transfer register

b. Digital capsule data from the Capsule System

c. Digital real-time orbit data from the DAE subsystem

d. Digital real-time cruise science data from the DAE subsystem

4
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The various gate signals received from the format programmer are used by the data se-
lector to select the sequencesand combinations of data required by the various spacecraft
modes. The output of the data selector is sent to the real-time modulator. In the real-
time modulator, the data is converted to NRZ-M and together with synchronization informa-
tion modulates the square wave subcarrier. The real-time modulator output is sent to the
subcarrier combiner and selector.

Storeddata is received from the Data Storage Subsystemon either of two redundant channels.
For each channel the encodingprocess is as follows. The 268.8-kc clock signal from the
Power Subsystemis divided downto give the appropriate subcarrier frequencies corre-
spondingto various commandedstored data rates of 14,933-1/3, 7466-2/3, 3733-1/3, and
933-1/3 bps. The selected 2fs output from the stored data rate selector drives a PN gen-
erator (PNG C or PNG D) which generates an identical psuedo random code as previously

described for the real-time data encoder. Data storage timing signals, bit, and word sync
are also derived from the PN generator. The data subcarrier and the PN code are sent to

the stored data modulator. In the stored data modulator, the stored data together with the

synchronization code modulates the square wave subcarrier. The stored data modulator

output is sent to the the subcarrier combiner and selector. In the subcarrier combiner and

selector, mode commands are used to select the appropriate combination of real time and

stored modulated subcarriers and outputs three identical composite telemetry signals for
modul,_mn of the exciters.

Each of the major elements shown in the block diagram are described in detail in the fol-

lowing sections.

3.2 Commutator Arrangement 3.11
3.3 Commutator Switch 3.12

3.4 Signal Conditioning 3.13

3.5 Address Decoding Matrix 3.14

3.6 Subcomm Configuration 3.15

3.7 Phaser 3.16

3.8 PN Generator 3.17

3.9 Format Programmer 3.18

3.10 A/D Converter 3.19

Data Transfer Register

Digital Data Accumulator
Da'ta Selector

Frequency Divider
Rate Control

Real-Time Data Modulator

Stored Data Subcarrier Modulator

Power Supply

3.2 Commutator Arrangement. A block diagram of the commutator arrangement is shown

in Figure 3-2. The commutator is arranged in six groups. Group A contains eight high

deck positions, one medium deck of length 10 and two low decks each of length 20. Group B

contains eight high deck positions, three medium decks each of length 10, and three low decks

each of length 20. Group C contains eight high deck positions. Group D contains eight high

deck positions and one medium deck of length 10. Group E contains eight high deck posi-

tions, three medium decks each of length 10, and three low decks each of length 20. Group F

contains eight high deck positions, three medium decks each of length 10, and five low decks

each of length 20. The medium decks are sampled at 1/10 the high speed deck rate and the

low decks are sampled at 1/200 the high speed deck rate. The commutator groups are

selected by the format programmer. This allows only the groups pertinent to a particular

mission phase to be sampled. In addition, by grouping the channels, not all channels are
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lost in case of a shorted switch. The sampling rate for each real-time data source is shown
for each mode in Table 3-1.

TABLE 3-1. DATA COLLECTION RATES

Mode

Maneuver (1A)

Transmitted RT

Stored

Capsule Se!_ ration

Maneuver {113)

Transmitted ItT

Stored

Normal Cruise (2)

Normal Orbit (3A)

Earth Occultation (3B)

Stored

Cruise Recorder

Readout (4)

Capsule Checkout (5)

Bit Group

Rate Format

7-7; 24 A. B

116-2/3 A, B, C, D

7-7/24 A. B

116-2/3 A, B, C, D

116-2_3 A. B, E, F

116-2/3 A, B, E, F

116-2/3 A, B. E. F

116-2/3 A. B, E, F 768

116-2/3 A, B 1536 112

NOTE: All Periods are in Seconds

Iligh Deck

Channels Period

16 15. :{6

32 3.84

16 30.72

32 1.92

32 3.84

32 3.84

32 3.84

32 3.84

16 7.68

Medium Deck

Channels Period

40 153.6

50 38.4

40 307.2

50 19.2

100 38.4

100 38.4

100

100

40

Channels Perio

100 3072

100 768

100 6144

100 384

260 768

260 768

38.4 260 768

38.4 260

76.8 10O

Capsule

Channels Period

16 30.72

I)AE

Channels Period

32 3.84

32 3.84

7.68

Cruise Science

Channels l'erind

32 3.84

32 3.84

32 3. 8,1

3.3 Commutator Switch. A commutator analog switch schematic is shown in Figure 3-3.
During the detailed design phase other analog switches should be evaluated. This switch can

be used for both high andlow level applications. The switch consists of a P-channel junction FET

and redundant inverter drivers. When the control gate voltage is low the control transistors

are off and +V is applied to the gate (G) of the FET, cutting the FET off. When the switch is

to be turned on, the control gate input goes high saturating the control transistors. This re-

moves the +V from the FET gate, allowing it to conduct. Capacitor C 1 speeds up the turn-on
± time of the FET.

ANALOG DATA IN.ANALOG DATA OUT

)

Figure 3-3. Redundant Drive and FET

Analog Switch

The redundant diodes prevent forward bias-

ing of the FET, allowing the gate to float at

the soo_ree potential. The saturation resis-

tance of the FET is the ohmic path of the P

channel, which is approximately 200 ohms.

The FET has zero offset voltage.

3.4 Signal Conditioning

3.4.1 Temperature Measurements. The

temperature measurements are mechanized

as shown in Figure 3-4 (Mariner C approach).

The constant current generator output is

switched to the various temperature trans-

ducers, one at a time. This current gener-

ates a voltage across the transducer which

is proportional to the transducer impedance
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Figure 3-4. Temperature Measurement

Technique

and thus temperature. A parallel resistor

(Rp) shunts the transducer resistance change

to a standard 100-ohm change for all ranges.

A series resistor (Rs) is added to the total

network resistance to 500 ohms at the low

temperature end. At the high temperature

end, the total resistance of the network is

600 ohms. Since a 1-milliampere constant

current is fed to the network, the voltage

across the network varies from 0.5 volt to

0.6 volt from low-band to high-band tem-

peratures. This voltage is commutated

through a second switch and bucked down by

a series of 0.5-volt bucking supply so that

0- to 100-millivolt signals are presented to

the low-level amplifier.

3.4.2 Low Level Signals. Low level signals are amplified by the low level amplifier to the

standard range of the ADC.

3.4.3 Bipolar Signals. Bipolar signals are routed through a series bucking supply. These

supplies are de-isolated from the encoder ground and do not lower input impedance on the

commutator channel. After being bucked, the signals are treated as the standard 0- to 3.2-

volt range.

3.5 Address Decoding Matrix. The high speed deck address decoding matrix is shown in Fig-

ure 3-5. An address decoding matrix is required for each of the two systems (channels) of

the real-time data encoder. The coded address inputs for the channel A decoding matrix are

received from format programmer A and the coded address inputs for the channel B decoding

matrix are received from format programmer B. The address is decoded and used to select

the correct commutator group and sequentially drives the eight switches in the selected group.

This selection technique protects against critical failures which could result if more than one

high deck switch was on and a group switch failed shorted.

3.6 Subcomm Configuration. To prevent the need for deck synchronizers and to improve relia-

bility, each commutator group contains independent subcomm drive circuits. Figure 3-6

shows the channel A and channel B subcomm drive circuits and the required signal condition-

ing for commutator group A. The M100 deck is shown as a ±1.6-volt deck, the L100 as a dig-

ital deck, and the L200 as a 3.2-volt deck.

3.7 Phaser. The phaser (Figure 3-7) is the external synchronization unit for the PN genera-

tors. The length 63 shift register counter is clocked by 1050 bps. States 1 and 32 are decoded

from the register and used to control the start time of the word periods for Channel A and

Channel B, respectively. This ensures that the sampling interval of Channels A and B are

separated by a minimum of one-half the word interval at the highest bit rate (1 16-2/3 bps).

In case of a failure in the phaser, the bypass command is sent and the 2fsneeded to clock the
PN generator is taken directly from the rate selector. The same command places the other

channel in a standby condition.
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3.8 PN Generator. The PN generator

(Figure 3-8) is a shift register counter that

is based on the maximum length sequence

generator principle. The PN generator

generates a 63-bit pseudo-random code

which is synchronous with the subcarrier.

The timing pulses, word sync, and bit sync

are derived by decoding distinct states of

the generator. Four PN generators are re-

quired, one for each of the real-time data

channels, and one for each of the redundant

stored data channels.

3.9 Format Programmer. Figure 3-9 is

a logic diagram of the format programmer.

This circuit controls the formatting of all

real-time data. Flip-flops E through G are

connected as a length 8 synchronous counter

which counts the clock pulse starting at the

all "ones" condition and counting to the all
"zero" condition. This counter controls the

number of words to be read into the data

format and generates the fast deck address

for the engineering commutator. Flip-flops

A through D generate the address of the data

source. The decoding of ABCD is as follows:

State

A B C D Data Source

State

A B C D Data Source

0 0 0 0 Engineering Commutator Group A

0 0 0 I Engineering Commutator Group B
n a I n Fn_n_ov_n_ Cnrnmut_tor Grou_) C

0 0 1 1 Engineering Commutator Group D

0 1 0 0 Engineering Commutator Group E

0 1 0 1 Engineering Commutator Group F

0 1 1 0 Cruise Science

0 ! ! ! Digita!DAE

1 0 0 0 Capsule

Registers 1 through 8 contain the data source sequencing instructions. The length of each

register is determined by the number of data sources in the format and the number of words

to be read from each source. The register outputs, when decoded, indicate which of stages A

through D are to be reset thereby determining the address of the data source. The instruc-

tions contained in each register are as follows:

Register 1 - 4 States

State 1 8 words from Commutator Group A State 1

State 2 8 words from Commutator Group B State 2

State 3 8 words from Commutator Group E State 3

State 4 8 words from Commutator Group F State 4

Total 32 words Eng. 1 Total 32 words

Register 2 - 4 States

8 words from Commutator Group A

8 words from Commutator Group B

8 words from Commutator Group C

8 words from Commutator Group D

Eng. 2
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Register 3 - 2 States

State 1 8 words from Commutator Group A
State 2 8 words from Commutator Group B

Total 16words Eng. 3

Register 4

State 1 8 words
State 2 8 words
State 3 8words
State 4 8 words

Total 32 words

- 4 States

from Cruise Science
from Cruise Science
from Cruise Science
from Cruise Science

Cruise Science

Register 5 - 4 States Register 6 - 2 States

State I 8 words orbital data from DAE State 1 8 words from Capsule
State 2 8 words orbital data from DAE State 2 8 words from Capsule
State 3 8 words orbital data from DAE

Total 16words from CapsuleState 4 8 words orbital data from DAE

Total 32words orbital data DAE

Register 7 - 14States

State 1 8 words from Capsule State 8 8 words from Capsule
State 2 8 words from Capsule State 9 8 words from Capsule
State 3 8 words from Capsule State 108 words from Capsule
State 4 8 words from Capsule State 118 words from Capsule
State 5 8 words from Capsule State 128 words from Capsule
State 6 8 words from Capsule State 138 words from Capsule
State 7 8 words from Capsule State 148 words from Capsule

Total 112words Capsule CheckoutData
The decodinggates decodethe register outputs in accordance with a mode commandand a
commandwhich indicates whether the format is to be transmitted, or stored on the maneuver
(MTR). The data formats for each modeare shownin Figure 3-10a, 3-10b, and 3-10c.

r ........... T.... T .......

r--L-_ r--_- 7 r- _--I
i .... _....... -I .... I I .... i
L-- ---I L-- --J I- __J

_OTL_: _p_L_F_ A STOmACL mE_,STER

Z. L ;OO ,S A _. Z VOLT OCC_ ,_m_O_Tt,, A_ POS,r,O_ _' ' O.

Figure 3-6. Group A - Subcommutator Configuration
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3.11 Data Transfer Register. The data transfer

serial output 7-bit data storage register. Data is

3.10 Analog-To-Digital Converter.

Figure 3-11 is a block diagram of the

analog-to-digital converter (ADC). The

ADC uses the successive approximation

technique of 7-bit resolution. Figure 3-12,

which is a more detailed diagram of the

digitizing sequence generator, is presented

to aid in the operational discussion. The

timing diagram of Figure 3-12 is also pre-

sented for clarity. When word sync is re-

ceived from the PN generator, the flip-flop

is set. and the Q output goes high providing

the sample pulse to the address decoding

matrix and enabling the 1050-bps clock to

shift register A. State 8 of shift

register A enables the 134.4_c clock to

shift register B. A digital "one" is shifted

through shift register B, which sets a "one"

into succeeding bits of the storage register

causing succeeding legs of the ladder net-

work to be closed to the reference _ro!tage.

The bit of the storage register either re-

mains set or is reset depending on the

result of the comparison. After shift

register B has advanced to the seventh

state, a 7-bit digital word, representing the

analog input voltage level, is stored in the

storage register. On the eighth state of

shift register B, the digital word is dumped

in parallel to the data transfer register.

The digitized word is then clocked serially

into the data selector by the next seven bit-

sync pulses.

register (Figure 3-13) is a parallel input,

dumped in parallel form into the register
by the dump pulse. The data is then stored in the register until arrival of bit sync which

clocks the data out of the register in serial form into the data selector.

3.12 Digital Data Accumulator. The digital data accumulator consists of the necessary logic

circuits to perform the collection of miscellaneous bits and words of nonstandard digital

signals and the conversion of these signals into the standard NRZ format. The digital data

accumulator includes the event counters, the command detector monitors, antenna A and B

gimbal angle positions, and science instruments scan platform gimbal angle positions A, B,
and C.
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DATA

_GE
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Successive Approximations

ADC

3.12.1 Event Counters. The event counters

consist of four 3-bit counters for the ac-

cumulation of spacecraft events. The counters

will be read out into two words. Each word

will consist of the data contained in two of

the counters.

3.12.2 Command Detector Monitor. Three

7-bit words are included, one for each VCO.

The words indicate lock and VCO lock and

VCO frequency variation. The mechaniza-

tion of these monitors will be similar to

those used in Mariner C. A 7-bit word will

also be included to indicate reception and

action upon a command plus computer and

sequencer (C&S) parity check. The first

four bits of the word will be read from a 4-

bit counter (16-coun_ capacity) in which an
increment will indicate that a command was

accepted. The following two bits will be

read from a counter which indicates that a

command was rejected. The last bit indi-

cates if parity has failed in the C&S.

3.12.3 Gimbal Angle Position Counters.

Two antenna gimbal angle position counters

and three science instruments gimbal angle

position counters will be provided. These

gimbal angle position indicators will be

mechanized as shown in Figure 3-14. Two

inputs will be received by each counter. The first input will be a dc level change to indicate

left or right angle change (count up-count down). The second input will be a pulse train

which will be accumulated in a _ bit counter to indicate the gimbal angle. Two additional
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_R _1 RESET T °

F/F I T , SAMPLE STATEs_°%° s

Q C_ LENGTH 8 !
SHIF-r REG A

TO STORAGE REG

llllll
1050 BPS

0 LENGTH 8
SHIFT REG B

134,4 KC

POWER SUBSYSTEM CLOCK/2

Figure 3-12a. Digitizing Sequence Generator

105o BPS

DUMP TO

STORAGE REG
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WORD SYNC r--I

....... !--7 F-7

NEXT WORD SYNC
IF OPERATING AT
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Figure 3-12b. Digitizing Sequence Generator Timing

bits are included to indicate right and left stop. The length (_) of each counter is shown

below.

Word

Antenna Gimbal Angle Position A

Antenna Gimbal Angle Position B

Science Instrument Package Gimbal Angle A

Science Instrument Package Gimbal Angle B

Science Instrument Package Gimbal Angle C

10

7

9

9

10
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I _, I ? I _. I c I _ 1 _ I _

Figure 3-13. Data Transfer Register

3.13 Data Selector. The data selector

consists of logic gates which in the

presence of the proper control signal gates

the data source output to the modulator.

The data formats are as shown in Figure
3-10.

3.14 Frequency Divider. The frequency

divider consists of the binary stages re-

quired to divide down the Power Subsystem

clock to give the telemetry subcarriers for

the various bit rates. The Power Sub-

system clock signal is counted down in
parallel paths such that a failure will at worst case cause loss of one rate.

3.15 Rate Control. The rate control consists of the logic required to select the appropriate
telemetry subcarrier for the selected bit rate.

3.16 Real-Time Data Modulator. Figure 3-15 shows a logic diagram of the real-time data

modulator; two are provided, one each for Channel A and Channel B. Incoming NRZ data is

converted to mou, xed "_ _*" _,rD7 a_ +.,_=l_,_ _ _n-t_nn with pneh dntn "one". The

NRZ-M data is MOD 2 added to the synchronization pseudonoise code (from PN generator

A for Channel A and PN generator B for Channel B). The output is then MOD 2 added to the

2f s subcarrier. Finally, the resultant (D(]_PN_2fs) is MOD 2 added in all modes but mode I
to a high frequency square wave subcarrier fo (to = 268.8 KC). The output is then sent to the
subcarrier combiner and selector.

INPUT
PULSES

UPI DO_NN

I
t_ BLT COUNTE_

If.........I
v

T_ BIT WORD

RIGHT LEFT

STOP STOP

2 BITS

Figure 3-14. Gimbal Angle Indicator

3.17 Stored Data Subcarrier Modulator.

Figure 3-16 shows a logic diagram of the

subcarrier modulator used for modulation

of data stored by the DSS. Two stored data

modulators are provided for redundancy.
An incoming clock signal is .............L_ O UIII,_U U- OW 11

by the stored data rate selector to generate

a square wave subcarrier 2f s appropriate
to the stored data transmission rate. The

2f s also drives a PN generator resulting in
bit sync, word sync, and a PN sequence.

Incoming serial NRZ data from the DSS,

synchronous with these bit and word sync

Mechanization signals, is MOD 2 added to 2f s and the
result MOD 2 added to the PN sequence. The output to the combiner and selector is

(De 2f s _ PN).

3.18 Subcarrier Combiner and Selector. Figure 3-17 shows a logic diagram of the cir-

cuitry used to combine and select the appropriate real-time and/or stored data subcarriers

and output three identical composite telemetry signals for modulation of the exciters.
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In modes 1, 2,and 3B, only real-time data is transmitted from either Channel A or B. An

AND gate is used to select the appropriate real--time subcarrier and output it to the three

exciters through parallel linear switches. In modes 3A, 4, and 5, stored data and real-time

data are frequency multiplexed for transmission. The real-time subcarrier and stored data

subcarrier are linearly summed to give:

A (DRY) (2fs} R _)PN R _)fo)+ B (D s _(2fs) S _PNs)

3.19 Power Supply. The telemetry subsystem power supply will transform the 2.4-kc

primary power into the following voltages:

+ 20 vdc - analog voltage

- 20 vdc - analog voltage

+ 3.2 vdc-ed3C reference

+ 3.5 vdc-logic voltage

The ± 20-volt supplies will be used to power the ADC comparator, the low level amplifiers,

and the constant current generators. Circuits can be designed for these applications which

will allow + 5% variations in the supply voltages and stay within the accuracy requirements

of the system. The ± 5% variation in the • 20-volt supplies can be met with no additional

regulation other than the specified ± 27o primary power input regulation. The 3.5-volt logic

_l_nnl_T will _l_n _'pq!llrp no additional v_gul_tinn. The .2 2-vnlt ADC reference _nnnlv will

definitely require regulation to minimize ADC error. For this application a series regulator
will be used.

4.0 INTERFACE CHARACTERISTICS

4.1 Performance Data. The number and type of channels shall be adequate to handle all

signals listed in the telemetering channel assignment. The following signals will be accepted

by the telemetry subsystem.

a. High level analog

Voltage - 0 to 3.2 volts dc

Impedance - less than 10k ohms

b. Low level analog

Voltage - 0 to 100 millivolts dc

Impedance - less than 10k ohms

c. Bipolar analog

Voltage - _- 1.6 volts dc

Impedance - less than 10k ohms

d. Digital pulses (Events)

Voltage - "0" = 0 volts dc; "1" = 3.5 volts dc

Time Duration > 3 milliseconds

17
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e. Serial digitaldata

Voltage - "0" _-0 volts dc: 1 _-3.5 volts dc

Type NRZ; synchronous with TLM bit sync

f. Parallel digitaldata

Voltage - "0" _-0 volts dc; 1 - 3.5 volts dc

Type - Pulse data dumped in parallel on receipt of the dump pulse.

4.2 Interface. Tables 4-1 through 4-3 listthe interfaces required for the telemetry sub-

system as follows:

a. Table 4-1 Input Requirements

b. Table 4-2 Output Requirements

c. Table 4-3 Direct Access Functions, Umbilical Interface, and Command List.

TABLE 4-1. INPUT INTERFACE CHARACTERISTIC TABLE

Input Sout'ce D E Input Characteristics Signal Characteristics N.tcs

Serial NRZ data

,_k, rial NI(Z data

Prim:l/'_ p()x_ t'r

t'h)('k

Commands

Sez'iM NI{Z data

,_,rial NIIZ data

('()innl;[ lids

ScrL:LI NI{Z data

I>t,i loJ m:,ncc data

i ncludes :

a) Comm:lnd a('ct'pl t,vt,nt

I)) ('omm:lnd [-ej¢,ct c'v(,nt

c) VCO frcqut,nc'v & [_wk

d) (;imb:L] angh' cvent_

e) C&S p_crity ('h(,('k

I)A E

DAE

Po_er

l)owcr

C&S

I)at_l stol'ag('

Capsuit'

All

Suhs3st(,ms

Command

Command

Command

G & C

C&S

Input to InKic gate in data selector

Input to Io_ic gate in data selt,ctor

'1"1{ unit

Input to fr(,qut nov divider

Storage logic

Input t() suix'arrier modulator

Input to subcarrier modulator

St ot'a_! h)gic

Input t() h)gic gatu in data selector

Anal,)g data to c,)n_)1_tlt:tt_)r switch

digital data t() ac,eumulat()r

NRZ data synchronous with TLM bit sync

NRZ data synchronous with TLM bit sync

2.4 I<e 50v Rms ±2',

268. N-kc s(tuart , waw'

Positive going 3.5-w)lt pulse minimum

duration of 3 milliseconds

NRZ data synchronous i_ith TLM bi t sync

NRZ data synchronous with TLM bit sync

Positive going 3.5-volt pulse minimum

duration of 3.2 milliseconds

NRZ data synchronous i_ih TLM bit sync

C cuise S('i(,nee

Orbital RT

'l'clemetrv SubsvMt'nl _ill

require appr[)ximat v Iv

9 watts of primat'v _)w(,c

Basic timing signal

.'_..t_ Table-i-5 for

(.ommand li_t

Tt-:lnsmitted in m(Mles ;]

4 and5

Same as ah,,ve

See c_)mmatxl I_st in

Table I 5

Multiplexvd with cruisc or

orbilal enfIinecring data

5.0 PERFORMANCE PARAMETERS

5.1 Reliability. Three telemetry subsystem configurations were considered in Task B. The

first configuration was a triple standby redundant subsystem similar to the configuration

proposed in Task A. The second configuration considered was a subsystem employing two

independent encoders. The third subsystem considered (the proposed system) time shares

a single commutator. A trade off analysis which considered reliability, size, weight, and

power indicated that the proposed configuration was the best choice.

Figure 5-1 shows the reliability model for modes 2 through 5. The model for modes 1A and

1B is different in that it requires both real-time data channels to be operative. The mode

reliability is defined as the probability of presenting the required modulated subcarrier to at
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TABLE 4-2. OUTPUT INTERFACE CHARACTERISTICTABLE

(hatpet Destination D/E Output Characteristic Signal Characteristics Notes

Word sync

Bit syne

Speed-range

Surial NItZ data

Bit sync

Word sync

Bit sync

Capsuh. gate

Bit sym.

S('icnce gate

Modulated subcar rier

Modulated subcar tier

M_lula ted subcarrit,r

Data storage DSC

Data storage I)SC

Data storage MTB

Data storage maneuver MTR

Data storage maneuver MTR

Data storage maneuver MTR

Capsule

Capsule

DAE

DAE

Radio exciter 1

Radio exciter 2

Radio exciter ;_

Logic gate output

Logic gate output

Logic Kate ,)utput

Data output from channel
A or B

Logic gate output

Logic gate outl_t

l,ogic gate output

l,ogic gate output

Logic gate uutput

Logic gait, caRput

l.t)gic 14ate .uti_at

Logic _,atc outi)ut

[.t)git" gate output

Positive going 3.5-volt pulse

l)o._itive going 3.5-volt pulse

Logic level on 2 lines to

indicate playback speed

NItZ data synchronous with TLAI

bit sync

Positive going 3.5-volt pulse

Positive going 3. 5-vtdt pulse

l)ositixe going 3.5-volt pulse

l,ogic le'. el

Positive going ;}. 5-volt pulse

I,_)git' [eve[

I.'our level composite signal

l"our Icv¢,] e,)mp()site signal

Four [evt,[ coml_)_i[(, signal

Playback word sync

I)layback hit sync

Indicates speed range

of MTR

Maneuver m(xle

Bit svnc for MTR read out

Word sync for M'FI¢ read out

During transmission (if

capsule digital data

Iligh during transmission

of capsule digital data

l)uring transmission o[ non-

scanned science data

High during Iransmission of

nonscanned data

Amplitude adjusted to

characlcrislics ol exciter

Amplitudt, adiustcd Io

ch;iraclcl'istic._ o] exciter

Amplitude ,_ljusted t,)

ch:lractel'isti¢.s ot exciter

O

TABLE 4-3. TELEMETRY SUBSYSTEM

DIRECT ACCESS FUNCTIONS, UM-

BILICAL INTERFACE, AND COMMAND

LIST

Direct Access
Umbilical Interface Command List

Functions

I. Command Mode IA

2 Command Mode IB

3. CullllllttndMode 2

4. Commadn Mode 3A

5. Command Mode 3B

6. Command Mode 4

7. Comm:md Mode 5

8. Command Phaser

Bypass

9. Command Activity

Toggle

10. Command Toggle

t_ r_t_ Rat_

It. Command Toggle

tligh Data Rate

12. -20 V TR Monitor

Power Supply A

13. -20 V TR Monitor

Power Supply B

14. +3.5 V TR Monitor

Power Supply A

15. +3.5 V TR Monitor

Power Supply B

16. Return

1. Modulated subcarrier I.

2. Return 2.

3.

4.

5.

6.

7.

8.

9.

10.

II.

12.

Mode IA

Mode IB

Mode 2

Mode 3A

Mode 3B

Mode 4

Mode 5

Toggle high data

rate

Toggle low data

rate

Phaser bypass

Toggle real-time

channel activity*

Toggle stored data

channel activity

least one of three exciters. It is calculated
•u, t,,,_ case of '_ ' ",-,,-w__j _,,-/o englneering -_*-u i:Lb_

and (2) 80% of the engineering data. These

calculations are shown for a mission duration

of 5520 hours in Table 5-1 (orbit plus 30
days).

5.2 Transmission Rates. The transmission

rates are as follows:

a. 14,933-1/3 e. 116-2/3

b. 7466-2/3 f. 29-1/6

c. 3733-1/3 g. 7-7/24
d. 933-1/3

5.3 Transmission Modes. The data formats

for each transmission mode are shown in

Figure 3-10 and Table 5-2.

*N .... lly the mode automatically selects channel A as the stored data. channel 5. 4 Analog Signal Inputs. The accuracy ofand Channel B as the RT transmission channel. Command 11 reverses the roles

olthe_oc_,,_i_ a measurement as read from the input to the

data encoder to the ADC output shall be

maintained at ± 3% of full scale for 3.2 and ± 1.6-volt signals, and ± 5% of full scale for 0 to 100

millivolts and all temperature measurements. The accuracy shall be maintained for the

mission lifetime requirements and under all specified environmental conditions. The line-

arity of the encoder as read from the measurement voltage input to the ADC output shall be

within ± 0.5% of the full scale to the nearest straight line.
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Figure 5-i. Reliability Model

TABLE 5-1. MODE RELIABILITY 5.5 Commutation

Reliability (100(;;,) Reliability (_0_)

Modes IA, 1B g5.8'_ 90.2_

Modes 2 3B 94.:1_ 99.0',_

Mt_des 3A, 4, 5 94. :1';_ 99.0(;;

Mission Duration 5520 ttr Orbit plus 30 days

5.5.1 Sampling Rate. The real time col-
lection rates are shown in Table 3-2.

5.5.2 Frame Sync. To establish frame

sync, two unique words of seven "ones" are

provided at the beginning of each cycle of the high speed deck. Full scale (all "ones") is

prohibited from occurring in the engineering data.

5.5.3 Medium Deck Sync. To establish medium deck sync, a word of seven "ones" is

included at the beginning of one medium deck in each commutator group.

5.5.4 Low Deck Position. A digital word is included in one medium deck of each commutator

group to indicate the low deck position.

5.5.5 Mode Identification. A word is included in the high deck which indicates the mode

being trans mitted.

5.5.6 Spacecraft Time. Three words are included in the high deck which indicates space-

craft time.

5.6 Synchronization

5.6.1 PN Code. The synchronization code generated by all PN generators is as follows:

i-0-0-0-0-0-i-i-i-i-i-I-0-i-0-i-0-i-i-0-0-

1-1-0-1-1-1-0-1-1-0-1-0-0-1-0-0-1-1-1-0-0-0

1-0-1-1-1-1-0-0-1-0-1-0-0-0-1-1-0-0-0-0-

O

2O
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TABLE 5-2. TRANSMISSIONFORMAT

Data Type Mode 1A Mode 1B Mode 2 Mode 3A Mode 3B Mode 4 Mode 5

Eng. 1

C ommutator

Groups

ABEF

(includes

30 analog

channels from

capsule)

58-L3

Transmitted

Ileal Time

58-1/3

Transmitted

Real Time

58-1/3bps

Transmitted

Real Time &

Stored on

MTR

58-1/3 bps

Stored on

Maneuxer

MTR

58-1 _ 3 bps

Transmitted

Real Time

Eng. 2 58-1/3 bps 116-2/3 bps

Commutator Stored on Stored on

Groups Maneuver Maneuver

A B C D MTR MTR

Eng. 3 7-7/24 bps" 3-31/48 bps 14-7 12 bps

Commutator Transmitted Transmitted Transmitted

Groups Heal Time Ileal Time Real Time

AB

Science 58-1/3 bps 58-1,3 bps

32 Words Transmitted Transmitted

Crula_ Heal Time Iteal Time

DAE D_ta

32 Words

Orbital

58-1/3 bps

Transmitted

Ileal Time

3-31/48 bps

Transmitted

Ileal Time

58-b3 bps

Transmitted

Heal Time &

Stored on

MTH

Capsule

Digital Data

16 Words

Capsule 102-1 12 bps

Digital I_ta Transmitted

112 Words Iteal Time

7466-2_ 3

Transmitted

on Stored

Data Sub-

carrier

Stored

Data I
Transmitted

on Stored

Data Sub

carrier

3733-1/3 bps

Transmitted

on Stored

Data Sub-

carrier

7466-2'3 bps

Transmitted

j on Stored
I Data_ub-

carrier

5.6.2 Word Sync. Word syne is derived from the IN code, and is coincident with a unique
state of the PN generator. Word sync for real-time Channel A is taken from PNG A, and

word sync for real-time Channel B is taken from PNG B. The stored data word sync is taken
from PNG C or PNG D.

5.6.3 Bit Sync. Bit sync is derived from the PN code and is colnclaent with every ninth PN

bit startingwith word syne. Bit sync is taken from the same PNG as its respective word sync.

5.7 Modulator - Demodulator Performance - A detailed discussion of the time versus

frequency multiplexing tradeoffs is given in CII VC233FDI01 Telecommunications. In

summary, the loss in efficiency was more than offset by the savings in data handling hard-
ware and the simplification of the DAE/DSS interface.

5.7.1 Power Division. For the two subcarrier case the modulated carrier can be ex-
pressed as

m (t) = cos (w2t ± (Zr ± Ct s )

Czr = phase deviation by real time data = 21.7 °

tx = phase deviation by stored data = 57.6 °
S

21



VC233FD106

The resultant power division is given by

2 21 cos 12 Cos2 _ + Cos2 _ sin2= (_ + Cos 2 _ sin
r s r s s

2 2
+ sin _ sin

r r s

2 2

cos ¢_ = carrier power = 0.25 Ptcos _ r s

2 2

cos e_r sin _ s = stored data power --- 0.61Pt

2 2

cos _s sin O_r = real-time data power = 0.04 Pt

2 2
cos ey r sin O_s = intermodulation power = O. i0 Pt

The power division was optimized for the 3733-1/3/116-2/3 bps case.

For the two single subcarrier cases the power division is given by

2 2
l=cos (X +sin ¢_

2
cos ot = carrier power

_/0.425 for 7-7/24 bps

-_0.25 for 116-2/3 bps

2 /0.575 for 7-7/24 bps

sin (_ = data power =_0.75 for 116-2/3 bps

5.7.2 ST/N/B Selections. The ST/N/B selections are given in Table 5-3.

MNRZ was required due to the data ambiguity resulting in demodulating the suppressed RT

data subcarrier (fo). Recovering only the fundamental term of fo results in a 0.9-db loss.
A 0.3 db loss is taken for baseband filtering with cutoff at 8 fs. There is 10 db assumed in

the carrier and subcarrier loops. This results in a 0.2-db loss due to phase jitter. The

exception to this being the 7-7/24 bps case where 7 db was assumed in the carrier loop with

the resulting 0.8-db loss.

TABLE 5-3. ST/N/B SELECTIONS

Stored

Theoretical (1'b24)

5 x 10 -3 5.2 5.2

M NR Z O. 0 0 S

Ilk" Filter l_18_

(F_ndamcnta[ fo) 0 6 0 9

lhlse hLml Filter

(_4 fs) o 3 o 3

Carrier RMS and Static

Phase Error 0.2 11 2

Subcarricr |IMS and

Static Phase Frror (fo) 0.0 o. 4

Sul_,arricr RMS and

Static l'hasc Error (2Is) 0.2 0.2

Total l_)sses 5.9 _. 0

29-1/6 and

7-7,,'24 and bps RT
116-2 3 bps RT

5.2

O. 0

6 0

O. 3

1)

0, 0

0.2

6.5

5.7.3 Threshold Signal-to-Noise Ratio.

The threshold signal-to-noise ratio in a cps

noise bandwidth that must be present at the

demodulator data detector is given in

Table 5-4 for the different bit rates.

5.7.4 Clock Trackin_ Phase Locked Loop

Threshold Signal-to-Noise Ratio. The clock

tracking phase locked loop threshold signal-

to-noise ratio in the threshold noise band-

width, aL, is given in Table 5-5.

5.7.5 Average Time Required to Sync.

The mean time to acquire bit sync at the
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TABLE 5-4.

Bit Rate

(bps)

14,933-1/3

7466-2/3

3733-1/3

933-1/3

116-2/3

29-1/6

7-7/24

THRESHO LD SIGNA L -TO-

NOISt RATIO

(S_ N o : (E_ No} R

(db}

47.6

44.6

41.6

35.6

28.67

22.64

15. 12

TABLE 5-5. CLOCK TRACKING PHASE

LOCKED LOOP THRESHOLD SIGNAL-

TO-NOISE RATIO

Data Rate

(bps) aLdb

14.933-1/3

7466-2/3

3733_1/3

933-1/3

116-2/3

29-1/6

7-7/24

26.9

26. 1

25.4

23.9

21.6

20.1

18.6

TABLE 5-6. AVERAGE TIME RE-

QUIRED TO SYNC

Average Time to Sync
Data Rate

(No. Decisions Error)

Cops) (see)

14933-1/3

7466-2/3

3733-I/3

933-1/3

166-2 3

_9-1s6

7-7/24

0.148

0.296

0.590

2.36

1_.9

75,8

TABLE 6-1. TELEMETRY SUB-

SYSTEM SIZ E AND WEIGHT

Circuit No. Req'd Size {in. 3) Weight (lb)

1. Commutator

2. Signal Conditioning

3. Command Storage

4. ADC

5. Frequency Divider

6. Rate Control

7. Bypass Logic

8. Phaser

9. PN Generator

10. Format Programmer

ll. D_,coding Matrix

12. Subcomm Drive

13. Digital Accum.

14. Transfer Reg.

15. Data Selector

16. Modulator

17. power Supply

287

22

27

24

4

0.3

2.5

1.8

6.0

25

5

31

35

1.8

O. 40

15

187

7.0

0.67

0,81

0.7

0.13

0.03

0.08

0.06

0.20

0.81

0.16

1.0

1.2

0.05

O. 03

0.6

2.75

Subtotal 674.8 16.18

Add for Packaging 200.2 1.82

Total 875 18

threshold signal-to-noise ratio based on inte-

grating five code lengths for all but the 7-

7/24 bps case; three code lengths are

assumed for 7-7/24 bps.

6.0 PHYSICAL CHARACTERISTICS. The

telemetry subsystem is packaged in Bay 9

of the spacecraft, The packaging configura-

tion for Bay 9 and locations of each section

of the telemetry subsystem electronics are

shown in Figure 6-1. Table 6-1 itemizes

the weight and volume of data encoder

equipment. Magnesium trays are used to

house the data encoder electronics. One

edge of each tray is fastened to a thermal

integrating plate. Thermal control louvers

are used to regulate the temperature of the

integrating plate. This will allow the

operating temperature of each tray to be
stabilized within controlled limits. The

electronics trays are mounted between the

thermal integrating plate and the inner

plate as shown in Figure 6-1. The inner

plate contains the interconnect wiring and

connectors. Intertray connectors are

Cannon 50-pin D series; input-output con-

nectors are Bendix Type PT07.

Each tray contains three or more pairs of

component carrier boards. The circuit

boards in each tray are mounted face to

face. Conventional components are pack-

aged in "cordwood" modules and integrated

circuits are welded directly to the circuit

card. Many cards employ a combination of

the two packaging methods to achieve max-

imum component density.

7.0 SAFETY CONSIDERATIONS. All

interface between the ground equipment and

the data encoder is protected by isolation

amplifiers.
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POWER SUPPLY NO. I

Figure 6-1. Bay 9 Packaging Configuration

NO, I

COMMUTATOR NO. 2

NO. :5

NO.I

NO. 2

STIFFENER

POWER SUPPLY NO 2
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DATA STORAGE SUBSYSTEM

1.0 INTRODUCTION AND SCOPE. This document describes the preferred design of the

VOYAGER Data Storage Subsystem (DSS). The operation of the control and magnetic tape
storage units is described and their specifications tabulated.

2.0 APPLICABLE DOCUMENTS

VC233FD106 -

VC220SR101 -
Telemetry

Design Characteristics

and Restraints

VC220FD108 - Science Interface

VC233FD101 - Telecommunication

Subsystem

3.0 FUNCTIONAL DESCRIPTION

3.1 General. The DSS provides for storage of digital binary data as required by mission

data handling requirements. The system is composed of six magnetic tape recorders and the

control and power supply units required for their operation. The recorders are all physically
identical peripheral drive, parallel-recording types, with identical tape pack sizes. The

units differ only in having one or two motors for the tape drives.

Each recorder is primarily associated with one data input line, and recording may proceed

independently on any or all units. Playback is sequential, one recorder at a time, but indi-
vidual units may be command selected for fast information return.

No standby redundancy is provided for the recorder units, but functional redundancy is

achieved by allowing units to exchange input functions in case of recorder failure. Both

standby and operational redundancy is provided for the control and power supply functions.

3.1.1 Functions. The DSS performs the following functions:

a. Storage of combined bus engineering, capsule, and cruise science data during space-

craft maneuvers (_ 2 x 106 bit capacity required).

b. Storage of fields and particles data over an orbit period for delayed transmission

(_ 2 x 106 bit capacity required for a seven hour orbit ._ 108 bit capacity provided).

c. Storage of data from an IR scanner during orbital operations (108 bit capacity

provided).

d. Storage of data from an IR and/or UV spectrometer during orbital operations (108

bit capacity provided).

e. Storage of data from two video instruments during orbital operations (108 bit capacity
provided per instrument).

f. Storage of high-rate science data during periods of high experimental activity (fields

and particles recorder used -108 bit capacity)

g. Automatic or commanded sequencing of recorder playback.
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h. Execution of recorder function exchangeswitching as a commandedrepair function.

i. Exercise of recorders during launch to prevent possible damageto mechanical
components.

3.1.2 Block Diagram and Summary Description. A simplified block diagram of the DSS

(Figure 3-1) shows the basic functional elements and external interfaces.

Each Magnetic Tape Recorder (MTR) unit interfaces with its data source and functions to

record input data and identifying information at the appropriate rate. Data is replayed in

turn from each recorder in bit synchronism with the 15, 7.5, 3.75, or 0. 933 kbps transmis-

sion rate. Data may be recorded at any time except while the unit is playing back. The

Playback Sequence Control (PSC) interfaces with the Telemetry, Computer and Sequencer

(C&S), and Command Subsystems; and functions to distribute commands and to control the

playback of stored data. The DSS Power Supply supplies power for all DSS logic and executes

a commanded power switching function for PSC fault correction.

Table 3-1 is a summary of the operation of the DSS. It is organized chronologically on the

basis of mission events that affect DSS operational requirements.

Figure 3-2 is a detailed block diagram of the DSSwhich shows the major physical elements and the

complete external and internal interface connections. In addition, the functional redundancy

provisions are shown by the alternate inputs

supplied to each MTR unit and the power

supply load sharing. The standby redundancy

............ _ : provided for the PSC is also shown.

Figure 3-1. Simplified Data Storage

System Functional Block Diagram

All MTR units have identical interfaces with

the dual PSC units and the telemetry sub-

system; except that MTR 1 and MTR 2 have

Telemetry data inputs. All MTR Data Auto-

mation Equipment (DAE) interface line

groups for MTR 3 through M TR 6 are as
shown for MTR 3. MTR 1 and MTR 2 are

both two motor, low record rate types, and

either one may select the Telemetry or

Fields and Particles data input. MTR 3

through MTR 6 are able to select the UV/IR

spectrometer, scanner, video 1, or video 2

lines; and are single motor types in the pre-

ferred design.

The PSC unit standby redundancy is accom-

plished by switching power between the two

units. The outputs are combined in "OR"

fashion before routing to Telemetry. Power

supply redundancy is accomplished by the

use of a passive load sharing network.
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TABLE 3-1. DATA STORAGESYSTEM
OPERATIONS

Description of I_S

Mission Phase Requirements on DSS Operation

Prelaunch

Launch

Post Launch

Science Flare

in Cruise

Spacecraft

Maneuvers

Maneuver or

Flare Data

Replay

Normal Orbit

Recording

Normal

Playback

Commanded

Playback

Reduced

Capability

Operation

Earth

Occultation

Checkout of all DSSoperation

Go/no go). Prelaunch

preparation

Hecorders runtoprevent

mechanical damage.

Recorders return to ready
state.

Fields and Particles data

recorded at high rate on

OAE request.

Store Telemetry data for

duration of maneuver

Flare or Maneuver automat-

ically replayed for trans-

mission,

All recorders except the

Maneuver unit record

science dam as requested

by DAE

All data is played back over

high rate telemetry link.

Selected recorders are

played back.

U one or more recorders

fail, surviving units may

be used to obtain data from

all sources on time shared

basis.

Recording proceeds on any

active channels. Maneuver

telemetry data is stored.

DSS exercised through

Telemetry, C&S, and

Command to verify oper-

ation. Recorders set to

launch mode by umbilical

command.

All recorders run in

record direction until

launch completed.

One Playback sequence is

executed on C&S command

to return recorders to

prerecord condition.

MTR 2 records at maxi-

mum rate of 15 kbps

while DAE level "up".

MTR 1 records at I16 bps

while Telemetry "record"

level is up

On Telemetry command,

a playback sequence is

executed.

Each recorder accepts

data from its selected

source at the sources re-

quest. The record rate

adjusts to the data input

rate. All recorders oper-

ate independently.

On Telemetry command,

playback sequence begins

with MTR 1 and proceeds

automatically to play all

recorders in sequence.

All recorders may be re-

cording at any time except

for the anit playing back.

Command may select any

recorder(s) to play back

out of sequence

Cumn_aud n*ay direct

recorder(s) to select dif-

ferent input sources at

any time.

Same as maneuver except

that science data is stored

as required.

Detailed descriptions of the major physical

elements and their function are given in the

succeeding sections.

3.2 Magnetic Tape Recorder Units. All
of the proposed VOYAGER MTR units

are identical in size and have identical tape

pack sizes. The advantages of this approach
are discussed in Section 3.2.2. Each MTR

unit is composed of two basic sections, the

control logic module (CLM) and the tape

transport module (TTM), as shown in Fig-

ure 3.3. Each MTR unit is capable of ac-

cepting data from a data source channel at

record rates which may vary continuously

over a limited range. The record rate is

automatically derived from the incoming bit

sync rate. The rate selection of the input

channel is a commanded function, and is

employed to implement operational redun-

dancy by _!owing the substitution of an
MTR unit for a defective unit of similar

characteristics. Each of the high rate

(MTR 3, 4, 5 and 6) units may select anyof

the four high rate data channels; while MTR

1 and 2 may select either of the low rate

inputs. This capability means that all of

the high and low rate inputs may be obtained

on a time shared basis if only one high rate

MTR and one low rate MTR remain opera-
tive.

Data is recorded in a wuru-u_ _ctnlzeu _,L-

mat, with both bit sync and word sync being

supplied by the data source. Blocks of data may be of any length. Recording is done in only

one tape travel direction. Data playback proceeds, upon command from the PSC, in the re-

verse order to that in which it was recorded. Once playback is initiated, it proceeds until

halted by either a tape end signal or another PSC command. Recording is inhibited during

playback. Playback is bit and word synchronous with the telemetry system for the nominal

15, 7.5, 3.75, and 0. 933 kbps transmission rates. The playback speed range is commanded

by the Telemetry subsystem.

3.2.1 MTR Control Logic Module. The MTR CLM is composed entirely of Silicon Integrated

Circuits (SIC) logic and has no mechanical function. A functional block diagram of a C LM is

shown in Figure 3-4. The basic functions of a CLM are:

a. Performance of all interface functions for the MTR, except for power input and engi-

neering data output functions. Conversion of external signals to transport operating
commands.
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Figure 3-2. Detailed Data Storage Subsystem Functional Block Diagram
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SOURCES

-'1

-- CONTRO L AND CONTROL

SIGNAL FLOW LOGIC

u TO/FROM DATA MODULE

>-

F_

i _I__t-

CONTRO_ DATA, AND TApE
STATUS _IGNAL FLOW TRANSPORT
BETWEEN CONTROL AND MODULE

RECORDING UNITS, _TTM) I

"T

Figure 3-3. Major Magnetic Tape Recorder
Functional Elements

N

_1 _=1

O MTR RUN

_ BIT SYNC

BH

i{--r--, .....
IN. -30

+_,S V LOGIC pOW_:R

T
I

I
RUN MTR

NRZDATA

WORD $YNC

BIT SYNC

SIC,

SI(

h. Conversion of transport internal

signals into externally available

signals; e.g., tape end signals into

"record filled" or "playback termi-

nated" signals.

c. Data input control during transport

starting intervals.

d. Switching of input functions between

data source channels upon receipt
of a command.

e. Generation of input selection switch

position signals for output to telem-

etry.

The major functional elements of a CLM are

the Playback Control, the Record Control,

and the Input Selection Switch.

3.2.1.1 Playback Control. The Playback

Control initiates and terminates playback

operation in response to a "Playback" level

PSC TELEMETRy

IIi
I PLAYBACK I,-

pR _p_ _A_I_ NO. I _

I PB SPEED RANGE NO. 2
PLAYBACK.... A NRZ OATA

_.u_l _uL L END OF TAPE {REVER_E)

c:L_ BIT SYNC _. _
L

¢ WORO SYN¢ ;. I_

RECORD ! RECORD

CONTROL _

NRZ DATA •

25 SIC END OF TAPE CFORWARO}

NOTE: FOR MTR I S NO. 1 AND NO. 2:
ONLY TWO DATA SOURCES EXI_JT.

Figure 3-4. Control Logic Module Functional Block Diagram
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signal from the PSC. If the TTM is at the end of tape, indicating no more playback possible,
the playback control generatesa "playback terminated" signal for output to the PSC. During
playback, the playbackcontrol inhibits recording, andgates word andbit sync to the TTM.

3.2.1.2 Record Control. The Record Control initiates and terminates recording operations

in response to an "MTR run" level signal from the data source. In addition, it acts by time

delay to inhibit recording until the appropriate tape speed is reached. The clock track is

recorded past a data block end, as shown in Figure 3-5, to allow speed synchronization prior

to data output in the playback mode.

CLOCK TRACK STO ART
RECORDED

(_0.S IN.)

3.2.1.3 Input Selection Switch. The Input
Selection Switch allows the MTR unit to se-

lect one of the two or four inputs. The selec-

tion switch position is advanced by command

input, routed through the PSC. The switch

position is indicated by a two bit digital en-

gineering data output for each MTR.

3.2.2 MTR Tape Transport Module. The

VOYAGER TTM consists of a peripheral

Figure 3-5. Data Block Tape Format drive, 14 data track, plus one clock track,

parallel NRZ recording tape transport, and

the power supply, electronic, and logic functions closely associated with the recording and

playback processes. Peripheral drive was selected over the negator spring approach mainly

due to the decreased mechanical complexity. Parallel recording was chosen over series re-

cording, as discussed in the Task A design, mainly because of the resulting slower speeds

and fewer head passes. Each TTM is housed in an hermetically sealed, pressurized container.

All modules are identical in volume, and all have identical tape pack sizes.

The standardization of TTM size and tape footage was done for economic and mechanical rea-

sons. In spite of the varying capacity requirements, the amount of "waste" tape implied by

the standard pack size was less than 0.5 ib per TTM, and the corresponding "waste" volume

was estimated to be about 100 in 3. These costs associated with TTM standardization were

more than offset by the following advantages:

a. The estimated dollar and time savings for development, production, and spares stock

if only one basic design is employed.

b. Standardization of capacity allows functional redundancy interchange to be employed.

c. Electronics packaging can be standardized for the single TTM case design.

d. Mechanically, the transport design can be made most reliable if only one tape pack

size is required. This particularly true for the bearing load design for launch
survival.

Two motors are used in MTR 1 and MTR 2; one for record and one for playback. This was

required due to the high playback-to-record rate ratio, approximately 15,000 bps/100 bps =

150. The preferred two-motor approach is to couple the separate motors through antifeedback

clutches to a mylar belt differential which, in turn, drives the tape capstans.

6
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A single motor is used in MTR 3, 4, 5, and6. The single motor approachwas chosenover
the two motor with differential becauseof the obvious reliability improvement. The required
speedrange ratio is nominally 30:1, assuming a nominal 30 kbps record rate and the back-up
playback rate of 1 kbps (50:1 for the 50 kbps maximum record rate). A 12-pole hysteresis
synchronous motor with 24:1speedratio hasbeen developedby RaymondEngineering. Pres-
ent indications by Raymondare that a 32:1speedratio can readily be achieved and possibly
50:1 with a single motor. Studiesare presently being pursued to achieved the 50:1 speed
ratio.

The physical characteristics of the transport are summarized in Table 3-2. A functional

block diagram of an MTR Tape Transport Module is shown in Figure 3-6. The basic functions

of a TTM are constant density recording of incoming NRZ data blocks at various rates (i. e.,

from different sources), and bit and word synchronous playback of recorded data at four

designated speeds.

The major physical elements of a two-motor TTM are shown schematically in Figure 3-7,

where they are related to the function blocks of Figure 3-6. The functions of the elements are

described in the following paragraphs.

The record electronics chain converts the serial data stream to 14-bit parallel words for

....... •k_ _._ 1 A v._+_ +,,_,_+_..... _+_ _ ,,1,,,_t. t,-_,_L- bit, th,_ gon,_r_to wavefnrm_

which are amplified to the level necessary to drive the record heads. All of the record elec-

tronics are implemented in integrated circuitry with the exception of the output stages of the

record amplifiers, which employ conventional semiconductor circuitry.

The playback electronics chain is composed of the playback head, which generates waveforms

corresponding to the magnetic patterns on the moving tape, the playback amplifiers, which

increase the amplitude of the waveforms to a level suitable for detection; the signal detectors,

which convert the waveforms to binary information; and the output register, which converts

the parallel data to an NRZ serial string in synchronism with externally supplied sync.

The playback amplifiers have first stages composed of integrated circuits, which are physi-

cally located near the head assembly to
TABLE 3-2. TAPE TRANSPORT MODULE-

PHYSICAL CHARACTERISTICS

Size:

Weight:

Transport Type:

Tape:

Tracks :

Packing Density:

MotOrs :

Record Speed Control:

Playback Speed Control:

Drive Coupling:

550 in 3 including 100 in. 3 electronics

18 lb

Dual capstan pherlpheral mylar belt drive

lln. tape

15 parallel tracks

1000 blta/tn.

1 or 2 hysteresis synchronous motors, depending

on speed range requirements.

Open loop voltage/frequetlcy control of record

motor

Wide range by electronic countdown of motor drive

frequency. Narrow range by phase locked servo

loop and voltage controlled oscillator.

Straight mylar belt/pulley drive for single motor

type; belt differential coupling for two motor type.

minimize low level signal path lengths. The

gain of the playback amplifiers is compen-

sated, for speed related signal level varia-

tions, by commands from the speed range
control.

The signal detector supplies the output

shift register with data at logic levels; and

in addition provides a clock track output to

the phase locked speed control. The output

shift register converts the parallel data to

serial form for output to the CLM.
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M_TION _ _
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Figure 3-6. Tape Transport Module Functional Block Diagram

The playback synchronization control is a phase locked loop which compares the recorded data

clock output to an external pulse train with a period equal to two telemetry word times, and

acts to lock the phase of the two signals. This control is accomplished by driving a synchron-

ous motor from a voltage controlled oscillator (VCO), whose frequency is varied by the phase

error in the loop. The bit timing stability obtained is high enough to permit the use of the one

word dejitter buffer inherent in the output parallel-to-serial conversion.

The four required playback rates are obtained by counting down the VCO output by binary

stages and suitably altering the power amplifier output voltage level to obtain proper playback

motor operation. The alteration of the output level is accomplished by varying the output vol-

tage of the amplifier power supply. The voltage control is done by a pulse frequency modula-

tion technique. Presently available techniques require that the speed range be selected by

external command. Techniques for automatic selection of speed range analogous to the record

speed selection should be investigated to minimize the interface requirements and allow more

design flexibility.

The record speed control drives the power amplifier directly with the counted down bit sync

pulse train. In the single motor TTM's, motor input phase reversal is employed to move the

tape alternately in the record and playback directions. For the two-motor configuration, dual

power amplifiers are employed to avoid the need for motor lead switching. Frequency/

voltage ratio is maintained by the same type of power supply employed in the playback control.
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Two unique engineering data outputs are required bytheTTM, in addition to theusual voltages
andtemperatures associatedwith electronic equipment. Theseare anindicationofthe atmos-
pheric pressure in the recorder case, and a tape motion indication. The pressure measure-
ment is necessary becauseof the dependenceof proper mechanical operation on the presence
of a minimum atmospheric pressure. The measurement of casepressure is doneby a stand-
ard potentiometric pressure transducer. The tape motion indication allows differentiation
betweenmechanical andelectronic failures and serves a basically diagnostic function. It is
doneby means of a magnetic pickup located ona peripheral belt idler.

The DC Power Supplycontained in each TTM consists of a transformer, rectifier, andfilter
combination operating from the 2400cps distribution. It provides separate dc voltage levels
for the electronic circuitry and the power amplifier voltage regulators in the record and play-
back controls. All TTM logic receives 3.5v power from the DSSPower Supply.

The end-of-tape sensor, signals the approach of either end of the tape pack, thus enabling the
CLM to halt the record or playback function. The signal is generated in therecord modewhen
sufficient tape remains to execute a normal stop. In the playback mode, the signal is gener-
ated after the last datablock. End-of-tape signals are generated optically and are backedup
by motor overcurrent actuated reversal switches and solid tapereel anchorage. Two light
sources are recommendedfor further evaluation; a redundant incandescent filament and a
solid state light source.

3.3 Playback Sequence Control. Two identical PSC units are included in the DSS to provide

standby redundancy. Commanded power switching is employed to operate only one at a time,
and the interface lines are combined in "OR" fashion.

The PSC units are composed entirely of SIC logic networks and receive their power from the

DSS Power Supply, which also executes the power switching function. Figure 3-8 is a func-
tional block diagram of the PSC. The basic functions of the PSC are:

a. Provide all DSS output interface functions.

b. Automatically select MTR units for playback in rotation when C&S "Playback" level

is "up".

c. Begin playback sequence with a particular MTR unit upon command.

d. Route "Input Switch Position Advance" commands to selected MTR units.

e. Identify recorder presently playing back as an engineering output.

f. In addition, PSC1 contains the OR gating employed to combine the PSC outputs. It is

separately powered by an unswitched 3.5v supply.

The address generator sequentially directs the playback of the MTR units. It normally initi-

ates playback, when the C&S "Playback" signal goes up, by sending MTR 1 a "playback"

level; which remains "up" until a "Playback Terminated" signal is received from the MTR
unit. Upon receipt of this signal, the address counter advances to the next MTR address.

During a playback interval, data is gated from the chosen MTR to the PSC output. If an MTR

10
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Figure 3-8. Playback Sequence Control Functional Block Diagram

contains no data, the '_layback terminated" signal will be detected simultaneously with the

selection of the unit, and MTR address will increment on the next logic clock cycle. The

playback sequence is automatically terminated after all MTR unit have been addressed, or ff

a "reset" command intervenes to return the register to a prestart conditions. The sequence

is suspended without reset if the C&S "Playback" level goes "down" and resumes at the same

point when it again goes "up".

Command playback of any unit may be accomplished by setting the address generator to the

desired state by "reset" and successive "advance" commands, and then starting the sequence.

Unless a "reset" intervenes, the playback sequence then continues as usual through all the

MTR units remaining in the sequence.

The MTR selection gates direct the data and signals to and from the MTR unit addressed.

The launch exercise control operates during launch to cause all MTR units to forward wind.

It is reset by a C&S signal. The input function control allows the commanding of the input

toggling function in any MTR unit. The addressing of the MTR unit is done through the ad-

dress generator as for playback, then successive "input switch advance" commands are
routed to the MTR unit.

An optional feature in the PSC would be a "forward wind" command capability, which could

be employed to rewind tapes for replay of stored data. Its function could be combined with

the launch exercise control, and would require the routing of a "record inhibit" line to each

11
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MTR through the MTR selection gates. The forward wind could be timed by a command-

initialized down counter; or could simply proceed for the whole tape reel of the selected MTR.

The relative increase in PSC and MTR complexity would be slight in either case.

3.4 DSS Power Supply. The DSS Power Supply is composed of two identical, fully independ-

ent units that supply dc logic voltage from the 2400 cps power line. The voltage supply is

filtered but unregulated. Each supply normally carries half the total power load, although it

is capable of full load operation without high component stress. Load switching in case of

failure is done passively by diode network. The efficiency exceeds 80%. The DSS Power Sup-

ply has two basic functions : (1) to supply +3.5 volts to all SIC logic in the DSS and to com-

mand switching of power from one PSC unit to the other.

Figure 3-9 is a block diagram of the DSS Power Supply, which also shows the circuit details

of the important physical elements. Each of the two sections contains one transformer with

center-tapped secondary windings. The transformer core is of the E-I lamination type,

lending itself to high reliability construction techniques.

Each rectifier is a full-wave type, operating from a center-tapped winding. The rectifier

bridge is an 8-diode serial/parallel redundant type. The filter sections are of the simple

single-section RC type with series/parallel part redundancy. The load sharing networks are

identical in form to the rectifier network, and function to shift the full load to the surviving

b-----
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I
I
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i
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- v
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Figure 3-9. Data Storage Subsystem Power Supply Physical Elements
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section ff one supply fails. The commandedPSCpower switch is of the latching relay type,
and serves to direct the power to either, but not both, of the PSCs.

4.0 INTERFACE CHARACTERISTICS

4.1 Electrical Interfaces. The DSS interfaces electrically with Telemetry, DAE, Command,

C&S, Capsule Relay, and Power Subsystem points. In addition, it has outputs to direct ac-

cess test points, and inputs from the Launch Vehicle umbilical line. Interface lines, withthe

exception of direct access connections, are shown for the DSS in Figure 3-2, where they are

grouped and identified by interfaces. Table 4-1 lists the DSS inputs. The DSS input

characteristics are SIC logic gate inputs unless otherwise specified.

Similarly, the signal characteristics are the standard 3.5-volt SIC logic levels unless other-

wise indicated. Table 4-2 lists the DSS signal outputs. The DSS output characteristics and

signal characteristics are SIC gates and 3.5-volt NRZ levels unless otherwise indicated.

Figure 4-1 is a power profile for the DSS.

TABLE 4-1. DSS SIGNAL

IN TE RFAC E S- INPU T
TABLE 4-2. DSS INTERFACE-

OUTPUT

Input

Telemetry word sync

Telemetry bit sync

Telemetry bit rate

Begin Playback

Run MTR (1)

Maneuver Data

Bit sync

Word sync

Run MTR _l}

Data

Bit sync

Word sync

Flare store

I

Telemetry RZ pulse

. ....... _zZ d

Telemetry _ parallel _IL

Telemetry 4 parallel SIC NRZ

Telemetry

Telemetry RZ

DAE 4 parallel SIC Level

DAE 4 parallel SIC NRZ

DAE

DAE 4 parallel SIC NRZ

DAE 2 parallel SIC Level

I I
D/S Input iSigna 1

Source Char- Level Notes

acteristics Type

Telemetry RZ For playback

Telemetry RZ For playback

Telemetry 2 lines whose state

I I decodes to l out of

4 bit rates

Starts flare or

maneuver data play-

back

I F,,I .,_,eu._i data

storage - two sets

of lines are re-

quired for the re-

dtmdant function

inputs on the two

MTR units

Five sets of these

lines are required,

in duplicate, from

the five DAE data

sources

Causes the storage

of flare data at high

rate in MTR l or 2

Level

RZ pulse

RZ pulse

RZ pulse

RZ pulse

RZ pulse

RZ pulse [

Playback C &S

Reset playback C&S

control

Reset launch C&S

exercise

Reset playback Command

control

Advance MTR Command

address

Advance MTR input Command

switch

Begin playback Command

PSC exchalage Command

command

MTR launch mode Umbilical

Pulse [ Causes power supply

to switch PSC unit

power

Pulse I Puts PSC launch

exercise control into

launch mode

Jutput I_L _tln_Lt*,,.

I'l:l_ I,:l, k 'l'vlc mt't ry

Data I l'¢'lt mt'tr_

l'[:t\laglt.l, [);it:t 2 It It, lnt,ti_

MTII If)

M lit I'r _'>.>_1, [', l,,m,,tr 5

M lit 1, mp 1, hmCt_ 5

3.I I'll lal_t , ['_ IcluL'try

rll,,li_,rl

S_ itch

P,,siti,m

I)ata (;:,tc I)\l:

D S ()utl_ut

('har;ictt,ristics

1 SqKn:tI [

T_p4, ' .......

NIIZ ()m. ibm hJ <.ach

m,uluk_t,,r unit.

_/Z

:_ Bits I:n_im'_'_'in_ data t,J

[ id_,ntJiy MTi_ playing

\n:ll,,,g _,1 ' •

\na/,,_ I::l_'h MTl/ unit-cngl ¸.

,lal;t

i :l,'l_ MTI{ unit _,n_l ¸.

\nal,,g I:ach MTR unit_t,ngr.

data

2 hits hk'ntifics data scmrce

inl_ut Ic, M'I'I_.

l.¢,v_.l Indi_iduaI lim_s Ii'f_m

7, scit,m'c MTI_ units

t,, data s,,ur_'_,s.

4.2 Mechanical Interfaces. The DSS is

located in Bays 7 and 8.

4.3 Thermal Interfaces. The DSS will re-

quire the dissipation of 36 watts of power

during launch. During orbital operations,

the peak dissipation will be 25 watts while

simultaneously recording and playing back

data. Standby dissipation is 3 watts. The

maximum dissipation in the DSS Power

Supply is 0.5 watts.
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Figure 4-1. Data Storage Subsystem Power Profile

4.4 Umbilical Interface. The DSS will have one direct umbilical connection:

to Launch Mode

Recorder l

4.5 Direct Access Interface. The DSS is provided with direct access points to facilitate

system test. The ac voltage waveform from each motor (8) is brought out on direct access
lines.

5.0 PERFORMANCE PARAMETERS

5.1 Element Performance Parameters. The performance parameters for the MTR units

are given in Table 5-1. The DSS Power Supply performance parameters are given in
Table 5-2.

5.2 Reliability

5.2.1 Component Failure Rates. The failure rates for the major DSS components are
shown in Table 5-3. The failure rates for the CLM and PSC units were computed on the

basis of the number of SIC packages in their construction. The SIC failure rate was taken

to be 0. 005%/103 hours per package in either the operating or nonoperating state. Projected

vendor estimates indicate that a MTBF of 10, 000 hours may be expected for the VOYAGER

TTM. This is a failure rate of 10% per 103 hours, only while operating.
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TABLE 5-1. MTR PERFORMANCE
PARAMETERS

Capncity :

Bit Packing I_,nsity:

Number ,)f Tr:lcks

Data Input:

Dat:l Output:

()utput tiruin_ _t:lhilit_ :

Si'gnul [x'vcls :

"I':qJc St:lrt "lime

"l':q_e Sh,p "l'inlc:

St()p/st:, rt length (X) :

M;iximum Si_4nal (Irop_mt:

Lifetime :

Rcli:d)ility:

} x 10 _ bits of (l:,t:t

ll)Oo bit/inch (p:lrullcl)

15 trncks/1 inch (pur:dh'l)

V:lrious ratcs from (;0 t)ps to 50 kbps

(kh/_e(.)

I I. !):;:; 1/3

:;. 7:;:1 1/3

0.9:_:_ 1/3

";cri:lI XRZ _ith cxtcrnul[y supplied svnc

Svn('hr,mi×:llion to extcrn;d si_n:d to _0.1)l percenl

]_in;iry zero) (I.v _ o.5v

I_in;lr) one 3.5v : 0.Sv

].o .,,ccond ;it Z ips

1.1) second 3t ! ips

I inch

1 x lt):; hits in ] x l(J _ hits

l.l monLhs, 20OO t;ipe p;l:_sc_ in 2200 htmrs ,d

oper:di_m

M'I'IH" ltJ I II_mt'_ 6,pi'l ;itin_)

TABLE 5-2. DSS POWER SUPPLY

SEC TION PERFORMANCE

PARAMETERS

Input:

Outputs :

Filtering:

Regulation :

Reliability :

50v peak-to-peak 2400 cpe 1-phase square wave

+ 3.5 vdc 600 ma (max)

RC Filtering to • lC,_ ripple

No active regulation

- 5% (max) regulation between half and full load

The MTBF exceeds 50,000 hours for full load

operation.

TABLE 5-3. FAILURE RATES

(',m_p,m('nl

PSC Section (10il SIC)

('LM (77 SIC)

TTM

l_t_l" Supply _k'¢tion

PSC l_(_t'i • S_ itch

I";dlu re l¢_ltc

I). 50()¢;/103 hours

9.:;85' /l() 3 h¢)u/-s

lo. ', /I03 h_)urs

O. I r , / I_);; h,mr_

0. O00:_J2 per 5OO ,Jpci':Lti_m_

The failure rate of each power supply is essentially that of the power transformer and RC

filters. Since the rectifier network and the load-sharing networks consist of series parallel

diodes, their failure rate is comparatively negligible. Using the recommended VOYAGER

part failure rates, the power supply total is 0.1% per 103 hours for one unit. The type of

latching relay chosen for the PSC Power Switch has a failure rate of 0. 734 per million

operations. A baseline value of 500 operations was taken for the mission lifetime.

5.2.2 Reliability Model. The reliability model for the chosen DSS configuration is shown

in Figure 5-1 (a). All the elements in the Power and Control section are assumed to operate

for a 5520 hour mission duration {orbit plus 30 days). The MTR units are assumed to operate

360 hours, corresponding to a 50% duty cycle for the 30 days of orbital operations.

Figure 5-1. Data Storage Subsystem

Reliability Models

The model reflects the four way input

selection capability of the high record

rate MTR units and the two way input se-

lection of the low rate units. This par-

ticular organization of the redundancy was

chosen because it matched the recording

capabilities of the MTR units.

MTR channel survival means the survival

of the series CLM, TTM, power, PSC,

and PSC switch blocks {Figure 5-1 (b)).

Subsystem survival is defined as the sur-

vival of one high rate and one low rate data

channel, as well as the Power and Control
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block functions. This meansthat data from all sources can be obtained, although necessarily
on a time shared basis. The probability of this survival is 0. 934for the end of mission.

The choice of the functional redundancymethodof reliability enhancementwas made on the
basis of comparison of performance with a simplex system. Sucha system would have each
MTR associated with only onedata source. In this case, survival of one MTR channel means
the survival of only onedata channel. Comparison of the two systems is summarized in
Table 5-4.

TABLE 5-4. RELIABILITY RESULTS

5:onrt,¢lu nd;mt Ih,dumkmt

(1) I) (Survtvnl ol nil M'I I)_ Ch:H_nL'ls) O. 727 I). (i9_

(2) P (Surviv[l] ot _ paz'ticul:ll" high

data channel) * O. 773 O. _)_;7

(3) I) (Survival cJf a particul;ir 1o_ [

rnte data ch:nlnel) * O. _73 i (). 9(_i

*all data could be record(,d on a time sh:lrcd basis.

Line (1) indicates the relatively small re-

liability increase in a single MTR channel

due to the elimination of the CLM input

selector switch in the simplex system.

Line (2) shows the superiority of the re-

dundant system in maintaining a particular

high data channel operative (all on a time

shared basis). Line (3) indicates the ad-

vantages of the system in maintaining a

particular low rate data channel.

Because of the large size and weight penalties implied by MTR standby redundancy; and be-

cause of the relatively high reliability obtainable with function redundancy, no MTR standby

redundancy was employed.

6.0 PHYSICAL CHARACTERISTICS AND CONSTRAINTS

6.1 Basic Characteristics

6.1.1 Size, Weight and Location. The MTR section of DSS is contained in all of Bays 7 and

8. The packaging configuration for these two bays are shown in Figures 6-1 and 6-2. The

weight and volume of each component of the DSS is listed in Table 6-1.

The volume of the Data Storage equipment in Bay 7 is 1988 cubic inches and the total weight

is 68.6pounds. Data Storage equipment in Bay 8 has a volume of 1988 cubic inches and a

weight of 68.6 pounds.

6.1.2 Packaging. Each of the magnetic tape recorders is enclosed in a cast magnesium

housing. Each casting is pressurized with dry nitrogen to prevent sublimation of lubricants
in the recorder mechanism..

Tape recorder castings and the MTR control enclosure are bolted directly to the thermal

integrating plate of Bays 7 and 8. Thermal control louvers are used to regulate the temp-

erature of the integrating plate. This allows the temperature of the data storage units to be
stabilized within controlled limits.

Integral fittings on the tape recorder housing provide structural support and the inner plate,

shown in Figures 6-1 and 6-2, contain the interconnect wiring and connectors. Intertray con-

nectors are Cannon 50-pin D series; input-output connectors are Bendix type PT07.
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TAPE RECORDER NOI_ _ _ _.

POWER SUPPLY _ _ _ " _\TAPE RECORDER NO 2

Figure 6-1. Electronic Assembly Data Storage, Bay 7
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,CONTROL LOGIC
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_"-TAPE RECORDER NO.5

------TAPE RECORDER NO 6

Figure 6-2. Electronic Assembly Data Storage, Bay 8
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TABLE 6-i. DSS COMPONENTS

WEIGHT/VOLUME

2 - I_C units

b - C I.M units

1 - Rt_Jundant p_Jwcr supply

0 - TTM units

DSS Total

Volume

(in. 3 )

60

90

100

3300

3550

Weight

0b)

1.2

2.2

4

108

115.4

Integrated electronics used in the DSS are

packaged on high density printed circuit

cards. Integrated circuits are attached to

cards with the parallel-gap welding tech-

nique.

6.2 Operational Characteristics

6.2.1 Magnetic Field. The configurations

and materials employed in all DSS com-

ponents are chosen to minimize external

m_gnetic fields, particularly those of low

frequency.

6.2.2 Angular Momentum. The totalangular momentum of the DSS never exceeds 0.35

inch-lb-second with allunits operating at fastest speed.

6.3 Environmental Tolerances

6.3.1 Temperature. All components of the DSS conform to the type acceptance temperature

test except the MTR units. They are limited to a maximum temperature of 70°C.

6.3.2 General. All DSS components meet all environmental requirements set forth in C II

VC220FD103 Component Design Parameters.
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